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PREFACE

On November 28, 1964, Mariner IV was successfully launched on a
trajectory that would take it within 150,000 miles of Mars. On
December 5, 1964, the spacecraft performed a successful midcourse
maneuver, altering its flight path so that it would pass within
6118 miles of the planet. The flight took approximately 7% months,
during which time a great deal of scientific information was gathered
concerning the near-Earth environment and interplanetary space. On
July 14, 1965, Mariner IV photographed the surface of Mars, and
telemetered to Earth the most advanced scientific and technical data
regarding the planet yet recorded.

This volume of the Mariner Mars 1964 Project Report describes the
system- and subsystem-level performance of the Mariner IV spacecraft
from the November 28, 1964 launch through the end of Mission Phase I
on October 1, 1965, and includes discussions of operations planning
and problem investigations performed in support of the Mariner IV
mission.

The Mariner Mars 1964 mission required the use of a great many
new techniques in designing, building, and operating unmanned space-
craft. The success of Mariner IV has made these techniques significant,
particularly in the light of future space programs. It is hoped that the
operations and results documented in this volume will be a useful
reference for those planning future space missions.

W. H. Pickering, Director
Jet Propulsion Laboratory

. JW Assistant Laboratory
Directol ar and Planetary Projects

D. Schneiderman, Project Manager
Mariner Mars 1964
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I. INTRODUCTION

This Report describes Mariner IV spacecraft per-
formance during Mission Phase 1, November 28, 1964
through October 1, 1965. The Report was prepared by
members of the Spacecraft Performance Analysis and
Command Group (SPAC).

SPAC was one of three analysis and command groups
in the Mariner IV space flight organization. SPAC areas
of responsibility included: 1) the determination of space-
craft performance by the analysis of telemetry data;
2) the recommendation of command sequences for the
correction of nonstandard performance or the optimiza-
tion of spacecraft performance; 3) the analysis of flight
spacecraft problems through suitable ground tests of
nonflight spacecraft; and 4) the training of operations
personnel for key events in the spacecraft flight sequence
through problem simulation using nonflight spacecraft
test models.

Two types of information are presented in this docu-
ment: spacecraft-related, and SPAC-related. Sections II
and IIT deal with spacecraft performance from the
system and subsystem points of view. Sections IV and V
describe SPAC organization and planning,

Mariner IV performance is reviewed from the stand-
point of overall system behavior in Section II. Particular

emphasis is placed on the effects of individual sub-
system behavior on overall spacecraft performance, e.g,,
the relationship of attitude control subsystem pitch- and
yaw-axis limit cycles on spacecraft radio-received signal
strength,

In Section III, spacecraft performance is analyzed on
an individual subsystem basis. Each subsystem is de-
scribed in sufficient detail that subsystem performance
data can be easily interpreted. All inflight perfor-
mance anomalies and failures are described in detail.
Finally, recommendations are presented for improvement
in spacecraft equipment and space flight operations
techniques.

SPAC organization and function is described in Sec-
tion IV. SPAC line and flight organizations, operations
philosophy, and interfaces with other organizations
involved in Mariner IV flight support are discussed. An
evaluation of SPAC performance during the mission
presents specific recommendations for increasing SPAC
effectiveness.

Section V presents the planning methods used by
SPAC in preparation for key flight sequence events
such as launch, trajectory-correction maneuver, and
encounter with Mars. The various command sequences
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and spacecraft operating modes proposed during the
flight are discussed in detail and the reasons for selec-
tion or rejection are presented.

Appendixes include: 1) a detailed chronology of sig-
nificant events during Mission Phase 1; 2) graphs of
engineering data received via telemetry; 3) problems

and failures of spacecraft equipment during the mission;
4) detailed descriptions of the mechanization of each of
the commands that could be transmitted to the space-
craft; 5) the test plan used by SPAC in preparation for
Mars encounter; 6) a chart for the conversion of mission
day, day of year, and day of month; and 7) a list of
personnel participating in SPAC activities.

Il. SPACECRAFT PERFORMANCE

A. Mariner IV Description

Mariner IV was one of two spacecraft launched dur-
ing the Mariner Mars 1964 Project. It was one of the
Mariner Mars 1964 design series developed specifically
to provide a Mars flyby mission capability during the
1964 opportunity.

The primary objective of the Mariner 1964 mission
was to conduct close up scientific observations of the
planet Mars and to transmit the results of these obser-
vations back to Earth. Secondary objectives were to
perform certain field and particle measurements in
interplanetary space and in the vicinity of Mars, and
to provide experience and knowledge about the per-
formance of the basic engineering equipment of an
attitude-stabilized spacecraft during a long duration
interplanetary flight farther from the Sun than Earth
orbit.

The Mariner Mars 1964 design (Fig. 1) represented an
extension of the Mariner R (1962 Venus flyby) design
modified to permit flyby missions to Mars and to accom-
modate a complement of scientific instruments appro-
priate to the mission. The Mars flight plan included:

1. Launch by an Atlas/Agena

2. Establishment of a cruise mode

3. Performance of a trajectory-correction maneuver
early in flight, if necessary

4. Gathering of interplanetary data

5. Start of planetary experiments and the gathering of
data about the planet Mars

6. Playback of data acquired during Mars encounter.

Major differences from the Mariner R design reflected
the longer flight time to Mars, a trajectory away from
the Sun, and the steadily decreasing solar energy input
to the spacecraft.

The spacecraft, fully stabilized in attitude, used the
Sun and the star Canopus as references. Cold-gas jets
pointed the spacecraft in all three axes, and external
torques were counteracted in two axes by changing the
aspect of movable solar pressure vanes to the Sun.
Gyroscopes were available for initial Sun and Canopus
acquisition and for inertial control during trajectory
corrections.

The Mariner power subsystem used photovoltaic cells
arranged on panels with a body-fixed orientation for
cruise operations and a rechargeable battery for launch,
trajectory-correction maneuvers, and backup. Power-
conversion equipment delivered regulated, 2.4-kc square
wave, 400-cps ac, and unregulated dc electricity for dis-
tribution to the spacecraft subsystems. A central com-
puter and sequencer (CC&S) provided synchronizing
signals for frequency regulation, and performed the se-
quencing of onboard switching.

The spacecraft guidance subsystem permitted
trajectory-correction maneuvers and the postinjection
propulsion subsystem (PIPS) was capable of executing
two such corrections.

A two-way S-band radio subsystem carried telemetry to
Earth, commands to the spacecraft, and angle-tracking,
doppler and ranging information for orbit determination.
There were two antennas: a low-gain and a fixed, high-
gain; either could be used to transmit or receive. Switch-
ing between antennas could be performed by onboard
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Fig. 1. Mariner Mars 1964 spacecraft viewed from above

logic or by ground command. The command subsystem
detected and decoded incoming command messages and
passed them to the various onboard equipment.

Two types of commands were used: 1) Direct Com-
mands (DCs), which resulted in direct action by the
receiving subsystem; and 2) Quantitative Commands
(QCs), which were transferred to the CC&S and stored
for later use. A data encoder subsystem formatted, se-
quenced, and when needed, provided analog-to-digital
conversion of the telemetry data.

The spacecraft carried a number of scientific instru-
ments to measure fields and particles between Earth and
Mars and in the vicinity of Mars; they included:

1. Cosmic ray telescope
. Cosmic dust detector
. Trapped radiation detector

2
3
4. ITonization chamber
5. Plasma probe

6

. Magnetometer

A data automation subsystem (DAS) furnished control
and synchronization, performed necessary data conver-
sions and encoding functions, and buffered the science
data, transmitting it to the data encoder at the various
appropriate rates and times.

For the planetary encounter the spacecraft was
equipped with: 1) a television camera, Fig. 2; 2) a scan
platform to properly orient the camera; 3) a video stor-
age subsystem; and 4) nonreal time (NRT) data-handling
electronics for the television data.

B. Nominal Flight Sequence

One of the most significant features of the Mariner
Mars 1964 spacecraft design was the concept of a space-
craft which, although fully commandable from the
ground, could complete its entire mission from launch
to end of mission without ground-based intervention or
support (except for the trajectory-correction maneuver).
This design feature allowed avoidance of complete de-
pendency on the command link but, at the same time,
provided the capability to control the mission and alter
the nominal flight sequence by ground-command action,
if necessary.
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Fig. 2. Mariner Mars 1964 spacecraft viewed from below

Table 1 provides the nominal flight sequence adopted
for Mariner IV before its launch. In general, the flight
sequence adopted before launch was followed; however,
many of the onboard encounter events were preempted
by ground command to allow the CC&S- or the sensor-
initiated events to serve as backup functions.

C. Mariner IV Performance

The Mariner IV spacecraft was launched from the Air
Force Eastern Test Range (AFETR) at Cape Kennedy,
Florida, on November 28, 1964 (the 333d day of the yr);
it was the second of two spacecraft scheduled by the
National Aeronautics and Space Administration (NASA)
for the 1964-85 Mars opportunity. From launch until the
nominal end of mission on October 1, 1965, the perfor-
mance of the spacecraft was excellent. The interplanetary
cruise portion of the mission yielded a vast amount of
useful scientific and engineering data, and during the
planetary encounter phase, all primary mission objectives
were met successfully. On October 1, 1965, the space-
craft was still performing well after more than 7300 hr
of flight. At this time, the combination of high-gain
antenna pointing errors and excessive Earth-probe range
exceeded the limits required for obtaining useful teleme-
try data, so the spacecraft transmitter was commanded to
switch from the high-gain antenna to the low-gain an-
tenna. This configuration permitted the Deep Space Net-

4

work (DSN) to track the spacecraft signals periodically,
and should permit the reacquisition of telemetry data if
the spacecraft is still operating when the Earth-probe
range has again diminished to an acceptable value. This
possibility is enhanced by the fact that throughout mission
Phase I, all engineering subsystems operated normally,
without any discernible degradation in performance.

The nominal flight sequence of events for the Mariner
spacecraft was designed to be totally automatic, requir-
ing no action from the ground for a normal flight. Such
a design relieved the mission from any dependence upon
the ground-to-spacecraft communication link (uplink)
provided that the CC&S operated correctly. The ground
command function would be necessary to the success of
the mission only if the CC&S were to fail. This was the
cornerstone of the functional redundancy philosophy
employed in the Mariner design which provided for
independent and physically different means of perform-
ing all critical functions. When both means are available,
as was the case in the Mariner IV mission, a strict reli-
ance upon the onboard functional branch may lead to a
flight sequence which is less than optimum. This proved
true in a number of cases during the flight, with the
result that thc nominal sequence was preempted or
modified at those times when it was advantageous to do-
so. The major departures from the nominal sequence of
events are shown in Table 2.




Table 1. Flight sequence adopted before launch
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No. Event Time Source Destination Comments
1 Verify number of encounter update T — 15 min Launch complex CC&S Number of pulses inserted determines
pulses to be inserted at T — 7 min equipment (LCE) time from launch to CC&S command
MT-7, which must vary with trajectory
flight time.
2 Switch to internal power T = 7 min LCE Power
3 Clear counters and insert encounter T = 7 min LCE ccas
update pulses
4 Release LCE relay hold T~ 5 min LCE Cccas
5 Switch video storage to launch mode T = 4 min LCE Video storage Monitor data der Ch | 221
(maneuver booster-regulator output
current) to determine if the video
storage subsystem is in the launch mode.
[ Release CC&S real-time inhibit T — 3 min LCE CCc&s
7 Clear relay release Event 6 + 120 sec
8 Lift-off T=0 Event Provided Event 7 occurs within
tolerance relative to Event 6.
9 Spacecraft injection 1(T + 29.2 to 48.0 Event—Agena D
min)
10 Spacecraft separation S =1+ 2.6 min Agena D—fimer
a. Radio power up and turn on cruise Inflight disconnect | Power
science connector
b. Remove relay hold and enable CC&S Inflight disconnect | CC&S
connector
¢. End video storage subsystem launch | S + 0 to 5 min Inflight disconnect | Video storage | This signal is NAND with the first
mode connector end-of-tape signal after separation and
switches the video storage tape recorder
motor to 400cps, single-phase power
for the rest of the flight.
d. Remove plasma 10-kv inhibit Inflight disconnect | Plasma probe This will allow the plasma probe to
connector supply 10 kv to its sensor.
e. Arm pyrotechnics Pyrotechnics arming | Pyrotechnics This switch wired in parallel with
switch (PAS) separation-initiated timer (SIT) for
redundancy.
f. Agena isolation amplifier turned off PAS Data encoder
g. Turn on attitude control subsystem PAS Attitude control | Initiate Sun acquisition. Roll spacecraft
to calibrate magnetometer.
h. Separation-initiated timer activated
n Arm pyrotechnics S + 30 * 20 sec SIT Pyrotechnics See comment 10 e, above.
12 Deploy solar panels and solar pressure | Event 11 + 160 + 80| SIT
vanes. Unlatch scan platform. sec |
13 Deploy solar panels and solar pressure | T + 53 min CC&S L-1 Backup to Event 12.
vanes. Unlatch scan platform.
14 Turn on aftitude control subsystem T + 57 min CC&S L-2 Attitude control | Backup to Event 10 g. Backup: DC-13.
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Table 1. Flight sequence adopted before launch (cont'd)
No. Event Time Source Destination Comments
15 Sun acquisition complete Event 12 0or 13 + 0 1f DC-13 was used to turn on aftitude
to 20 min control, Canopus acquisition will begin
at Event 15.
16 Turn on solar pressure vanes and Canopus| T + 997 min CC&S L-3 Attitude control | Backup: DC-13. Inhibit magnetometer
sensor. Initiate roll search about the calibration roll signal.
spacecraft Z axis.
17 Canopus acquisition complete Event 16 + 0 to 60 (This is at 0.1 deg/sec).
min
18 Pitch turn duration and polarity T + 2 1o 10 days QC-1-1 CCas
19 Roll turn duration polarity T + 2 to 10 days QC-1-2 ccas
20 PIPS burn duration T + 2 to 10 days QCa13 CCas
21 Arm first trajectory-correction maneuver | M — 10 min DC-29 Pyrotechnics This will ensure that the PIPS transfer
relays are in the proper state for first
maneuver.
22 Remove propulsion inhibit M — 5 min DC-14 Pyrotechnics This will ensure that the pyrotechnic
relays are not inhibited.
23 Initiate maneuver sequence M DC-27 CCas
24 Maneuver sequence start M+0
a. Turn on gyro cones for warmup CC&S M-1 Attitude control
b. Switch to Data Mode 1 Attitude control Data encoder Backup: DC-1.
25 Begin maneuver M + 59 to 60 min CC&S M-2 Attitude control
a. Spacecraft to inertial control (all axes).
Autopilot on. Canopus sensor off.
b. Set turn polarity CC&S M3 or M3*
CC&S M4
c. Start pitch turn CCaS M4
26 a. Stop pitch turn Event25 + 1101319 | CC&S M4 Magnitude inserted by QC-1-1 prior to
sec (1-sec resolution) maneuver start. (1000 sec equals 180-deg
turn).
b. Reset turn polarity ccas M3
27 a. Set turn polarity Event 25 + 22 min CC&S M-3 or M3
b. Start roll turn CC&S M-5
28 | a. Stop roll turn Event 27 + 110 1319 | CC&S M5 Magnitude inserted by QC-1-2 prior to
sec (1-sec resolution) maneuver start. (1000 sec equals 180 deg
turn).
b. Reset turn polarity CCa&S M3
29 Ignite PIPS motor Event 25 + 44 min CC&S M-6 Pyrotechnics Relay pulsed.
30 Stop PIPS motor Event 28 + 0.080 to | CCAS M-7 Pyrotechnics Relay pulsed. Magnitude inserted by
102,360 sec (0.040- QC-1-3 prior to maneuver start.
to 0.080-sec resolu-
tion)
aBar over symbol is convention indicating opposite functi




Table 1. Flight sequence adopted before launch (cont’d)
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No. Event Time Source Destination Comments
31 a. Co e automatic reacquisition of | Event 25 + 50 min | CC&S M-1 and Attitude control | If CC&S L-3 has failed to operate in
references CC&S M-2 Event 15, the Canopus sensor and solar
pressure vanes will be turned off by this
signal. This condition can be corrected
by sending DC-13.
b. Switch to Data Mode 2 Attitude control Data encoder Backup: DC-2.
32 Sun acquisition complete Event 31 + 0 to 20
min
33 Canopus acquisition complete Event 32 + 0 to 60
min
34 Turn off maneuver counter Event 25 + 139 min | CC&S ccas Internal function to CC&S which
permits subsequent maneuver to be
executed,
35 Complete tracking and send trajectory If a d trajectory-correcti
commands for second trajectory- maneuver is required.
correction maneuver
36 Perform Events 18, 19, and 20
37 Arm second maneuver M = 10 min DC-23 Pyrotechnics This will ensure that the PIPS transfer
relays are in the proper state for second
maneuver.
38 Perform Events 22 through 34
39 Switch bit rate to 81 bits/sec E — 192 days CC&S MT-6 Data encoder Backup: DC-5.
40 Set Canopus sensor cone angle No. 1 E — 137 days CC&S MT-1 Attitude control | Backup: DC-17.
41 Transmit via high-gain antenna; receive | E — 131 days CC&S MT-5 Radio Backup: DC-10.
via low-gain antenna.
42 Set Canopus sensor cone angle No. 2 E — 103 days CC&S MT-2 Attitude control | Backup: DC-17.
43 Set Canopus sensor cone angle No. 3 E — 68 days CC&S MT-3 Backup: DC-17.
44 Set Canopus sensor cone angle No. 4 E — 30 days CC&S MT4 Backup: DC-17.
Begin encounter sequence
45 Turn on encounter science E — 6% hr (nominal) | CC&S Power Backup: DC-25.
The Television subsystem (TV),
nonreal time (NRT) DAS, scan
subsystem, and video storage subsystem
receive power and cyclic encounter
science sequencing begins. The record-
ing sequence is inhibited. The scan
subsystem begins rotating the platform
from limit to limit. Actual fime of this
event will be between E — 62 and
E —~ 10 hr.
Science instrument cover removed Pyrotechnics
a. Turn off battery charger Power Power
b. Turn on video storage Power Video storage
46 Wide-angle acquisition (WAA) E — 4 hr (approx) Scan DAS The scan subsystem acquires the planet

and begins tracking.
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Table 1. Flight sequence adopted before launch (cont'd)

Event

Time

Source

Destination

Comments

47

48

49

50

51

52

53

Switch to Data Mode 3

Narrow-angle acquisition (NAA)

Inhibit scan platform motion

Begin recording

Start video storage tape recorder

End of tape in the video storage

Closest approach to Mars

a. Switch to Data Mode 2

b. Inhibit further start tape commands
to video storage

Mariner occulation by Mars

Radio signal reacquired

Switch off encounter science
Begin video storage playback
a. Switch to Data Mode 4

b. Switch off cruise science instruments

E—80toE— 35

Event 47 + 60 to 204
sec

Event 48 + 22.8 min

E+ 1todhr

Event 51 + 0.5 t0 2
hr

Event 45 4 13% hr

Event 53 + 6% hr

DAS

TV and/or narrow
angle Mars gate

DAS

DAS

Video storage

Trajectory

Video storage

DAS

DAS

Trajectory

Trajectory

CC&S MT-8

CC&S MT-9

Data encoder

Data encoder

DAS

Scan

Video storage

Video storage

DAS

Data encoder

DAS

Power

Data encoder

Power

Backup: DC3.

After Data Mode 3 is established scan
subsystem, TV and DAS engineering
data and additional cruise science data
are transmitted in real time. No data are
recorded at this time.

Backup: DC-16.

Signals from the TV and/or narrow-
angle Mars gate (NAMG) indicate
when their view is on the planet.

Removes 400-cps power from scan
actuator.
Emergency Backup: DC-24.

In addition to TV pictures, all real-
time data are recorded.

Video storage start delayed until TV is
prepared to take picture.

Video storage will stop itself and
inhibit further start commands from
the DAS.

Indicates when the video storage tape is
full.

Backup: a. DC-2,
b. Internal signal at Event
48 + 25.2 min.

The DAS start fape commands to video
storage are permanently inhibited after
the first end-of-tape signal to DAS
signal which follows the initiation of
Picture 18. An internal DAS function
inhibits further DAS start tape com-
mands after Picture 22 (Event 48
+25.2 min). This is a backup to first
part of Event 49 performed in video
storage.

During the last few minutes preceeding
the occulation, the radio signals trans-
mitted between the spacecraft and
DSIF will refract through the atmos-
phere of Mars.

Spacecraft emerges from behind Mars.

Backup: DC-26.

Backup: DC-4.




JPL TECHNICAL REPORT NO. 32-882

Table 1. Flight sequence adopted before launch (cont'd)

No. Event Time Source Destination Comments

55 Video storage switch from the first track |Event 54 plus 112 £ | End of tape loop in | Video storage Backup: DC-22,

to the second track 3 hr video storage
56 Switch to Data Mode 2 DC-2 Data encoder Optional after receiving all the
recorded data desired.
Turn on cruise science instruments Power
Table 2. Major deviations from the nominal Table 3. Mariner IV sequence of events
flight sequence
Date Time, GMT Event
No. Deviation
November 28, 1964 | 14:22:01 | Liftoff.

! The spacecraft tr itter was switched via ground command 15:07:09 | RF power up, cruise science on, plasma
from the triode cavity amplifier used at launch to the traveling- probe high-voltage on, video storage
wave tube (TWT) amplifier to avoid transmitter degradation taunch mode off, CCAS relay hold off,
problems inherent in the cavity amplifier. Agena Channel F telemetry off.

2 The Canopus sensor brightness gate logic was disabled via ground 15:07:10 | Pyrotechnics armed, separation-
command to eliminate spurious gate violations thought to result initiated fimer (SIT) started, isolation
from illuminated dust particles in the sensor field of view. amplifier for Agena Channel F telem-

3 An early encounter seq e was ¢ ded during cruise to etry disabled, attitude control on.
deploy the science instrument cover in order to remove depen- 15:10:10 | Solar panels deployed and scan plat-
dence upon ground commands at encounter and to position form unlatched via SIT.
the scan platform to the optimum position as a protection
against failure, 15:15:00 | CC&S L-1 event (deploy solar panels);

no action, preempted by SIT.

4 The planetary encounter sequence was modified by ground
command to provide the maximum in backup capability for all 15:19:00 | CC&S L-2 event (turn on attitude
critical functions. control); no action, preempted by PAS.

5 A second encounter sequence was commanded in order to obtain * 15:30:57 | Sun acquisition complete, start of
calibration data for the television electronics. magnetometer calibrate roll.

é Maneuver-inhibit commands were inserted into the spacecraft 29 06:59:00 | CC&S L-3 event (transfer solar pressure
after encounter as a means of providing protection against an vanes from erect to operate and turn
inadvertent trajectory-correction maneuver. on Canopus sensor); spacecraft into

roll search.

7 The spacecraft receiver was maintained on the low-gain antenna
for the entire mission after it was verified that command capa- 30 11:02:47 | Gyroscopes off, spacecraft roll
bility via the low-gain antenna existed for nearly all of the acquired the star Canopus after three
mission due to an interferometer effect between the two roll override commands (DC-21).
antennas. December 4 14:35:00 | Trajectory-correction maneuver

¢ initiated (DC-27).
Table 3 provides a chronological sequence of events 14:47:31 | DC-13 (inhibit maneuver) transmitted
duri the Mari IV missi tarti ith liftoff d following loss of roll acquisition.
urlng - € flrlner mission, star ng wi 1Ito al'.l Maneuver attempt cancelled. Roll
concluding with the transfer of the spacecraft transmit- override commands were transmitted
ter to the low-gain antenna on October 1, 1965. later and Canopus reacquired.
5 14:25:00 | Trajectory<orrection maneuver
Although spacecraft performance was generally excel- inifiated (DC.27).
lent, the Mariner IV mission was not without incident.
. o . . 16:09:11 | Start of PIPS motor burn.
Several design deficiencies became apparent, unexpected
environmental effects invalidated the automatic reacqui- 16:58:19 | Reacquisition of Sun and Canopus
sition features in the Canopus sensor logic, and a complete. One :’" override command
. pe DC-21 ired.
number of spacecraft performance characteristics were ¢ ) require
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Table 3. Mariner IV sequence of events (cont'd)

Time, GMT

Event

December 6, 1964

13

17

Janvary 3,1965

February 11

February 27

March 5

April 2

May 7

June 14, 1965

July 14

00:00

12:29:41

14:09:00

16:06:22

17:30:00

16:59:54

06:54:43

17:02:19

13:12:37

14:25:15

17:27:25

15:51:45

14:27:55

15:41:49

17:10:18

Plasma probe experiment began to
return abnormal data.

Canopus acquisition lost, spacecraft in
roll search until acquisition of star
Y Velorum.

DC-7 (switch power amplifiers)
transmitted. TWT into 90 sec warmup;
then standard mode at 40.2 dbm
output,

Canopus reacquired. One roll override
(DC-21) required.

DC-15 (Canopus gate override)
transmitted.

CC&S MT-6 (switch bit rates)
transferred telemetry rate to
8% bits/sec.

DC-25 (encounter science on)
transmitted. Spacecraft encounter
science on, science instrument cover
deployed, scan platform started, battery
charger off, boost mode enabled. Sub-
quent ds turned 1

science off and reconfigured the space-
craft to cruise with science instrument
cover deployed, battery charger off,
and boost mode enabled.

CC&S MT-1 (Canopus sensor cone-
angle update) switched the sensor cone
angle from 100.2 deg to 95.7 deg.

CC&S MT-5 (transfer spacecraft trans-
mitter to high-gain antenna).

CCA&S MT-2 (Canopus sensor cone-
angle update) switched the sensor cone
angle from 95.7 deg to 91.1 deg.

CC&S MT-3 (Canopus sensor cone-
angle update) switched the sensor cone
angle from 91.1 deg to 86.5 deg.

CC&S MT-4 (Canopus sensor cone-
angle update) switched the sensor cone
angle from 86.5 deg to 82 deg.

DC-25 (encounter science on) trans-
mitted. Encounter science turned on
and scan platform started upon
command receipt at spacecraft.

CC&S MT-7; no action, preempted by
DC-25.

DC-24 (inhibit scan) transmitted. Scan
platform stopped with television
camera at 178.45-deg clock angle upon
receipt at spacecraft.

Date

Time, GMT

Event

July 14, 1965

15

August 3

26

27

30

31

September 1

October 1

22:10:29

23:42:00

00:17:21

00:31:42

05:01:49

11:41:50

03:20:33

21:06:52

19:40:00

20:30:00

23:35:26

01:25:00

06:29:00

21:30:17

DC-3 (transfer data encoder to Mode 3)
transmitted.

WAA at spacecraft. No action,
preempted by DC-24, DC-3.

NAA at spacecraft. Television
recording sequence started.

DC-26 (all science off) transmitted. All
science was switched off upon com-
mand receipt at the spacecraft.

A subsequent DC-2 command turned
cruise science on again.

CC&S MT-8; no action, preempted by
DC-26.

CC&S MT-9; cruise science turned off,
video storage in playback mode, and
data encoder transferred to Mode 4.

DC-2 (transfer data encoder to Mode 2
and turn on cruise science) transmitted.
Previous commands turned off video
storage playback power and turned off
the battery charger.

DC-13 (inhibit maneuver) transmitted.
Minimum turn and motor burn dura-
tion commands also sent to provide
maximum failure protection.

DC-17 (Canopus sensor cone-angle
update) transmitted. Switched the

sensor cone angle from 82 deg to

77.7 deg.

DC-25 (encounter science on) trans-
mitted. Encounter science turned on,
scan platform started upon receipt of
command at spacecraft.

DC-16 (NAA) transmitted. Started
television recording sequence for haze
calibration.

DC-4 (all science off, transfer data
encoder to Mode 4) transmitted. Video
storage playback of haze calibration
data started.

DC-2 (cruise science on, transfer data
encoder to Mode 2) transmitted.
Previous commands turned off video
storage playback power and turned off
the battery charger.

DC-12 (switch receiver and transmitter
to low-gain antenna) transmitted.
End of Mission Phase |.

10
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discovered in flight which had not been observed in
prelaunch testing. In addition, failures occurred in two
of the scientific instruments carried aboard Mariner IV.
One of these, traced to the failure of an incorrectly-
mounted resistor, caused a partial loss of useful data
from the plasma probe. The other, involving the unex-
plained failure of the Geiger-Miiller (GM) tube asso-
ciated with the ion-chamber experiment, eventually led
to the short circuiting of a power supply and the loss of
all ion-chamber data. Table 4 presents a summary of the
problems and unexpected performance characteristics
which were encountered during the mission. A Problem/

Table 4. Spacecraft problems during mission

No. Problem
1 The solar pressure vanes failed to deploy to the proper positions.
2 An electrical lockout caused one set of solar pressure vanes to fail

in the adaptive mode.

3 Periodic violations of the Canopus sensor brightness gates,
possibly by illuminated dust particles in the sensor field of view,
caused losses of roll acquisition in the standard, automatic roll
control mode.

4 A calibration error in prelaunch space-simulator testing resulted
in spacecraft temperatures which were generally lower than
expected.

5 Failure of a bleeder resistor in the plasma probe experiment

caused a partial loss of data for the major part of the mission.

é Failure of a GM tube induced a power supply failure in the ion
chamber experiment, causing the loss of all data from that
experiment.

7 A larger than anticipated radio-frequency (RF) interference effect
between the high-gain and low-gain antennas was experienced
during the later portions of the mission.

8 Transient effects in the operation of the atfitude control gas
valves resulted in minimum impulses in excess of design values.

9 Large, unexpected variations were present from time o fime in
the radio TWT helix current.

10 Voltage supply loading changes associated with the antenna
switching logic produced spacecraft transmitter frequency
changes.

1 Battery voltage exceeded design limits.

12 During the planetary encounter, it was discovered that an

unexpected logic state during the recording of television
Picture 22 prevented the automatic transfer of the data encoder
to Mode 2 upon receipt of the second end-of-tape signal.

13 During postencounter cruise, the cosmic-dust detector
instrument began exhibiting anomalous behavior.

Failure Report (P/FR) was initiated for each problem
that was observed.

These problems and performance characteristics were
primarily concerned with individual subsystems, and are
described in detail in the subsystem sections of this
Report. Many of them during the flight had a pro-
nounced effect upon the systems aspect of the flight
operation, and caused some modification to the flight op-
erations philosophy. The following material is presented
in an attempt to provide some perspective into the
Mariner IV mission from an overall systems point of view.

1. Launch-to-Canopus Acquisition

Launch was accomplished on November 28, 1964, at
14:22:01 GMT after a flawless countdown. Both Atlas
and Agena performed well, injecting the spacecraft on a
trajectory well within launch tolerances. The Deep Space
Instrumentation Facility (DSIF) at Cape Kennedy,
Florida (DSIF 71), was able to track the spacecraft until
approximately launch plus 7 min. At the nominal time
for shroud ejection, the received carrier power from the
spacecraft iricreased by about 15 db, indicating shroud
ejection. Shortly afterward, the spacecraft telemetry con-
tirmed that the solar panels were reacting to sunlight.
When DSIF 41 (Woomera, Australia) acquired the
spacecraft, the data encoder event channels had changed
from a reading (octal) of 6 31 1 to 0 4 4 3, indicating
that all separation functions had occurred normally; i.e.,
pyrotechnics was armed, pyrotechnics current flowed in
A and B channels, the planetary scan platform was un-
latched, all four solar panels were deployed, cruise
science was turned on, and the radio power was switched
to the high-power mode.

At 15:15:05 GMT, telemetry showed an event counter
reading of 1 5 5 3, indicating that CC&S event L-1 had
occurred on time. In addition to the Counter 2 event
expected at L-1, events were also observed in Counters 1
and 3. Inasmuch as the number of event-register
changes prior to L-1 indicated the proper deploy-
ment of the solar panels, it was concluded that the
extra events were the result of pyrotechnics current in
both channels A and B. This would be possible if the
solar panel pinpullers had shorted after they were fired,
a distinct possibility confirmed both by ground tests and
by Mariner III flight data (where one extra pyrotechnics
current event was observed). The CC&S L-2 event
occurred normally, backing up the already completed
Agena separation function of turning on the attitude

'Also see Appendix C.
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control Sun sensors and acquisition logic. Sun acquisi-
tion was completed at 15:31:04 GMT, and the spacecraft
went into a programmed roll to furnish calibration data
for the magnetometer.

The first data samples of the solar pressure vane posi-
tion telemetry after solar panel deployment indicated that
all four vanes had been deployed successfully, but that all
four vanes had traveled so far past the nominal angle
that they were much nearer than expected to the plane
of the solar panels. Despite the overshoot upon deploy-
ment, the center of pressure of the spacecraft remained
behind the center of gravity. Thus the effect of the solar
pressure vanes upon the control of spacecraft attitude
was stable, rather than regeneratively unstable. While
such an effect was of second order, the tendency was to
conserve attitude control gas rather than to increase its
expenditure.

At about 1659 GMT the first of a number of data
encoder position skips and deck resets in the telemetry
commutation cycle was observed. Abnormal indications
from the plasma probe and the cosmic-dust detector
coincided with the skips. The plasma probe failed to
receive some of its normal stepping pulses, and the
cosmic-dust detector showed spurious hit indications,
both of which are phenomena associated in prelaunch
testing with electrical transients on board the spacecraft.
The anomalies continued for 23 min, after which the
spacecraft returned to normal operation. Subsequent
analysis of the spacecraft telemetry data showed no
evidence of any performance degradation of the data
encoder, the plasma probe, or the cosmic-dust detector
which could be attributable to, or be the cause of this
transient behavior. Although an acceptable hypothesis
had been advanced, the phenomenon remains unex-
plained because verification was not possible. A second
period of commutator position skipping, deck resets,
anomalous plasma probe readings and cosmic-dust de-
tector data occurred on December 6, 1964, when the
plasma probe began to show a degradation in perfor-
mance. This period also indicated symptoms of abnor-
mal electrical transients on board the spacecraft, but,
beyond this similarity, there was no correlation between
the two events. It has since been established that the
second period of transient activity was the direct result
of a gradual piece-part failure in the plasma probe, and
that once the part had completely failed, no further
effect was observable in the remainder of the spacecraft.

On November 29, 1964, at 06:59:03 GMT, the CC&S
L-3 event was observed in the data. The Canopus sensor

12

telemetry confirmed that it was powered, and the space-
craft went into a normal roll search. Before launch a
standard sequence of events during Canopus acquisition
had been formulated, because it was anticipated that
star identification might pose a serious problem, and
because the celestial geometry near launch made it prob-
able that the first star acquired would not be Canopus.
The sequence adopted involved allowing the spacecraft
to acquire any object that fulfilled the Canopus sensor
brightness logic intensity requirements and to become
roll stabilized to that star. All data which might provide
evidence as to the roll orientation of the spacecraft
would then be gathered and evaluated. Based on this
evaluation, a recommendation for any command action
would be formulated, and then implemented during the
next DSIF 11 (Pioneer site, Goldstone, Calif) pass.

An acquirable object entered the Canopus sensor field
of view after approximately 60.5 deg of roll search, was
acquired, and the gyros were turned off by the acquisi-
tion logic. A review of the telemetry immediately indi-
cated that the star acquired was not Canopus. Although
tentatively identified as the star Markab, later analysis
showed that the sensor actually had made a false acqui-
sition on Earthlight reflected into the sensor optics. Re-
view of the telemetered light intensity data from the
sensor showed that the background intensity due to
Earthlight was much higher than anticipated, leading to
the possibility that a relatively dim star, normally much
below the sensor acquisition level might, in fact, ride high
enough above the background to become acquirable. As
a result, the recommendation for command action was
postponed until early in the next DSIF 11 pass when:
1) a more complete analysis of the data would be avail-
able, and 2) increasing Earth range reduced the Earth-
light background.

Later, on November 29, 1964, at 13:12:57 GMT, data
indicated that the gyros had turned on and the space-
craft was in roll search in its automatic reacquisition
mode. At approximately 1326 GMT, an acquirable object
entered the Canopus sensor field of view and the gyros
were automatically turned off at 13:29:15 GMT. Teleme-
try indicated that the star acquired was approximately
one-quarter of the expected Canopus brightness. A re-
view of all data gathered from the L-3 event to this
acquisition showed that the star intensity map obtained
during the automatic reacquisition did not correlate with
that expected for a search beginning at Markab, and that
the roll-axis control during the first acquisition appeared
much noisier than during the second. These facts led
to the hypothesis that the first object acquired was a
cluster of stars whose brightness was augmented by the
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};igh background light from the Earth, and that the space-
craft had actually been drifting in roll in response to a
very noisy input illumination to the sensor.,

At this point it was decided to proceed with the
Canopus acquisition via ground command from DSIF 11.
The first roll override command (DC-21) was transmit-
ted to the spacecraft and verified in the telemetry at
09:14:13 GMT on November 30, 1964. The gyros turned
on and the spacecraft went into a normal roll search.
After nearly 60 deg of roll, another star was acquired.
An examination of the star intensity map for this search
showed an almost absolute correlation with the a priori
map of the sector between the star Regulus and the
star Naos. With this first positive indication of the space-
craft roll orientation, the decision was made to continue
with Canopus acquisition. A second DC-21 moved the
roll reference to the star y Velorum. The final DC-21
resulted in Canopus acquisition and the initiation of the
pretrajectory correction cruise phase of the mission.

2. Pretrajectory-Correction Cruise

For the most part, this portion of the early flight was
without incident, except for two roll-control transients,
one of which caused a momentary loss of Canopus acqui-
sition. The first transient occurred on November 30, at
1341 GMT, when the telemetry indicated an abrupt
change in the roll error signal followed by a rapid
excursion from one side of the roll deadband to the
other. Some effect in the pitch and yaw axes was also
noted. Examination of the telemetry data yielded no
correlation with any spacecraft function or event and
the transient was attributed to either noise within the
attitude control subsystem or to some causal agency
external to the spacecraft. The second roll transient,
which occurred on December 2, 1964, at 10:09:00 GMT,
was the first one which demonstrated all of the charac-
teristics which later became associated with a specific
type of repeated roll transient. Canopus brightness had
been consistently indicating 100% of the expected
Canopus intensity. Suddenly, for one sample, the bright-
ness went to 130% of expected intensity, and, in the
same frame of data, a roll error signal significantly less
than the error corresponding to the lower edge of the
roll deadband was observed. In the next engineering
data frame, 12.6 sec later, Canopus brightness had
dropped to 50% of the expected intensity, the roll error
signal was larger than the high edge of the roll dead-
band, and the gyros had turned on. Reacquisition oc-
curred almost immediately, and the gyros turned off
after a total on time of 207.5 =+ 3.4 sec. Analysis of the
data indicated that all of the roll-position errors ob-

served could not be valid, inasmuch as the spacecraft
dynamic response would not be fast enough to provide
either the initial large negative error or the subsequent
recovery. The problem, at that time, remained unex-
plained, although all indications were that the spacecraft
had tracked a very bright object which had passed
through the field of view of the sensor.

As the spacecraft temperatures began to stabilize after
Canopus acquisition, it began to appear that the stabili-
zation point would be from 6°F to 10°F colder than the
nominal temperatures predicted for the near-Earth por-
tion of the flight. However, spacecraft temperatures
were within the preflight estimated tolerances. A review
of the thermal control activities prior to launch indicated
that a possible source of error in the final determination
of spacecraft thermal properties was the calibration of
the solar simulator during Mariner tests in the 25-ft
space simulator. Investigation showed that the calibra-
tion was incorrect, but that the error was linear in
nature, so that while the percentage error would remain
constant with decreasing solar input to the spacecraft
as it approached Mars, the absolute error would de-
crease, causing actual temperatures to converge with the
prelaunch predictions. As predicted, spacecraft thermal
control remained very good throughout the flight.

Midway through November 30, 1964, the Earth de-
tector output became unsaturated somewhat earlier than
expected. Because of the additional confidence in the
determination of roll orientation afforded by the Earth
detector, it was recommended that the trajectory-
correction maneuver be performed as early as possible,
all other things being equal. A thorough evaluation of
the information at hand indicated that the optimum date
for the first trajectory correction attempt would be on
December 4, 1964 during the DSIF 11 pass, with Decem-
ber 5 and 6 as alternates.

3. Trajectory-Correction Maneuver

On December 4, 1964 an attempt to correct the tra-
jectory of the spacecraft was initiated. The maneuver
sequence was terminated before the trajectory correction
was accomplished because of an unexpected loss of roll
attitude shortly after maneuver sequence initiation. On
the following day, December 5, another maneuver was
attempted and successfully completed.

About 50 sec after the first maneuver sequence was
initiated on the spacecraft, the spacecraft dropped lock
on Canopus and went into a roll-search mode, searching
for another acquirable object. A DC-13 was transmitted
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to the spacecraft to abort the maneuver because it had
been determined that there was insufficient time to re-
acquire Canopus with successive DC-21s before the
CC&S initiated the pitch-turn maneuver. After maneu-
ver abortion, the spacecraft maneuver clock responded
properly to the quantitative commands that had been
stored in the onboard logic, demonstrating that the
affected subsystems would respond properly during
the next maneuver attempt.

The second maneuver attempt was performed on
December 5, 1964 after a satisfactory sequence of events
and procedures, that would prevent a recurrence of roll
search during the maneuver, was developed. The plan
that was adopted used a spacecraft design feature that
allowed the stopping of spacecraft roll search and the
reestablishment of the correct roll attitude without roll-
ing the spacecraft through almost 360 deg of arc. The
spacecraft roll gyro would be placed in the inertial (rate-
integrating) mode via DC-18 to freeze its position in
inertial space, and then the spacecraft would be backed
up with successive DC-18s until the Canopus sensor
plane was properly oriented. Roll attitude would then
be referenced to Canopus again using a DC-19.

Table 5 lists the DC-18 maneuver sequence available
for use during the second midcourse maneuver attempt.
The sequence incorporated Space Flight Operations

Table 5. Tentative DC-18 trajectory-correction
maneuver sequence

Time Event

M — 5 min DC-27 execution and time of execution is requested.
The DC-27 time of execution is to be based on an
estimated zero-roll error crossing at 1435 GMT + 15
min. The preferred slope of the error-signal-vs-time
plot is negative, i.e., the direction of roll should be
away from the limit at which spacecraft roll attitude

was lost during the first maneuver attempt.

M=0 DC-27 executed by spacecraft.

M + 1 min Automatically load DC-18 into ground command
operational support equipment (OSE).

M + 36.5 min| Latest time that an indicated roll search can be
corrected.

M + 37 min Latest time that DC-18 No. 1 can be transmitted from
DSIF 11. If no DC-18’s have been transmitted by this
time, remove DC-18 from ground command OSE and
insert DC-13.

M + 54 min Latest time for Canopus acquisition/reacquisition

confirmation. Load DC-13 into ground command OSE.
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(SFO)-based constraints needed because of the special
sequence execution conditions.?

The second midcourse maneuver was initiated at
1425 GMT and successfully completed. Canopus acqui-
sition was maintained until the inertial control mode was
established at M + 60 min, making the use of DC-18 or
DC-13 unnecessary. The roll position error signal and
the roll rate were approximately zero when DC-27 was
sent, providing optimum initial conditions for the roll
channel at the start of the maneuver.

Telemetry during the maneuver sequence verified that
all turns were correct and that the PIPS motor burn ap-
peared normal. Some of the pressure data for the motor
differed from those obtained in ground tests, but the
differences were attributable to the problems inherent
in dynamic testing in a simulated space environment.
Tracking data indicated that the doppler change at PIPS
motor burn was nominal, and subsequent trajectory com-
putations verified that the new aiming point was well
within all tolerances. The maneuver moved the trajectory
from a 151,000-mi miss distance on the wrong side of the
planet to a 6000-mi miss on the side of the planet that
satisfied all science and engineering constraints,

The return of the spacecraft to a cruise configuration
after the trajectory correction was uneventful. Sun
reacquisition required less than 5 min, roll search
was initiated normally, and on December 5, 1964 at
16:47:56 GMT, acquisition of the first acquirable star
that passed into the Canopus sensor field of view was
complete. One roll override command (DC-21) was suf-
ficient to reorient the spacecraft to the star Canopus.

4. Interplanetary Cruise

Following the reestablishment of cruise mode opera-
tions after the trajectory correction, the spacecraft en-
tered a phase of the mission (the interplanetary cruise)
which lasted, with one brief exception, until the start
of the planetary encounter on July 14, 1965. The one
exception was the science cover deployment exercise on
February 11, 1965. During this exercise, encounter
science was cycled via ground command. Included in
the final portion of the cover deployment exercise was a
command sequence that modified the cruise configura-
tion somewhat, turning off the battery charger and en-
abling the battery charger boost mode.

"The actual sequence performed is listed in the Chronology,
Appendix A.




JPL TECHNICAL REPORT NO. 32-882

" The interplanetary cruise portion of the mission in-
cluded the execution of six CC&S master timer (MT) com-
mands, the transmission and execution of two ground
commands to modify the cruise configuration of the
spacecraft, and two failures in the cruise science instru-
ments. The first of these failures resulted in a degrada-
tion in the performance of the plasma probe, and the
second led to the catastrophic failure of the ion cham-
ber. The two ground commands were transmitted to
place the spacecraft in an alternate roll control mode in
order to prevent losses of the roll reference and to
switch the spacecraft transmitter from the triode cavity
power amplifier to the traveling-wave tube (TWT) power
amplifier in order to maximize the probability of mission
success.

a. Plasma probe failure. At approximately 0000 GMT
on December 6, 1964, the first indications of a failure on
board the spacecraft were noted. Science data analysis
reported that the plasma probe voltage did not appear
to be stepping properly. Two hr later a deck skip was
noted in the engineering telemetry coincident with
plasma probe and cosmic-dust detector data anomalies.
For the next 23 hr, data encoder, plasma probe, and
cosmic-dust detector anomalies occurred intermittently.
Subsequent analysis of plasma probe data showed a
steady degradation in quality until the data reached
a point where it was undecipherable by conventional
means. Throughout the 23-hr period, the engineering
data remained normal, with only the abnormalities in
the commutation cycle to indicate any spacecraft mal-
function. From the time that the plasma probe data
reached a level from which there was no further degra-
dation through the end of Phase I of the mission, there
were no deck skips or resets observed in the data
which were not correlated with onboard switching func-
tions. All indications were that an isolated piece-part
failure in the plasma probe resulted in sporadic genera-
tion of radio-frequency (RF) noise for the duration of
the propagation of the failure, and that when the part
had failed completely, the removal of the noise source
precluded any further interaction with the rest of the
spacecraft. Further analysis confirmed the failure mecha-
nism, and led also to the development of a data-processing
technique which allowed the recovery of a significant
portion of the plasma data by the experimenter.

b. Ion chamber failure. After a Class 2 solar flare on
February 5, 1965, the ion chamber GM 10311 tube
began to count at an excessive rate. None of the other
radiation instruments on the spacecraft showed any evi-
dence of abnormal radiation levels; it was felt, therefore,
that a failure may have occurred in the tube itself since

the ion chamber instrument with which the GM 10311
tube was associated showed no degradation in perfor-
mance. This hypothesis was substantiated by a duplica-
tion of the flight data by the life-test unit after being
exposed to radiation levels corresponding to those ex-
perienced by Mariner IV. A careful review of the space-
craft telemetry data yielded no correlation between the
GM 10311 tube performance and any function or condi-
tion occurring elsewhere in the spacecraft.

On March 17, 1965, during the telemetry blackout over
DSIF 51 (Johannesburg, South Africa), which was sup-
porting the Ranger Project, a second, related failure
occurred, and when the spacecraft was acquired by
DSIF 11 the telemetry data showed that the GM tube
counting rate had dropped to zero and the ion chamber
was returning no data at all. Analysis indicated that
the second failure could be attributed to a failure of the
power supply common to both the ion chamber and
the GM tube indicated by a short circuit in the tube
itself.

¢. Power amplifier switching by command. Early in
the Mariner-IV flight, a formal recommendation was
made to SPAC by telecommunications personnel to
switch the radio to the TWT amplifier via ground com-
mand action. This action represented the implementation
of a radio flight plan formulated prior to the launch.
The recommendation was approved by SPAC, the Space
Flight Operations Director (SFOD), and the Project
Manager. Command action (DC-7) was initiated on
December 13, 1964, and the transfer from the cavity
amplifier to the TWT amplifier was successfully com-
pleted.

This decision, based upon an evaluation of the charac-
teristics of the two different amplifiers, revolved around
the following arguments. The TWT had a predicted
lifetime far in excess of the minimum Mariner mission
requirements and its known failure modes led to im-
mediate, catastrophic failure. The cavity amplifier, on
the other hand, was known to show definite aging effects
which limited its useful lifetime to approximately the
length of the Mariner mission. It was necessary to launch
using the cavity amplifier because the TWT did not
have the low-power mode required for the launch phase,
but if the cavity were employed throughout the flight it
was probable that aging would degrade its performance
to the point where it would not be capable of returning
useful data to Earth at the planetary encounter. As a
result, operation of both the cavity and the TWT would
be required for a successful mission. However, if the
TWT were employed from some early point in the mis-
sion, it would be capable of serving for the entire
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mission, barring catastrophic failure. In the event of
TWT failure at some later time during the mission, the
cavity amplifier would be available, undegraded by ex-
cessive use, for the balance of the flight. Thus, the mis-
sion could be successfully completed if either the TWT,
or a combination of the TWT and cavity were capable
of operation. The additional backup capability afforded
by the latter mode of operation led to its adoption for
the flight.

Another factor that contributed to the decision to
transfer to the TWT by ground command was that the
spacecraft was designed with the capability to auto-
matically transfer from one power amplifier to the other
if the amplifier output were to drop below a fixed point.
Since the most likely failure mode of the TWT was
catastrophic failure, automatic switching to the cavity
amplifier would take place if the TWT failed. However,
the most likely failure mode of the cavity was gradual
degradation, therefore if command capability were lost,
the spacecraft could reach a state in which the cavity
amplifier output was so degraded that useful data could
not be returned, and yet not degraded enough to cause
automatic switching to the TWT.

Following the power amplifier switch via DC-7, the
TWT operated as expected with one exception. Begin-
ning on December 22, 1964 and continuing through
December 31, 1964 telemetered data indicated that the
TWT helix current was varying more than anticipated,
and was generally tending to increase. It finally stabi-
lized about 0.4 ma higher than the initial value, Discus-
sions with the manufacturer subsequently established
that helix-current variation was a known characteristic

of TWTs used in space applications and should be con-
sidered normal.

d. Canopus sensor gate inhibit. Before the first trajec-
tory correction attempt, two roll transients occurred,
one of which caused the loss of Canopus, although it
was subsequently reacquired without incident. When
the first attempt failed due to a loss of roll acquisition,
there was enough available evidence to question the
capability of the spacecraft to remain attitude stabilized
in normal roll control. All remaining doubt was removed
when on December 7, 1964 at 12:29:41 GMT the space-
craft again lost Canopus acquisition and went into roll
search, reacquiring finally on the star y Velorum. Since
roll orientation was critical during the cruise phase only
when the spacecraft was transmitting or receiving via the
high-gain antenna, it was decided to allow the Canopus

sensor to remain acquired to y Velorum until a plan of
action could be formulated.
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The plan submitted by SPAC and approved by the
Project Manager involved reacquiring Canopus, and then
sending a ground command to disable the Canopus
sensor brightness gate logic (DC-15). The necessity for
command action was emphasized by four roll transients,
each of which caused momentary loss of acquisition
during the next 10 days. Several models were proposed
to explain the transients, but the one which appeared to
best fit the data in all cases attributed the transients
to dust particles illuminated by the Sun. This theory
accounted for the large error signals observed, which
could not be explained in terms of normal spacecraft
motion, and it delineated the mechanism by which
acquisition was lost, i.e., the high brightness of the near-
by particles would produce violations of the high-
intensity gate logic, thus placing the spacecraft into an
automatic override mode. Examination of the telemetry
data indicated numerous brightness transients during
the early flight, in addition to those severe enough to
cause gate violations. The conclusion was that the space-
craft would continue to suffer periodic losses of roll
acquisition throughout the mission if it were allowed to
continue in the normal, roll control mode.

At that time, since the spacecraft was both transmit-
ting and receiving via the low-gain antenna, the only
consequences of the normal roll control mode were the
transients injected into the spacecraft when the gyros
and the maneuver booster-regulator were turned on and
off. Although this was undesirable, in tests on the proof
test model (PTM) spacecraft the gyros had been cycled
many hundreds of times without any apparent degrada-
tion. For a spacecraft transmitting on the high-gain an-
tenna, however, the loss of Canopus acquisition would
be accompanied by a loss of downlink communication
from the spacecraft. During the period of the mission
when a large number of stars was acquirable, this im-
plied a requirement for blind transmission of commands
in order to recover both Canopus acquisition and te-
lemetry data. If the command capability were lost alto-
gether, estimates by guidance and control personnel
were that the high-gain antenna would be available for
less than 10% of the time during cruise, and that the
probability of being Canopus-acquired during encounter
would be less than 0.10.

Transmission of a DC-15 command to the spacecraft
would have removed the Canopus sensor brightness
gates which were used for acquisition and prevented the
initiation of roll search due to the observed high bright-
ness gate violations. Since the spacecraft response would
be slow compared with the speed of the violations, the
sensor would remain oriented properly toward Canopus
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régardless of the transient brightness sensed. The only
remaining mechanism for this type of loss of acquisition
with the gates removed was that the sensor could follow
another object instead of Canopus if the object both
were brighter than the star and moved slowly enough
through the sensor field of view to allow spacecraft
roll response.

The major drawback to the use of DC-15 was that the
gyro coritrol unit was controlled through the gate logic,
so that with the gates disabled there could be no gyro
turn-on except by ground command in the event that
Canopus acquisition was lost. The Mariner design not
only used the gyro turn-on under these conditions for
the automatic reacquisition, but also was able to ensure
that the receiver was accepting signals from the low-
gain antenna so that command capability would exist
for all roll attitudes. With DC-15 in effect and the space-
craft receiving via the high-gain antenna, a loss of
Canopus acquisition could not be corrected for from
66% hr to 13314 hr, the time required for the onboard
logic to automatically switch the receiver back to the
low-gain antenna, thus restoring command capability.
The problem became most severe if the spacecraft were
perturbed in such a manner as to cause the loss of both
Sun and Canopus acquisition. Without the gyros there
was a possibility that Sun reacquisition within the re-
quired time would not be possible. The probability that
the spacecraft would experience a disturbance large
enough to knock it significantly off of the Sun line was
estimated to be quite low (about 10~ to 10-%); hence, the
risk of this failure mode was accepted.

The DC-15 command action was initiated on Decem-
ber 17, 1964. A single roll override command (DC-21)
was sufficient to return the spacecraft roll orientation
to the star Canopus. DC-15 was then transmitted, and
all indications were normal. Throughout the balance of
the mission, although a significant number of roll tran-
sients were observed in the telemetry, roll acquisition to
the star Canopus was maintained without any problem.

One of the hypotheses offered to explain the roll tran-
sients observed early in the flight was that microme-
teoroids impinging on the spacecraft either knocked
loose dust held to the spacecraft electrostatically or pro-
duced spalling, possibly of thermal control paint, and
that these secondary particles passing through the view
of the Canopus sensor were responsible for the sensor
brightness gate violations. The latter portion of the
interplanetary cruise, however, indicated no correlation
between micrometeoroid activity as reported by the

cosmic-dust detector experimenter and the occurrence
of roll transients.

Prior to the time for the CC&S to command the switch
from transmit via low-gain antenna to transmit via high-
gain antenna, the DC-15 decision was reviewed, since
the loss of Canopus acquisition in this condition would
automatically produce a loss of telemetry. In view of the
continuing occurrence of roll transients, it was decided
to remain in the DC-15 condition. A more severe prob-
lem was presented by the apparent requirement to
switch the receiver to high-gain antenna several weeks
later. Analysis of the spacecraft RF characteristics in the
transmit via high-gain antenna and receive via low-gain
antenna mode showed, however, that an RF interference
effect between the signals from two antennas into the
receiver produced an unexpected ability to maintain
command capability from the three prime tracking sta-
tions assigned to Mariner for all but a relatively brief
period throughout the remainder of the mission. This
removed the last major disadvantage associated with
DC-15, that of not being able to take immediate com-
mand action to turn on the gyros in case of a loss of
attitude stabilization if the spacecraft were receiving via
the high-gain antenna, and led to the decision to main-
tain a DC-15 condition throughout the entire mission.

e. Interferometer effect. Within a few days of the
CC&S command MT-5 antenna switch, sufficient infor-
mation became available to show that both the spacecraft-
received signal strength and the ground-received signal
strength were varying in a manner which indicated
that some amount of RF interference was being expe-
rienced. That this was a potential problem had been
recognized long before launch; however, for the nominal
characteristics of the communications subsystem it was
felt to present a problem only when the Earth was nearly
aligned with the boresight of the high-gain, directional
antenna and the spacecraft was either transmitting or
receiving via the low-gain omniantenna. At the boresight
of the high-gain antenna, the increase in antenna gain
above that of the low-gain antenna was very nearly equal
to the isolation between the two antennas. As a result,
RF leakage via the high-gain antenna was approximately
the same order of magnitude as the normal signal via the
low-gain antenna. The path length from the ground
receiving antenna to each of the spacecraft antennas then
determined the phase relationship of the two interfering
signals, causing either constructive (additive) or destruc-
tive (subtractive) interference.

The fact that interference between the spacecraft an-
tennas was present as early in flight as February 22, 1965
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on the spacecraft-to-Earth link (downlink) and Febru-
ary 18 on the Earth-to-spacecraft link (uplink) was unex-
pected and indicated that the exact RF configuration of
the spacecraft was not well understood. The signal
strengths at all of the DSIF stations began to drop rap-
idly on February 22 and 23, causing SPAC to review the
possibility of recommending an early switch of the trans-
mitter to the high-gain antenna. Analysis by telecom-
munications personnel of the signal characteristics of
Mariner IV and of the data gathered in prelaunch an-
tenna tests resulted in a set of predicted values of signal
level as a function of spacecraft aspect angle (which was
a function of mission time), that showed that the first
null in the interference pattern would still yield signal
strengths above the absolute telemetry threshold. Thus,
although a relatively large number of bit errors might
be expected, the telemetry data received would still be
of sufficient quality to allow normal spacecraft data
analysis by SPAC. It was predicted that the null would
last for 3 to 5 days, and then the received signal strength
from the spacecraft would begin to increase as the
changing relative path length from the two antennas to
the Earth reached a point where the interfering signals
began to come into phase with each other. The CC&S-
controlled switch of the spacecraft to the high-gain
antenna was scheduled for just after the time of this
predicted peak signal strength. On the basis of this infor-
mation SPAC recommended to the Mariner Project that
no command action be taken to effect an early antenna
switch.

The interferometer pattern calculated from the signal
strengths reported by the DSIF in the succeeding few
days matched very closely with the predictions, and,
although a bit-error rate as high as 3% was sometimes
observed, it proved quite feasible to provide continuous
analysis of the spacecraft data until the antennas were

switched by the CC&S.

The CC&S-controlled transfer of the spacecraft trans-
mitter to the high-gain antenna (MT-5 event) occurred
as expected on March 5 at 13:02:37 GMT. The increase
in signal strength at DSIF 42 (Tidbinbilla, Australia)
matched the predicted change very closely and all te-
lemetry indications verified a normal transfer. It was
noted that coincident with the switch of the transmitter
to the high-gain antenna there was a 14-db increase in
the spacecraft-received signal strength. Subsequent
analysis indicated that the change of state of the circu-
lator switch which controlled the antenna switching also
changed the phase relationship of the interfering signals
on the Earth-to-spacecraft link, effectively changing
position of the interferometer pattern, so that the uplink
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signal was near a peak rather than a null. An effort was
initiated to gather sufficient data after MT-5 to allow
remapping of the uplink interferometer pattern.

Originally it had been predicted that command capa-
bility via the low-gain antenna could be maintained
through April 8, 1965. The predictions based on space-
craft automatic gain control (AGC) readings after MT-5,
however, included a very deep null in the interference
pattern which would have precluded command action
using the DSIF 10-kw transmitters for the period from
March 24 through April 1, and from the DSIF 13 (Venus
site, Goldstone, California) 100-kw transmitter from
March 26 through March 30. The alternative action of
allowing or commanding the spacecraft receiver to trans-
fer to the high-gain antenna necessitated a review of the
attitude control mode of operation of the spacecraft as
well as the telecommunications configuration. With
DC-15 in effect, the automatic star reacquisition feature
of the Mariner Mars 1964 design is not available in the
event that Canopus acquisition is lost, so that proper re-
acquisition of Canopus requires ground command action.
Except for the command blackout period during the
predicted null, command action would be possible from
the Venus site 100-kw transmitter through the posten-
counter period. The maximum loss of both uplink and
downlink communications, then, would be the period
between Goldstone tracking passes. If the spacecraft
were allowed to transfer to receive via the high-gain
antenna, however, a loss of roll orientation could result
in a command blackout of up to 133%4 hr, the maximum
time until the spacecraft automatically switched its re-
ceiver back to the low-gain in the event of a loss of
uplink communications.

After extended discussion, it was decided to configure
the spacecraft in such a manner that the transfer of the
spacecraft receiver to the high-gain antenna would take
place automatically on March 26 at 09:03:54 GMT. In
order to accomplish this it was required that the DSIF
refrain from establishing uplink RF lock with the space-
craft until two consecutive CC&S cyclic pulses (CY-1)
occurred. At the second CY-1, the receiver would trans-
fer from one antenna to the other, and at each subse-
quent CY-1 would transfer again as long as the uplink
RF lock was withheld. CC&S CY-1 No. 42 was allowed
to occur on March 23 at 14:24:24 GMT while DSIF 11
was in one-way RF lock (ground transmitter off), and
no further two-way RF lock passes (ground transmitter
operating and spacecraft phase-locked loop in-lock) were
scheduled. This method of effecting the antenna trans-
fer had the additional advantage over ground command
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that the transfer could be aborted by resuming the nor-
mal two-way lock schedule. This advantage was em-
ployed when, just before CY-1 No. 43 (which would
have caused the transfer) it became apparent that the
decrease in signal strength received by the spacecraft
was less than predicted. As additional telemetry became
available the interference pattern predictions were re-
vised, finally indicating that the null would probably
still leave a substantial command margin for even the
10-kw transmitters. As soon as sufficient confidence
was generated in this new value, the DSIF schedule was
amended to include a two-way pass prior to CY-1 No. 43,
thus inhibiting the transfer of the spacecraft receiver to
the high-gain antenna.

Analysis of the revised pattern indicated that the error
in prediction of the spacecraft received signal strength
was due to a difference in the isolation characteristics
of the circulator switch that controlled the antenna from
the nominal values which had been assumed. Predictions
of the command margin throughout the remainder of the
mission showed a positive margin for all but a brief
period during May and June, when command capability
could still be maintained from the DSIF 13 100-kw trans-
mitter. In view of this it was decided to remain in the
receive via low-gain antenna configuration throughout
the mission, pending a final review as the 10-kw com-
mand blackout approached in May.

As expected, the spacecraft-received carrier-power for
transmission from 10-kw transmitters at the prime DSIF
stations dropped below —139 dbm, the worst-case com-
mand threshold on May 3. It rose above — 139 dbm again
on June 22. During most of this period command capa-
bility from the 10-kw transmitters was doubtful and, for
some 27 days in the middle of the period, impossible. As
a result of an SPAC review of the command situation,
it was recommended that the spacecraft receiver remain
switched to the low-gain antenna because: 1) few fail-
ures could be hypothesized that were correctable by
ground command action, but that could not wait until
the 100-kw transmitter at DSIF 13 could be used; and
2) a significant risk of losing roll attitude and therefore
all command capability, existed in the receive via the
high-gain antenna configuration. Throughout the period
of doubtful or impossible 10-kw command capability,
the 100-kw transmitter at the Goldstone Venus site was
kept ready for command transmission on short notice.

Since both the normal encounter sequence plan and
any possible emergency procedures involved the com-
mand subsystem, it was recommended by SPAC that a

series of periodic command-loop lockups be undertaken
to:

1. Provide data on the behavior of the command sub-
system

2. Verify optimum command-loop lockup procedures

3. Assure the maintenance of a high degree of readi-
ness of DSIF equipment and operators

Command-loop lockups were accomplished from
DSIF 13 with the 100-kw transmitter on April 9 and
again on April 13, from DSIF 11 and 51 on April 28,
and from DSIF 42 on April 30. The second DSIF lockup
(April 13) was performed after the 10-kw command
blackout had begun. All exercises of the command sub-
system were accomplished normally. Throughout the
10-kw command blackout, DSIF 13 continued to per-
form periodic command-loop lockups with the 100-kw
transmitter. On June 28, command-loop lockups from
the 10-kw sites were resumed and continued on a regu-
lar basis through encounter.

f. CCLS MT events. Six CC&S MT events occurred
during the interplanetary cruise phase of the Mariner IV
mission. Although all of the commands issued by the
CC&S were correctly transferred to the appropriate sub-
systems on the spacecraft, several of them were accom-
panied by anomalous indications in the telemetry or in
the ground-received signal characteristics. However, a
thorough analysis of the telemetry data produced no
indication of anything other than normal performance
by the spacecraft.

The first MT command issued was the bit-rate switch
event (MT-6) which occurred on January 3, 1965 at
16:59:54 GMT, as expected. The data encoder responded
normally, switching from a rate of 3314 bits/sec (bps) to
a rate of 8% bps. Coincident with the MT-6 event,
DSIF 41 (Woomera, Australia) reported a decrease of
about 1 db in the received carrier power as indicated by
the station AGC monitor. Throughout the balance of the
mission the ground-received carrier power agreed with
predicted values well within the calibration tolerances
of the AGC monitors, indicating normal performance by
the spacecraft. To this time .the cause of the apparent
decrease at MT-6 remains unexplained.

The first Canopus sensor cone-angle update (MT-1)
was issued by the CC&S on February 27 at 17:02:03
GMT. The event appeared normal in every respect so
far as the data were concerned, and it was subsequently
verified by telemetry that the cone angle had changed

19



JPL TECHNICAL REPORT NO. 32-882

from the preset position of 100.2 deg to the MT-1 posi-
tion of 95.7 deg. Analysis of the data, however, showed
that a skip in the data encoder commutation cycle had
occurred at the time of the event. The commutator, at
low deck positions 308, 419, and 439 was apparently
subjected to a transient which resulted in a reset of the
synchronizer before receipt of its normal stepping pulse.
As a result, the next readout of the low decks was for
measurements 301, 401, 421, While it was known that
the Mariner synchronizers were susceptible to transients,
all of the prelaunch test experience indicated that power
transients or high-level hardline-carried broad-spectrum
noise (e.g., electrical arcing), were necessary to cause
deck skips or resets. Either this conclusion was errone-
ous, or there was some type of power transient or noise
burst on the spacecraft coincident with the MT-1 event.
If the latter were the case, there was no doubt that there
was a malfunction of undetermined nature coincident
with MT-1. In this light several possible failure modes
were proposed and tested on the proof test model space-
craft, but all test results were negative. At the end of
the mission the deck skip remained unexplained.

The second Canopus sensor cone-angle update (MT-2)
was observed in the telemetry data on April 2 at 14:25:15
GMT, as expected. Although the update appeared nor-
mal and the new cone angle of 91.1 deg was verified in
the data, analysis of the tracking reports from the DSIF
subsequent to the MT-2 event indicated an apparent
decrease in the average ground-received carrier power
of about 1.5 db. The decrease was confirmed by all three
tracking stations over the next two weeks. A review of
the detailed records from DSIF 51 showed no abrupt
change in receiver AGC at or near the time of MT-2.
Instead it appeared that the ground-received carrier
strength decreased gradually from March 31 to April 3
by about 1 db more than would be expected from
nominal antenna gain and range loss considerations.
From April 3 to 9 the ground-received carrier strength
decreased more slowly than predicted so that at the end
of this time, some of the earlier loss had been recovered.
This anomalous behavior is still unexplained, although
there is now considerable doubt that it was in any way
connected with the MT-2 event. Instead it is felt that
the AGC calibration procedures at the DSIF stations
were responsible.

The third Canopus sensor cone-angle update (MT-3)
was received in the data on May 7 at 14:28:15 GMT. In
view of the anomalous data encoder deck skip at MT-1
and the received signal strength decrease possibly asso-
ciated with MT-2, a thorough analysis of the data was
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performed at MT-3. All data indicated a cone-angle uﬁ—
date to 86.5 deg that was normal in every respect.

The fourth Canopus sensor cone-angle update from
86.5 deg to 82 deg by CC&S command MT-4 occurred
at 15:51:45 GMT on June 14. The event was normal in
every respect.

g. Frequency shift at CY-1. A momentary loss of sig-
nal strength was noted by personnel at DSIF 42 coinci-
dent with the first CC&S cyclic pulse after MT-1 (CY-1
No. 34). The decrease in signal strength was great
enough to cause both receivers at the station to give an
out-of-lock indication, although the duration was so
short that the telemetry demodulator remained in lock.
The subsequent recovery was very rapid and all indica-
tions were that the spacecraft was functioning normally.
Very careful observation was maintained during the
next CC&S cyclic pulse, CY-1 No. 35, which occurred
on March 4 at 03:42:23 GMT while DSIF 11 was track-
ing. There was an apparent 2-db decrease in signal
strength for about 5 sec coincident with the CY-1. One
receiver at DSIF 11 gave an out-of-lock indication mo-
mentarily, the other remained in lock throughout cyclic
period.

The only characteristic of the two cyclics, which ap-
peared significantly different from the previous cyclics
for which no signal dropouts had been noted, was the
fact that both occurred while the station was in one-way
lock with the spacecraft. Most of the previous cyclics
had occurred while the station was tracking in two-way
lock. An investigation of the DSIF records showed mo-
mentary dropouts of the spacecraft signal coincident
with all cyclics that had occurred in one-way lock, and
no dropouts for any cyclics that had occurred during
two-way tracking. This piece of information led to the
investigation of the doppler data taken during the time
of the dropouts, which showed that during the dropouts
the spacecraft transmitted frequency increased by an
average of 27.3 cps. This frequency shift explained the
signal strength decreases at the DSIF stations, because
the ground receiver was unable to track the carrier fre-
quency with infinite speed. Ground tests were then per-
formed on the proof-test model spacecraft, and it was
determined that the frequency shift was a normal char-
acteristic of the Mariner Mars 1964 radio subsystem
during cyclic pulses in one-way lock, although the rela-
tively poor resolution of the instrumentation used in
ground testing precluded its discovery in the course of
normal prelaunch tests. The shift was actually produced
by a slight loading of the auxiliary oscillator supply
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vé)ltage by logic circuitry whose state was controlled by
the CC&S CY-1.

The logic circuitry in question was that which con-
trolled the switching of the receiver between the two
antennas if two-way RF lock was not obtained, at least
periodically. If a CC&S CY-1 pulse were issued when
the spacecraft was not in lock with a DSIF transmitted
signal, then a logic gate was set which would allow the
antenna transfer to take place when the next CY-1 pulse
was issued. Lockup before the next CY-1 pulse would
reset the logic gate again. It was the setting of the logic
gate that loaded the auxiliary oscillator power supply,
thus changing slightly the transmitted frequency. Reset-
ting the logic had no effect upon the spacecraft trans-
mitted frequency, since the reset occurred only when
the spacecraft was locked to the ground signal so
that the spacecraft transmitted frequency was derived
from the ground frequency.

After the discovery that the frequency shift was a
design characteristic of the spacecraft, it became appar-
ent that the only disadvantage associated with allowing
it to occur was the possible loss of some small portion
of the telemetry as the result of ground receiver losses of
lock. Scheduling the DSIF to track two-way during all
cyclic pulses, however, also had associated with it a dis-
advantage: should it have become necessary to allow the
receiver to transfer to high-gain antenna in order to
command the spacecraft during the command blackout
period, the time of automatic transfer would have been
dependent upon the time of the last two-way period. If
a CY-1 pulse occurred while the DSIF was tracking two-
way, the earliest automatic transfer to high-gain antenna
would be two cyclics later (133% hr). If on the other
hand two way tracking had been terminated just before
the CY-1, then the earliest automatic transfer would be
one cyclic later (66% hr) if there were no subsequent
lockups. As a result of these factors SPAC recommended
that all pulse times be covered two-way during the por-
tions of the flight where command capability existed
via the low-gain antenna from 10-kw transmitters in
order to avoid any data loss, and that the spacecraft be
tracked two-way only just prior to CY-1 times during
any periods where the command capability from 10-kw
transmitters was marginal, to prevent any avoidable
extended loss of command capability.

h. Bestlock frequency. As the flight progressed dur-
ing the cruise phase, the DSIF experienced increased
difficulty in obtaining two-way lock with the spacecraft
during normal operations. Problems were encountered
even when the received carrier power at the spacecraft

was relatively strong. Investigation showed that when
two-way lock was finally achieved, the transmitted fre-
quency used by the station was significantly different
from the predicted frequency. The prelaunch calibra-
tions for the Mariner IV radio subsystem were consulted
and it was suggested by the cognizant personnel that, for
the ambient radio temperatures, the minimum-lockup-
time frequency had shifted by over 2 kc. When this new
frequency was tried the DSIF was unable to lock up at
all, indicating a probable shift in the characteristics of
the transponder. Since almost immediate lockup is man-
datory in the event of any spacecraft emergency, an
intensive investigation was initiated to find some way
of providing an inflight calibration of the radio subsys-
tem frequency characteristics. Several operational proce-
dures were suggested for DSIF use that would provide
the maximum amount of useful information for this
recalibration in the course of normal DSIF operation.
The procedures were approved and put into use on a
regularly scheduled basis. The information resulting
allowed radio subsystem cognizant personnel to recali-
brate the transponder and to provide a continuing
monitor on any further shifts. With the revised minimum-
lockup-time frequency that this effort provided,
DSIF lockup times were reduced to several seconds on
the average.

i. Battery voltage. A possibly serious anomaly, first
noticed just after the science cover deployment exercise
and continuing throughout the mission, was the increas-
ing battery voltage. Before the cover-deployment se-
quence, the battery charger was on and trickle-charged
the battery at less than 10 ma. Battery voltage had risen
to 344 v, indicating a full charge on the battery. At
the end of the science cover deployment sequence, the
spacecraft was reconfigured to a battery-charger-off,
boost-mode-enabled state. For a brief time, the battery
voltage dropped and then began a gradual rise that
brought the voltage to 35.0 v. Initially it had been felt
that a voltage of 35.0 v would indicate a possible battery
failure. As a result of the Mariner IV battery behavior, a
review was made of the principal parameters affecting
battery voltage and it was discovered that the original
estimate was somewhat low.

Two hypotheses concerning the state of the Mariner IV
battery were put forward:

1. The battery voltage increase was a normal conse-
quence of the 0-g gravitational field, temperature
effects, and the small charge-current produced by
the battery voltage transducer. In this case, no bat-
tery failure would be expected because the pressure
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required to crack the cell case is approximately 20
times that generated in a heavily charged battery
(about 5 psi).

2. The battery case was already cracked and the elec-
trolyte (45% KOH) was slowly leaking out of one
cell. The resulting decrease in conductivity of
that cell would be interpreted by the battery volt-
age transducer as a higher battery voltage. If this
were the case, battery failure would have to be
expected if any power demands were made upon it.

The personnel responsible for the battery operation
indicated that there was no positive support for the latter
hypothesis, and that it should not be assumed to be the
case unless the battery voltage reached 38.0 v. It re-
mained, however, a possibility and as a result, SPAC
recommended that no action be taken that could increase
spacecraft power loads to the point that any battery
drain would be required, unless it was judged necessary
to the success of the mission.

Although the battery voltage continued to rise through-
out the flight, the rate of increase leveled off as aphelion
was approached. At the end of the mission on October 1,
1965 the battery voltage appeared constant at 37.2 v.

j. Solar pressure vane performance. The first activity
of the solar pressure vanes was observed on December 2
and 3, 1964 when the +X and —X vanes (located on
solar panels 4Al and 4A5) moved in the proper direc-
tion to reduce the external torques about the spacecraft
yaw axis. Performance analysis showed that the X-axis
vanes had considerable effect in compensating for torque
imbalances during the mission; however, their effective-
ness was hampered by the fact that the variation of torque
imbalance as a function of time was much higher than
anticipated, although it was within design tolerances.

During portions of the mission the X-axis vanes were
able to reduce the torque imbalances in the yaw axis to
values on the order of 1-4 dyne-cm. During the remain-
der of the mission, the torque imbalances were some-
what larger due to the slow response time of the vanes
in adapting to any step change in imbalance, but on the
whole the X-axis vanes verified the feasibility of using
solar pressure vanes in an adaptive mode to maintain

the mean attitude at the center of the spacecraft system
dead band.

The +Y and —Y solar pressure vanes (located on solar
panels 4A3 and 4A7) did not move at all during the mis-
sion, except for some mechanical slippage apparently
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coincident with postinjection propulsion motor burn. It
was probable that they failed as a result of electrical
lockup. A characteristic of the solar pressure vane step-
ping motor was that if an attitude-control gas valve were
fired within 30 msec of stepping motor activation, the
solar pressure vane actuators would be permanently
locked up. Data indicated that, within the time resolu-
tion of the telemetry, a gas valve had fired coincident
with solar pressure vane electronics turn-on at CC&S
command L-3. The possibility of lockup was expected,
since the mode of spacecraft roll control changes at
L-3 when the solar pressure vanes are turned on.

The failure of the Y-axis solar pressure vanes to oper-
ate in the adaptive mode was considered a design fail-
ure. The possibility of solar pressure vane lockup was
recognized during the system test program before
launch. Some modifications of the hardware were made,
but there was insufficient time to make all the required
design changes and to perform flight-acceptance testing
to completely correct the situation before launch.

Throughout the mission, there was no evidence that
the vanes were able to produce any effect in the damp-
ing mode by means of position changes in response to
thermal input changes to the bimetal mounting arms.
Torque variations were of such magnitude compared
with damping mode restoring torques, that if such an
effect did exist, it was masked completely.

k. PIPS bladder incompatibility. On February 3, 1965,
an increase of about 4 psi in PIPS fuel tank pressure
was observed in the data. This measurement had pre-
viously shown no change after the midcourse maneuver.
Tests conducted by propulsion subsystem cognizant
personnel indicated that the increase was probably
caused by an incompatibility between the fuel tank
bladder material and the hydrazine fuel, a problem
that had been noted on most previous propulsion sub-
systems. Although estimates were made which indicated,
based upon telemetry, that the worst-case pressure rise
by the time of Mars encounter might be 40 psi (still
well within tolerance) no further increase was observed
during the balance of the mission.

1. Science cover deployment exercise. During the pe-
riod from launch until planetary encounter the only
noncruise activity of the spacecraft was the ground-
command-initiated science cover deployment exercise,
Fig. 3, performed on February 11. The objective of this
exercise was threefold: 1) to deploy the science cover,
2) to pre-position the scan platform to the optimum
encounter position, and 3) to turn off the battery
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charger and enable the boost mode. The exercise was
carried out over the DSIF 11 tracking station. A total
of 12 ground commands were transmitted to the space-
craft. All were received and executed normally. All
objectives of the exercise were fully achieved, and the
spacecraft was returned to the cruise state without
difficulty.

Throughout the entire exercise, only one anomaly
was observed. After an apparently normal command
lockup, a loss of command lock occurred. About 6 min
later, command lock was regained; there was no ex-
planation for the loss. The balance of the sequence
went smoothly; telemetry confirmed that the science
cover was deployed, the scan platform was pre-positioned
to within 0.7 deg of the optimum position, and all
systems functioned without any apparent degradation
throughout the entire sequence. Only about 44 min
of cruise science data were lost during the periods that
cruise science was turned off.

A nomreal time analysis of the cover deployment
operation on February 11 revealed a severe roll transient
had occurred that was completely unnoticed during the
actual operation because of noise in the data. As one
of the objectives of the early deployment of the science
cover was to preclude the possibility of particles dis-
lodged by a science cover deployment at encounter from
causing a loss of Canopus acquisition, the exercise must
be considered highly successful.

5. Planetary Encounter

The basic design of the Mariner Mars 1964 spacecraft
provided for a completely automatic planetary encounter
sequence without any ground action required. Because
the ground command option was available, however,
there existed a number of possible backups to the onboard
functions, and in addition, there existed a number of
alternate modes which might have been superior in any
given situation to the normal mode of operation. In order
to provide the best possible sequence of events for the
encounter, the Encounter Planning Working Group
(EPWG) was formed in January 1965 to operate in
parallel with SPAC for the purpose of investigating all
spacecraft encounter-related operations and modes, and
recommending to the Mariner Project Manager a de-
tailed encounter sequence of events. The EPWG was
composed of appropriate SPAC, division, and sub-
system representatives, and was chaired by the Mariner
Spacecraft Project Engineer. Also formed was the
Occultation Working Group for the purpose of recom-
mending the configuration of the Space Flight Opera-
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tions Facility (SFOF), the DSIF stations, and the
spacecraft during occultation of the spacecraft by Mars
to provide the most meaningful occultation data.

It was at the recommendation of the EPWG that the
science cover deployment exercise was performed on
February 11, 1965 to configure the spacecraft for
encounter. At that time, the science cover was deployed
and the scan platform was positioned to an angle that
would permit useful television data in the event that a
scan platform failure was experienced before the actual
encounter.

The fourfold objective, to which the EPWG worked,
was to:

1. Develop an encounter sequence that provided the
maximum assurance of obtaining useful television
and occultation data.

2. Determine the operational mode providing the
greatest assurance of maintaining attitude stabiliza-
tion throughout encounter, thereby assuring real-
time planetary field and particles data and
occultation data.

3. Provide for full utilization of backup methods for
all critical functions.

4. Select appropriate alternate modes for any func-
tions both functionally-critical and time-critical.

A recommended encounter sequence of events, Fig. 4,
was formulated by the SPAC Director based upon the
findings of the EPWG and was approved by the
Mariner Project Manager.

While minor departures from the nominal sequence
were made, none affected the logic of the sequence or
its operation on the encounter day.

The major problem in encounter operations was the
transmission delay between Earth and the spacecraft.
Approximately 13 min were required from data trans-
mission at the spacecraft until data presentation in
SPAC; over 121% min were required from command
initiation at a DSIF station until command execution
at the spacecraft. Thus, immediate response to anoma-
lous indications in the data could only reduce the
effective reaction time in an emergency to something
over 25 min. Conversely, normal command action as a
part of the sequence of events could be taken only if it
was assumed that nothing abnormal had occurred in the
13 min prior to command initiation, and that nothing
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abnormal would occur during the 124 min before com-
mand execution. Since most of the commands to be
transmitted during the planetary encounter were time-
critical or functionally-critical, it was most important to
prevent accidental losses of command lock and, in the
event that any occurred, to provide for minimum-time
reacquisition of the command loop. Only the DSIF
station personnel could act on the former, but the latter
was achieved by maintaining the command subcarrier
at the slightly offset, minimum-lockup-time frequency
normally used for initial lockup, but not for command
transmission. This offset was not large enough to sig-
nificantly increase the probability of dropping lock at
encounter signal levels, yet it offered a reasonably small
time between pseudonoise code coincidences for a com-
mand loop out-of-lock. While this minimum lockup time
provision was never required during the subsequent
planetary encounter sequence, the flawless operation of
the command detector and decoder in accepting and
executing all commands verified the practicability of
this approach for critical operations in the blind or with
very long delays.

a. Planetary acquisition and record sequence. The
encounter sequence was initiated with the transmission
of DC-25 from DSIF 51 on July 14 at 14:27:55 GMT.
This time was selected on the basis of the latest flyby
trajectory information to initiate scan search at such a
time that, given nominal performance, the scan platform
would be pointing at the planet at the nominal narrow-
angle acquisition time if the scan platform failed to
inhibit either via ground command or internal logic. The
command was verified in the data at 14:52:32.3 GMT.
A low-rate deck skip was observed coincident with
the command execution. Deck 400 was reset after read-
ing out channel 409, but prior to being stepped to
the next position, so that the next reading of that deck
was position 401. While data encoder deck skips are
not totally unexpected with a DC-25, they are not usual
if the battery charger is off, so that its state is not
changed by the command. Spacecraft response to the
command was normal; NRT power was turned on, video
storage subsystem 2.4-kc power was turned on, the scan
platform went into a normal search, and power levels
and temperatures increased as predicted.

The CC&S MT-7 event was observed in the telemetry
data at 15:53:48.6 GMT, but inasmuch as it had been

preempted by DC-25, it had no effect upon spacecraft
performance.

Prior to the planetary encounter a determination was
made by the television experiment personnel that a
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scan position of 180 deg would yield the best television
data. This then was selected as the nominal position
at which to inhibit the scan platform. An inhibit com-
mand (DC-24) time was predicted by the Space Science
Analysis and Command Group (SSAC) scan analyst
based upon scan platform performance data during
scan search. The DC-24 was initiated at DSIF 51 at
17:10:18 GMT for a predicted scan platform position of
179.9 deg. Command execution was verified in the data
at 17:34:55 GMT with the scan platform positioned to
178.45 deg, well within the tolerances. Based upon this
position, wide-angle acquisition (0.7 probability) was
predicted for 2355 GMT, with less than 0.01 probability
of it occurring prior to 2324 GMT.

A normal two-way RF transfer was made from
DSIF 51 to DSIF 11 at 2010 GMT. The ground trans-
mitter frequency was set to a value which would permit
transmission to the spacecraft through entrance of the
occultation region without a frequency adjustment, and
command modulation was reapplied at the nominal off-
set frequency at 21:00:30 GMT. Command-loop lockup
was observed in the data at 21:54:19 GMT, indicating
a lockup time just under 30 min, a normal time for the
low uplink carrier power level at the spacecraft.

Beginning just prior to 2000 GMT and continuing
through the encounter, anomalous indications were
noted in the magnetometer X-axis data which appeared
to be cyclic with a period of approximately 16 min.
Although unexplained to date, the period corresponded
to coincidences between the real time (RT) and NRT
portions of the DAS, which count at different rates. The
anomaly had no effect upon the quality of planetary
data gathered.

Had the scan platform been allowed to search for and
track the planet automatically, acquisition of the planet
by the scan sensor would have initiated a switch to
Mode 3 data (all science data) several hours before the
recording sequence. With the scan platform pre-
positioned, however, the expected time of wide-angle
acquisition (WAA) was so near the beginning of the tele-
vision record sequence that insufficient time was avail-
able for television performance analysis prior to the latest
time to transmit commands. As a result, a commanded
switch to all science data (DC-3) was included in the
encounter sequence. The DC-3 was transmitted from
DSIF 11 at 22:10:29 GMT, was received by the space-
craft at 22:23:07 GMT, and was observed in the data
at 22:35:08 GMT. Subsequent analysis by the television
and NRT DAS cognizant personnel indicated that tele-
vision sequencing was normal.
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"WAA occurred at the spacecraft at 23:42:00 GMT on
July 14. No effect was noted, other than the indication in
the science telemetry data, because the scan platform had
been inhibited by DC-24 and the switch to Mode 3 data
had been accomplished by DC-3. The backup command
(DC-16) for the initiation of the recording sequence was
transmitted on July 15, 1965, at 00:11:57 GMT. It was
anticipated that this command would arrive at the space-
craft after two pictures had been recorded by the video
storage subsystem if normal narrow-angle acquisition by
the onboard sensors had initiated the sequence.

On the basis of the latest trajectory information and
the DC-16 transmission time, SSAC recommended that
the latest time for transmission of the DC-26 command
to back up the termination of the recording sequence
should be 00:36:20 GMT. The actual time for DC-26
transmission was to be determined from the narrow-
angle acquisition (NAA) indication in the data, if NAA
acquisition was observed earlier than 00:34:40 GMT.
In order to provide the necessary real time data analysis,
a ground telemetry analyst (GTA) was stationed at
DSIF 11 to report the data by voice line to SSAC. The
Goldstone GTA reported NAA in the data at 00:29:59
GMT and confirmed it on the next data frame. The
DC-26 was initiated, upon SSAC’s request for immedi-
ate transmission, at 00:31:42 GMT. A DC-2 command to
turn cruise science back on followed at 00:32:40 GMT,
and it was followed by more DC-2 transmissions begin-
ning at 00:37:00 GMT and continuing every 5 min until
a total of six DC-2 commands had been transmitted to
the spacecraft.

Although the recording sequence appeared to start
normally, anomalous indications of status were observed
in the science data which could not be interpreted until
after the video data playback was completed on July 24.
The first anomaly was observed at 00:34:57 GMT and
appeared to be an end-of-tape (EOT) event, although
none was expected until approximately 00:42:30 GMT.
One of the postulated failure modes for the record se-
quence involved the failure of the DAS to send, or the
video storage subsystem to receive, tape stop commands,
with the result that the video storage subsystem would
have recorded continuously. Given this failure mode,
the first EOT event would have been expected at
about 00:35:30 GMT. If it were assumed that the tape
was improperly positioned past the EOT foil, then
the observed event would correlate with expected
telemetry indications for this failure mode. If so, a
second event would have been expected at approx-
imately 00:40:08 GMT. A second end-of-tape event was

observed in the data at 00:40:50 GMT. Since the un-
certainty in time of occurrence of an event based upon
the time of first observation in the data is +0.0 and
—50.4 sec, this time also correlated with the postulated
failure mode. With the possibility that the failure mode
existed clearly established, it was expected either that
no further EOT events would occur, or that they would
occur each 309 sec. This was not the case, because a third
EOT event was observed in the data at 00:43:20 GMT,
the proper time for track change in a nominal sequence.
In the next data frame the false shutter event (distin-
guishable from EOT events only by its timing) was
observed. This also would be expected in a nominal se-
quence. No further events were observed in the science
data.

The contradictory indications in the data made it im-
possible to determine what had taken place until it was
determined during video playback what data, if any,
were stored upon the tape. It was expected, however,
that if the sequence were in fact normal, the second
true. EOT would occur during the recorder runup
prior to Picture 22 and would immediately switch the
data encoder to Mode 2 data. The mode switch would
be observed in the data at about 00:55:24 GMT. The
actual switch to Mode 2 data was not observed until
00:55:46.6 GMT, coincident with the end of Picture 22,
indicating that the data mode switch was initiated by
the DAS rather than the video storage subsystem. This
tended to lend support to the hypothesis that the video
storage subsystem was not running during the latter
portion of the recording sequence. The engineering data
upon return to Mode 2, however, indicated the correct
number of event-register changes for a nominal record-
ing sequence.

After the planetary encounter, investigation showed
that the Mariner IV spacecraft had demonstrated a
tendency toward spurious EOT events in the Mode 3
science data although the previous occurrences had been
associated with some ground action such as boost mode
inhibit off or narrow-angle Mars gate stimulus on/off.
Thus, the two anomalous EOT events could have been
triggered by noise in the system, or were the result of
some normal transient in the television sequencing.

That the recording sequence was, in fact, normal
throughout was verified during the playback of the
stored data. All of the postulated potential failures
would have resulted in less than 21 pictures, while only
the normal sequence would have yielded the 21 pic-
tures plus 21 lines of Picture 22 which were found to be
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present on the tape. Some additional light was thrown
on the events at encounter when laboratory testing
showed that the switch to Mode 2 data at the end of
Picture 22 was normal. The mode switch could have
occurred immediately upon an EOT signal during
Pictures 19 through 21, but was inhibited after the start
of Picture 22. If the end-of-tape occurred during Picture
292 (as it did at encounter) the video storage subsystem
would stop recording and reject any further start com-
mands, but the DAS would not issue the mode switch
command to the data encoder until the Picture 22 stop
command was issued to the video storage subsystem.

This fact had not been uncovered before launch
because none of the Mariner tape machines had a tape
of the precise length required to place the second
end-of-tape in the period of actual data transfer for
Picture 22. During prelaunch testing, the Mariner IV
second end-of-tape occurred during the runup for
Picture 22, but before the start of video data, The
Mariner III end-of-tape events occurred -during the
rundown from Picture 21, and MC-1 (the PTM) had an
extra-long tape, so that the DAS always initiated the
mode switch after 22 pictures.

The DC-26 command (all science off) was observed
in the telemetry data on July 15 at 00:56:23.0 GMT
and SPAC confirmed all-zeros science data. The first
DC-2 command (cruise science on) followed at
00:57:20 GMT. After confirming that cruise was on
and appeared normal, the DSIF was requested to cease
transmission of DC-2 commands. Event register changes
confirming the reception of the remaining five DC-2
commands by the spacecraft were subsequently received
at the expected times. Further analysis of the telemetry
indicated that all engineering and science subsystems
were performing the same as before encounter, and that
the spacecraft had returned to a normal cruise state.
The remaining encounter event, MT-8, occurred several
hours later, appearing in the data at 05:14:39 GMT. This
event, a CC&S command to turn off encounter science,
had been preempted by ground command and did not
affect the state of the spacecraft.

b. Occultation. The spacecraft RF signal was lost at
the DSIF on July 15 at 02:31:12 GMT as Mariner IV
entered the Earth-occultation region of Mars. Four
stations were tracking: DSIF 11 and DSIF 42 as prime
stations and DSIF 12 (Echo site, Goldstone, California)
and DSIF 41 as backup. All stations were able to obtain
useable -data. The occultation occurred about 8 min
later than the time estimated prior to closest approach.
While this is presently unexplained, an error analysis is
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being performed on the trajectory program and its
inputs by the cognizant Flight Path Analysis and Com-
mand Group (FPAC) personnel to determine the source
of the error in the estimate of closest approach distance
and the subsequent flight path.

After spacecraft entrance into the occultation region,
the 100-kw transmitter at DSIF 13 was turned on in an
attempt to obtain two-way tracking upon spacecraft
exit from the occultation region. The spacecraft RF
signal was reacquired by DSIF 42 at 03:25:06 GMT and
by DSIF 41 shortly thereafter. Useful data were ob-
tained by both sites and by the wideband, open-loop
receivers at DSIF 11 and DSIF 12. Analysis of the te-
lemetry by SPAC subsequent to the exit indicated that
no apparent changes in the state of the spacecraft had
taken place during the occultation and that performance
was normal.

6. Playback

Video data playback was initiated by the CC&S MT-9
event on July 15 at 11:41:49.8 GMT. The event was
observed on Earth at 11:53:53.3 GMT, and the expected
switch to Mode 4/1 data was confirmed. An anomaly
was noted at MT-9 when two Register 2 events were
received rather than the expected one. CC&S CY-1
No. 83 was coincident with MT-9. Since the relays in-
volved are driven from two separate points in the
sequencing chain, it was believed that the two events
were sufficiently separated in time that each caused the
event register to increment, where normally the register
input would not have recovered sufficiently from the
first input to accept the second.

After approximately 68 min of engineering data, the
first Mode 4 (picture) data were observed in telemetry
at 13:01:58 GMT. From this point the playback pro-
ceeded in an entirely normal manner through the
termination of the record playback on August 3. During
this period, the data from each of the pictures were
transmitted to Earth twice, with the exception of the
last few lines of Picture 22. The data recovery rate was
quite high, and the performance of the spacecraft was
normal throughout.

In view of the uncertainty associated with the re-
cording sequence as to the EOT events, it was
decided that command alerts should be called for each
of the suspect periods during playback. After the end
of Picture 4, DSIF 42 locked up with the spacecraft
command detector and maintained lock until after
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Picture 5 had been identified in the data and it was
verified that video data had been recorded on the day
of encounter. Similarly, DSIF 11 locked up with the
command detector after the end of Picture 8, and
maintained lock until Picture 9 could be verified.
DSIF 51 locked up with the command detector and
maintained lock until after the time required to reach
the point on the tape where the tape rundown after
Picture 9 had stopped. Thus, during all of the periods
which could have coincided with the spurious events
received on July 15 a minimum-reaction-time command
capability was provided to ensure that corrective action
could be taken, if necessary, to obtain the most useful
data from the playback. During all three command
alerts, all spacecraft data indicated that performance,
both in playback and at encounter, was normal.

An additional alert was called at the time of the
expected video storage subsystem track change, although
the command detector was not locked up. The alert was
called because it was possible, due to the low speed with
which the EOT foil passed the EOT sensor during
playback, to obtain multiple track changes. The track
change occurred without incident, but an interesting
sidelight took place which provided the answer to
the question of how many pictures had been recorded
on the tape. Because of the physical geometry of the
EOT sensor and the playback and record heads in
the video storage subsystem, the playback head will
play, upon track change, a number of seconds of data
recorded prior to the EOT. It was expected that this
portion of the tape would be for the start-up for
Picture 22 based upon prelaunch testing, and thus in
the absence of video data, engineering data would be
transmitted to Earth. Instead, the data received were
video data, and upon decoding it, it was determined
that it was Mars data from the 21st and 22nd lines of
Picture 22, thus verifying that 21 complete pictures and
a portion of the 22nd had been successfully recorded.

The first complete transmission of the stored data
ended on July 24 at 19:26:33 GMT and a second trans-
mission began automatically. This second playback was
nhecessary to ensure that any data missing from the first
transmission of the pictures might be recovered and to
provide duplication of the remainder of the data for
comparison purposes. Spot checks of the data from both
transmissions confirmed that the data were repeatable,
$o it was planned to return the spacecraft to the cruise
mode at the end of the second playback.

One anomaly occurred during the second playback of
the video data. At the first EOT signal, two events

were recorded in data encoder Register 3. The track
change was normal, however, and the extra EOT event
was attributed to dirt or foreign material on the foil.
Based upon prelaunch test data, this extra event was
not unexpected.

Shortly before the playback phase of the mission was
terminated, SSAC and the television experimenters
recommended to the Mariner Project Office that a
second recording sequence be considered. Such a se-
quence could provide information on the behavior of
the television electronics for uniformly black pictures
at each of the various gain settings. With this possibility
in mind, the video storage subsystem representative and
SPAC recommended that playback be terminated in
such a manner that some portion of the Mars data
would not be erased in the event that another recording
sequence were performed. By stopping the tape at some
position other than the EOT foil, from 1 to 10%% pictures
could be protected, since in a recording sequence the
tape would run only until the EOT foil had been crossed
twice.

This recommendation was accepted, and the playback
was terminated in Line 18 of Picture 22, thus protecting
all of the complete pictures on the second track. The
playback could have been terminated and cruise mode
restored by transmission of a DC-2, which would in-
hibit the playback motor, switch to Mode 2 data, and
turn on cruise science, but it would have allowed the
2.4-kc power to the video storage subsystem to remain on.
Since this was an unfused power supply, a line-to-line
short would have resulted in a catastrophic failure of
the spacecraft power subsystem. For this reason, it was
decided to include a DC-28 command to turn off the
2.4-ke power to the video storage subsystem. This com-
mand also disabled the boost-mode and turned on the
battery charger, so it had to be followed by a DC-26
command to turn off the battery charger again and
reenable the boost mode. Finally, a DC-2 could be
used to switch to Mode 2 data and turn on the cruise
science.

The DC-28 was transmitted on August 3 at
03:08:33 GMT, the DC-26 at 03:14:33 GMT, and the
DC-2 at 03:20:33 GMT. Telemetry verified that video
storage 2.4-kc power turned off, battery charger turned
on, and Mode 1 data (indicating video data not present)
received at 03:22:37 GMT. The DC-26 command event
and battery charger off were observed in the data at
03:28:37 GMT, and coincident with it, the expected
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data encoder medium-rate reset which generally ac-
companies large power transients. DC-2 was verified in
the data at 03:48:02 GMT as the data encoder switched
to Mode 2 data and cruise science came on. All cruise
science instruments were verified to be operating as
before encounter, and all engineering subsystem per-
formance was verified as normal.

7. Postencounter Cruise

The spacecraft continued to perform well throughout
the final 8 wk of Phase I of the Mariner IV mission to
Mars. One spacecraft anomaly was noted when the
cosmic-dust detector instrument sporadically began to
return apparently abnormal data. Problems occurred
which caused the postponement of command sequences
twice, but investigation verified that in each case the
problems were groundbased at the DSIF rather than
associated with the spacecraft itself.

Prior to the planetary encounter, proposals had been
made to the Project Manager as to the operational
procedures to be implemented after the completion of
the video data playback. Each of the interested groups
was encouraged to propose tests or operations which
would lead to the optimum recovery of science and
engineering data. After reviewing the proposals the
Project Manager laid down four basic guidelines to
govern postencounter operations and testing:

1. No test or operation should be undertaken that
would interfere significantly with the gathering of
cruise science data unless it was necessary to
mission success.

2. All tests and operations should be nondestructive
and carry minimum risk to the continuous opera-
tion of the spacecraft.

3. Postencounter activities should enhance the possi-
bilities of reacquiring an active spacecraft at next
closest approach to Earth in 1967.

4. Subsystem performance verification tests would
not be considered to be of extremely high scien-
tific or engineering value.

These guidelines led to the approval of a series of
tests and operations to be conducted during the re-
mainder of the portion of the postencounter cruise in
which it would be possible to maintain continuous
telemetry coverage. The majority of the tests were
passive in nature, involving DSIF tracking techniques
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and equipment. Active tests included inflight calibra-
tions of the Mariner IV radio and command subsystems
and a dark encounter sequence to provide television
calibration data. The radio and command subsystem
tests were considered necessary to any attempt to re-
acquire the spacecraft in 1967, and the television cali-
bration was requested by the television experimenters
as necessary to provide an insight into the possible
fogging of the Mars pictures resulting from some un-
known phenomenon in the television electronics. Three
flight operations were also approved: 1) updating of the
Canopus sensor cone-angle, which was necessary to
maintain telemetry and therefore cruise science data as
long as possible; 2) the insertion of the maneuver-
inhibit and minimum turn and burn duration commands
as protection against a failure-induced, inadvertent
trajectory-correction maneuver before the 1967 reacqui-
sition period; and 3) the transfer of the spacecraft trans-
mitter to the low-gain antenna, which is the reacquisition
configuration for 1967.

a. Television haze calibration sequence. The initial
attempt to perform the television haze calibration se-
quence, Fig. 5, on August 21 was cancelled after DSIF
problems occurred which posed a threat to the ability
to react via ground command to any nonstandard oc-
currence onboard the spacecraft. A second attempt was
successful on August 30.

The first attempt was scheduled on August 21 be-
cause the star Altair, with an apparent +0.8 magnitude,
would be at the proper cone angle to be photographed.
While such a small light source would not be resolved
by the Mariner television subsystem, the effects of the
light source should be apparent in the pictures, thus
providing calibration data for the television optics as
well as the electronics. The planned command sequence
followed closely the planetary encounter sequence of
events, without, of course, the onboard events.

The sequence was to be performed from DSIF 13
using the 100-kw transmitter. The spacecraft radio sub-
system was locked up normally, and then command
modulation was applied. Shortly afterward, one of the
safety interlocks at the station tripped and the trans-
mitter automatically shut off. After an investigation by
station personnel indicated that the transmitter had been
operating normally, the transmitter was turned on again
and command modulation was reapplied. Again an inter-
lock tripped, shutting off the transmitter. A brief analysis-
by the station personnel indicated a probable failure of
the interlock circuitry.
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‘Since such a failure would not permit the mainte-
nance of continuous command capability, it was decided
that the operation could not be conducted from DSIF 13.
The received carrier power at the spacecraft had risen
to the marginal command capability level for 10-kw
transmitters during the preceding few days, so the
SPAC telecommunications representative recommended
having DSIF 12 transmit to the spacecraft. Two-way
RF lock was established normally with the spacecraft,
then command modulation was applied and the com-
mand detector locked up. All telemetry indications were
normal, so the first command in the sequence, encounter
science on (DC-25), was transmitted at 22:22:00 GMT.
Shortly after transmission, the telemetry indicated that
the carrier power at the spacecraft was fluctuating
severely. Several samples of the command-detector
monitor telemetry channel indicated momentary drops
of lock by the command detector as the carrier level at
the spacecraft dropped below threshold. Since these
momentary out-of-lock indications appeared to signal
either a DSIF failure or a spacecraft failure, a decision
was made to terminate the attempted haze calibrate
sequence. If the DC-25 was not received by the space-
craft, no further action would be required. If, on the
other hand, the DC-25 command to turn on encounter
science was executed, an emergency command sequence

would be employed to return the spacecraft to a cruise
condition,

At 22:52:04 GMT the data indicated the receipt and
execution of the DC-25 command. After verification that
the spacecraft was responding normally to the com-
mand, the emergency sequence, Table 6, was initiated.

The redundant commands in the sequence listed in
Table 6 were designed to avoid the possibility that
one of the momentary command dropouts would fall
just before or during the receipt of any of the com-
mands, thus inhibiting execution of the command.
During the actual emergency return-to-cruise-state se-
quence, however, none of the redundancy was actually
required, each command being executed normally on
the first transmission. A total of seven DC-2 commands
were transmitted before verification of the first one in
the data was possible. An intensive investigation of the
telemetry data showed that the spacecraft was in a
normal cruise condition with no anomalies apparent in
the data. Although the following day was also acceptable
for obtaining television data using the star Altair as a
light source, no exercise could be scheduled for August 22
without the complete assurance that: 1) there had
been no failure or problem in the spacecraft radio or

Table 6. Emergency command sequence for return to
cruise configuration

Time Command Remarks

DC-28 Turn off video storage 2.4-kc power and turn

on battery charger.

T + 2 min DC-28 Redundant command.

T + 8 min DC-26 Turn off battery charger and all science.

T = 0 is chosen so that this command will
arrive at the spacecraft when the scan plat-
form is at the desired clock angle. The 8 min
delay between the first DC-28 and DC-26 is
designed to allow verification via telemetry

of the DC-28 execution.

T + 10 min DC-26 Redundant command.

T + 12 min DC-2

Turn on cruise science.

T + 14 min DC-2 Redundant command.

T + 19 min DC-2 Additional redundant commands. DC-2

and each commands are sent each 5 min until telem-
5 min etry has verified a normal return-to-cruise
thereafter state.

command equipment, and 2) all problems at DSIF 12
and DSIF 13 had been discovered and corrected. Since
no such assurance could be given in the less than 24 hr
available, the Project Manager decided to forego photo-
graphing Altair and that rescheduling of the haze-
calibration sequence would be delayed until a full
analysis could be made of spacecraft and DSIF
performance.

Early in the week following the unsuccessful attempt
to perform the haze-calibration sequence it was verified
that the problems encountered were station problems.
At DSIF 13 the interlock circuitry had failed, and in-
vestigations at DSIF 12 uncovered a degraded frequency
synthesizer. After both sites had been reported oper-
ationally ready the haze calibration sequence was re-
scheduled for August 26 after the maneuver inhibit
command sequence on August 25. The maneuver inhibit
exercise on August 25 was postponed, however, after it
was determined that DSIF 13 had further interlock
problems that would require 24 hr to correct. DSIF 12
was considered for use in sending commands, but no
firm commitment from the DSN office as to its opera-
tional status could be obtained on such a short time
scale. The Project Manager directed that the maneuver
inhibit sequence be rescheduled for August 25 contingent
upon the correction of the DSIF 13 interlock problems,
and that the haze calibration sequence be rescheduled
for August 30 at the earliest.
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The second attempt to perform the television haze
calibration exercise took place on August 30 and was
successful. The exercise differed from the first attempt
only in that no star of sufficient magnitude was avail-
able as a light source. As a result the data gathered in
the sequence applied only to the television electronics,
rather than to both electronics and optics. The sequence
was performed using DSIF 12 and a 10-kw transmitter
because it was felt that the operational status of DSIF 12
more than compensated for the additional transmitter
power available at DSIF 13, a research and development
site not designed specifically for flight operations. This
use of the smaller transmitter was possible only during
the few days that the RF interferometer effect aided,
rather than degraded, communication ability.

The sequence was initiated with a DC-25 command
at 20:30:00 GMT on August 30. The sequence proceeded
without incident as each command was received and
executed in a normal manner. The command to initiate
the television recording sequence (DC-16) arrived at the
spacecraft at 23:51:22 GMT. It had been anticipated
that the apparently erroneous EOT indications in the
science data during the planetary encounter on July 15
might be repeatable, and that some indication of their
source might be obtained during this recording sequence.
No erroneous EOT indications were observed, however.
The DC-16 was observed in the data on August 31 at
00:06:52 GMT and the EOT events were observed in
the data at 00:08:19 GMT and 00:20:15 GMT, as ex-
pected. The nonstandard time to first EOT was due to
the tape position at the start of the haze-calibrate se-
quence; the playback of the encounter data had been
terminated just prior to the foil on the tape which
signals the EOT. This allowed a calibrate sequence that
would record-over only half of the planetary data, the
video storage subsystem automatically inhibiting after
the foil had been passed twice. Under these conditions
the transfer back to Mode 2 data was initiated by the
DAS at the end of 11 NRT frames (22 television pictures).

The balance of the sequence proceeded as planned,
with playback data appearing in the telemetry at
01:56:16 GMT (Mode 1 data) and the first picture
beginning at 02:00:46 GMT. The stored data were played
back until the first five pictures, which included all of
the television gain settings, had been completed (Sep-
tember 2 at 04:39:23 GMT). One hour later the DSIF 41
10-kw transmitter locked up with the spacecraft com-
mand detector and the sequence to return the spacecraft
to cruise configuration was begun. The first command
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(DC-28) was transmitted at 06:17:00 GMT, and the first
Mode 2 data, indicating the completion of the haze
calibration sequence, were observed on Earth at
07:00:32 GMT. Analysis of the engineering and science
telemetry indicated that all subsystems were performing
as they had prior to the initiation of the sequence.

b. Maneuver inhibit commands. On August 26, four
ground commands were transmitted to the spacecraft in
order to protect against failures which might cause an
inadvertent trajectory-correction maneuver to start. Dis-
cussions as to the desirability of inserting a DC-13
(maneuver inhibit) into the spacecraft had been held
prior to the planetary encounter, but the recommenda-
tion of the EPWG and of SPAC had been against the
maneuver inhibit because:

1. The risk was relatively small that such a failure
would occur prior to encounter.

2. Multiple failures would be required to actually
cause a motor start.

3. Without the motor burning, a trajectory-correction
sequence would not be catastrophic.

4. With nearly continuous command capability and
continuous telemetry monitoring, an inadvertent
maneuver could be aborted via ground command.

After the planetary encounter, however, the fact that a
major portion of the mission objectives had been com-
pleted and the addition of a new objective, the enhance-
ment of the probability of a 1967 reacquisition, dictated
that a review of the maneuver inhibit proposal be made.

The SPAC representatives recommended without
question that the maneuver inhibit command be trans-
mitted and a DC-13 transmission was scheduled for
August 12 during the regular DSIF 13 tracking period.
Additional analysis was performed to determine the
desirability of also inserting minimum turn and burn
duration QC, with the result that just prior to the sched-
uled DC-13 transmission an informal recommendation
to transmit all four commands was presented to the
Project Manager. In view of the proposed change,
the Project Manager postponed any command action
until a more formal review and recommendation could
be made.

A recommendation to transmit both DC-13 and min-
imum value QC was presented to the Project Manager
and approved by him on August 23, 1965. The maneuver-
inhibit command exercise, including all four commands,



was scheduled for August 25. Shortly before the trans-
mission of the first command, problems were encoun-
tered in the operation of the DSIF 13 transmitter which
forced the postponement of the exercise for 24 hr. The
following day the DSN office reported that the 10-kw
transmitter at DSIF 12 had been returned to a state of
operational readiness. The SPAC telecommunications
representative recommended to the SPAC Director that
since DSIF 12 was prepared to transmit commands, it
should be used rather than DSIF 13, which was subject
to interlock problems because of its safety problems and
its developmental, rather than operational, nature. This
recommendation was accepted, and on August 26 at
21:06:52 GMT, DC-13, the first command of the se-
quence, was transmitted to the spacecraft. The three QCs
followed approximately on 8-min centers. Telemetry from
the spacecraft indicated that all commands were success-
fully received.

c. Canopus sensor cone-angle update. On August 27,
1965, a ground command was transmitted to the space-
craft to update the Canopus sensor cone angle to the
first optional position. All previous cone-angle updates
had been commanded automatically by the onboard
CC&S, but no master-timer event was provided in the
Mariner design for more than the four updates required
through the playback phase of the mission. Thus any
updates beyond the MT-4 event had to be commanded
from the ground. Analysis indicated that while the
nominal day for loss of Canopus due to exceeding
the limits of the field of view of the sensor was Sep-
tember 7, adverse tolerances could combine to cause
loss of acquisition as early as August 27.

The update command, DC-17, was transmitted from
DSIF 12 at 19:40:00 GMT and was verified in the
telemetry at 20:11:01 GMT. The telemetry data verified
the new cone angle setting of 77.8 deg.

d. Communications capability. When playback ended
on August 3, 1965, the spacecraft-received carrier power
with command modulation applied was below
—139 dbm, the worst-case command threshold for the
10-kw transmitters at the prime DSIF stations. The
capability to command the spacecraft from prime sta-
tions was regained, as predicted, on August 21 when
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the received-carrier level rose above —139 dbm. The
received-carrier level again dropped below the worst-
case threshold on September 3 and remained at low
levels for the balance of the period.

For a significant portion of the period after September
7, the received-carrier power without command modula-
tion applied was sufficiently close to absolute RF
threshold that the resulting low signal-to-noise ratio
produced a large frequency jitter which was translated
into the telemetry carrier. Each time the spacecraft was
locked up, two-way ground-received carrier power
dropped below the absolute telemetry threshold, causing
a loss of all data. To prevent this, two-way tracking was
forgone, and the spacecraft was locked-up only periodi-
cally for short durations to prevent the spacecraft from
transfering to the receive-via-the-high-gain-antenna
mode.

The average ground-received carrier power reached
the worst case telemetry threshold of —159.6 dbm, about
September 3. From that point, until October 1, 1965,
the ground-received carrier power dropped steadily
as the spacecraft high-gain antenna pointing error in-
creased. On October 1, as predicted, the carrier level
was fast approaching absolute telemetry threshold. At
21:30:17 GMT, a DC-12 command (transmit and re-
ceive via low-gain antenna) was transmitted from the
100-kw transmitter at DSIF 13. Telemetry was lost
at 22:05:07 GMT, marking the end of the nominal
mission. The transfer to low-gain antenna precluded the
cycling of the receiver between the antennas by
the radio subsystem logic circuitry, thus permitting
access from the 100-kw transmitter as desired. In addi-
tion, the transfer of the transmitter to the low-gain
antenna placed the spacecraft in the proper configura-
tion for the projected attempt to reacquire the spacecraft
in 1967.

During the 308 days of flight through the termination
of telemetry, the Mariner IV radio subsystem returned
well over 50 million measurements to the Earth. A total
of 85 commands were transmitted to the spacecraft and
all were received and executed normally. The last
command, DC-12, was accepted by the spacecraft at a
distance of more than 191 million mi from Earth.
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ll. SUBSYSTEM PERFORMANCE

A. Structure and Mechanisms

1. Description

The spacecraft subsystem is structurally integrated
into a rigidly supported functional spacecraft. The major
requirements on the structure occur during all prelaunch
phases of the operation and during the boost phase and
trajectory-correction maneuvers. The cruise portion of
the flight requires that the structure maintain the me-
chanical alignments and that the spacecraft not fall
apart, The Mariner IV structure was composed of the
octagon structure, superstructure, and science platform
structure.

The spacecraft mechanisms consist of those items that
were required to actively function during the mission:

1. The boost dampers reduced the vibration inputs to
the solar panels and the low-gain antenna during
boost. They also statically positioned these items.

9. The SIT and PAS initiated onboard commands and
applied power to the pyrotechnics subsystem at
spacecraft/booster separation.

3. The solar panel deployment spring deployed the
solar panels to the cruise position. Switches near
the panel hinges gave telemetry indications that
each panel opened.

4. The cruise dampers positioned the panels in the
deployed position and damped solar panel excur-
sions during propulsion maneuvers. Latches on the
dampers engaged the panel to prevent subsequent
separation.

5. The scan actuator rotated the science platform and
instruments to search for and point to the Mars
surface. The total scan amplitude was 180 deg. The
actuator was controlled by the scan subsystem
electronics.

6. The scan inhibit switch inhibited power to the scan
actuator until the pin-puller, which torsionally re-
strained the platform, was fired. It also gave a
telemetry indication that the pin-puller had re-
leased the platform.

7. The science instrument cover protected the planet-
oriented instruments and sensors from sunlight and
cosmic dust. It could be unlatched by either a
solenoid or by a lanyard which was released at the
start of platform scanning motion. The cover was
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deployed by two clock springs. A change in the
spacecraft identification telemetry channel data
number (DN) indicated the cover was deployed.

2. Performance

Because the function of all the structural and many of
the mechanical items was passive after launch, little
telemetry was transmitted about the performance of
these items. As a result, the inflight performance of these
components can only be deduced from other flight infor-
mation. This is also true in the case of the electronic
packaging design and the electronic cable harnessing.

All information gained during the flight indicated
that the structure, electronic cabling, mechanical devices,
and the electronic packaging design performed as de-
signed. Telemetry was recovered in flight on the perfor-
mance of the following mechanical devices:

a. Separation-initiated timer and pyrotechnics arming
switch. Telemetry event indications verified that either
the PAS or the SIT energized the pyrotechnics control
assembly (PCA). The PAS closure arming the PCA was
designed to occur at spacecraft/Agena separation; the
SIT switch closure was a backup designed to occur
about 40 sec after separation. It was not determined
whether the PAS or the SIT energized the PCA, because
telemetry data covering spacecraft separation were not
available.

The first available data encoder event counter indica-
tions were received about 3 min after separation. The
telemetry indicated a normal SIT-actuated solar panel
deployment and unlatch of the planetary scan platform.

b. Solar panel deployment. Telemetry indications
from the solar-panel deploy-switches, through the data
encoder event counters, indicated that each of the four
panels had been released by the pyrotechnic pin-pullers
and had been deployed by the panel deployment springs
to within 20 deg of the fully open position. Temperature
and power measurements later confirmed panel deploy-
ment.

c. Cruise dampers and latches. Based on the success-
ful trajectory-correction maneuver, it was deduced that
the panels did deploy and latch in the fully open posi-
tion and that any panel excursions during the PIPS
motor firing were adequately damped. Had the dampers
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and latches failed to perform as designed, the center-of-
gravity shifts caused by misaligned or excessively vibrat-
ing panels would have degraded the accuracy of the
maneuver.

d. Scan actuator. The scan actuator was operated
during the science cover deployment exercise for approx-
imately 11 scan cycles. During the scanning period of
127 min in which the actuator functioned normally, the
average scan cycle was 11 min 52.9 sec.

At encounter the actuator again operated within the
design limits. During the 108 min of operation, the aver-
age scan cycle time was 11 min 53.2 sec. An analysis of
the scan reversal points verified that the actuator re-
versed at the first set of limit switches. During the
aborted television haze calibration sequence the actu-
ator operated successfully for 66 min with an average
scan cycle period of 11 min 53.8 sec. During the 139-min
operating period of the completed sequence, the scan
cycle was 11 min 53.5 sec.

The scan actuator was pressurized to 30 psia when it
was assembled. At launch the pressure was 29.5 psia.
During the science cover deployment, during encounter
and during the television haze calibration sequence, the
pressure was 28.8, 26.6, and 25.5 psi respectively. This
decrease in pressure was attributed to seal leakage and
porosity in the magnesium actuator cover.

e. Scan inhibit switch. The data encoder event regis-
ter indicated that the scan inhibit switch functioned as
designed when the pin-puller, which latched the science
platform, was fired at spacecraft injection. The subse-
quent successful operation of the scan actuator verified
this conclusion.

f. Science cover. On February 11, 1965, the single-
shot science cover solenoid, initiated from the PCA,
successfully unlatched the science cover. The proper
deployment of the cover was verified by a change in
the spacecraft identity Telemetry Channel 414 data num-
ber, and by a decrease in the platform temperatures.
Temperature change on the scan platform caused two
data number changes in the Channel 414 resistance mea-
surement at other times during flight.

3. Recommendations

Based on the flight performance of the structures and
mechanical devices, it is recommended that although
the scan actuator components were designed to func-

tion normally in hard vacuum, additional effort be di-
rected toward finding improved methods for sealing
actuators.

B. Telecommunications
1. General

The Mariner IV telecommunications system was de-
signed to perform three functions:

1. Track the angular position, radial velocity and
range of the spacecraft to enable the FPAC and
tracking data analysis areas of the SFOF to com-
pute the parameters of the spacecraft trajectory.

2. Provide engineering telemetry data from the space-
craft to evaluate spacecraft performance. Provide
scientific telemetry data from the spacecraft to per-
mit scientific evaluation of the mission and to trans-
mit stored television pictures of the planet Mars.

3. Provide ground command capability to the space-
craft as required.

These functions must be performed from launch to at
least encounter plus 20 days, including a trajectory-
correction maneuver, providing the trajectory and ma-
neuver meet the constraints set forth in the functional
specification.

2. Telecommunications System Performance

A review of flight data indicates that all functional
requirements have been met, such as:

a. Tracking. Tracking data were received by the
DSIF 24 hr a day after Mariner IV launch in either the
one-way or two-way mode, except for short periods
when Ranger tracking requirements took precedence
over Mariner requirements. Using doppler and angle-
tracking data from DSIF stations, FPAC personnel were
able to determine the course of the spacecraft and con-
tinually monitor the spacecraft trajectory to verify and
improve their trajectory predictions. Initial tracking data
after injection were used to determine the distance and
time by which the spacecraft would miss the nominal
aiming point, and to define a trajectory correction for
their error. Following the trajectory-correction maneu-
ver, tracking data were used to verify that the maneuver
had occurred as planned and that the spacecraft was
indeed on course.

An additional task was performed in support of the
tracking function during the occultation experiment,
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which was designed to gather information on the Mar-
tian atmosphere by monitoring changes in radio signals
from the spacecraft as it passed behind the planet.

b. Telemetry. During all periods when the spacecraft
was being tracked, telemetry data were received from
the spacecraft. Analysis of received signal level data
from DSIF indicated that the telemetry threshold re-
quirement of less than 1 bit error in 200 bits was met.
Indeed, during the picture playback the theoretical bit
error rate was estimated to be less than 10-°. Although
the telemetry link bit-error rate during the picture
playback could not be experimentally evaluated, the
extremely clean picture data were evidence of superior
performance. During the mission, over 350 X 10° bits
of data were sent to Earth by Mariner IV and these
data were relayed to the SFOF for evaluation, logging,
and further processing.

¢. Command. From two days after launch, when the
first command was sent to the spacecraft, until the end
of the TV picture playback, a total of 56 commands were
sent to Mariner IV. In addition, 19 more commands
were sent during the postencounter phase, bringing the
total to 85 by the end of Phase I of the mission. All of
these commands were successfully received and exe-
cuted by the subsystems to which they were directed.
Analysis of spacecraft received signal level telemetry at
the time of command transmission indicates that the
command threshold bit error rate of 10-* was met for
all commands. Since all commands were correctly re-
ceived and executed, it can be inferred that no bit
errors occurred.

During operational planning for the encounter phase,
it became obvious that extremely accurate command
timing would greatly enhance the value of encounter
sequence commands. By utilizing the timed start mode
of the ground command subsystem it was possible to
accurately time the initiation of commands and hence
their arrival and execution times on the spacecraft. The
accurate positioning of the scan platform for the TV
picture-taking sequence was evidence of the success of
this technique.

d. Communications capability. Theoretical perfor-
mance predictions were made for the Mariner IV mis-
sion using a summation of all known gains and losses
between transmitters and receivers to generate curves
of predicted received-power levels at the spacecraft and
at the ground stations. By comparing predicted signal
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levels at any time during the flight with system thresh-
olds, it was possible to define a performance margin as
the amount by which the predicted nominal exceeded
threshold. In order to reasonably assure that the tele-
communications system performance would not decrease
below the threshold during the mission, the design cri-
terion was such that the performance margin must ex-
ceed the linear sum (in db) of the known system adverse
tolerances. This criterion was met for all required phases
of the mission for the command function, and for all
phases except a short transition period between low-
and high-gain antenna coverage for telemetry.

It should be noted that even during the period when
the telemetry system adverse tolerances were not
covered, the performance margin never went below
nominal threshold. Thus in this region the telemetry
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system performance would be marginal, depending on
the way in which the tolerances break. This was a
result of an antenna position compromise that had to be
made between midflight performance and encounter
performance, sacrificing a short period in midflight to
more adequately cover the encounter.
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Uplink performance. During the Mariner IV mission,
all signals transmitted from Earth to the spacecraft were
received via the spacecraft low-gain antenna. Theoretical
received signal level predictions are shown in Fig. 6
and 7 for the Earth to spacecraft link. Figure 6 shows

predicted signal levels and the associated tolerances
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Fig. 8. Spacecraft attitude effects on uplink performance
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during the portion of the flight when the spacecraft-to-
Earth vector fell on the low-gain antenna alone. Figure 7
shows the same predictions during the period when the
spacecraft-to-Earth vector intersected both the low- and
high-gain antennas, and shows the resulting radio-
frequency interference pattern. For comparison with
predictions, received carrier power data have been taken
using a calibrated AGC voltage on the spacecraft.
Figures 6 and 7 show the recorded signal level data on
curves of predicted data. The agreement is quite good
for all phases of the flight.

Data points as shown on Fig. 6 and 7 are based on
spacecraft AGC averages over a long period of time, since
the instantaneous value at any given time may be subject
to several possible perturbations. Most significant among
possible perturbations is the variation in the exact point
on the antenna pattern seen by the Earth due to attitude
control limit cycles. Since the slope of the antenna-gain-
vs-look-angle curve is very steep for many places on the
antenna pattern, small variations in look angle can be
translated into significant variations in spacecraft
received-signal level, Fig. 8. Other items contributing
to instantaneous variations in AGC telemetry were
noise on the AGC telemetry, variations in DSIF trans-
mitter power output, and variations in DSIF transmitter
frequency.

Downlink performance. During the first 96 days of
the Mariner IV mission, spacecraft-to-Earth communi-
cations were via the spacecraft low-gain antenna. A
switch was made to the high-gain antenna on March 5,
1965, and the spacecraft continued to transmit via the
high-gain antenna until October 1, 1965, when it was
commanded back to the low-gain antenna as a condition
for the cruise around the Sun. The spacecraft trans-
mitted via a cavity amplifier for the launch and for the
first 15 days of the mission. On December 13, 1964, a
commanded switch to the TWT amplifier was made.

Figure 9 shows predicted received signal levels for the
spacecraft-to-Earth link for the Mariner IV mission.
Also shown in Fig. 9 is DSIF-received carrier-power
data taken during the mission. These data points repre-
sent averages, over several station passes, of AGC data
taken at DSIF 11. It should be noted that the data
points shown in Fig. 9 may not, in many cases, cor-
respond to signal levels reported by the station during
the flight. The station-reported signal strengths have
been corrected for known calibration errors in order to
present a true picture of downlink performance.
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Fig. 9. Downlink performance

e. Summary. Performance of both the uplink and
downlink averaged near nominal predicted values
and within the assigned tolerance limits. Telecommuni-
cation system design criteria for the Mariner mission
were thus met, with the conclusion that all parameters
significantly affecting the Mariner IV telecommunica-
tions system had been considered, and the functional
requirements as defined for the Mariner IV telecom-
munications system had been fulfilled.

3. Radio Subsystem

a. Description. The radio subsystem for the
Mariner IV spacecraft was required to receive either a
modulated or an unmodulated RF carrier transmitted
from ground stations of the DSN, demodulate command
and ranging signals if present, coherently translate the
frequency and phase of the RF carrier, modulate the
translated carrier with telemetry and ranging signals,
and retransmit it back to Earth, Figure 10 is a block
diagram of the spacecraft radio subsystem.

The received signal was a 2116 Mc carrier that could
be modulated by a composite command signal and/or a
coded ranging signal. This signal was demodulated by
the automatic phase control (APC) receiver, which
tracked the carrier signal in a phase-locked loop. If com-
mand or ranging modulation were present, it was sent to
the command detector or the ranging channel, respec-
tively. When the receiver was phase locked to the re-
ceiver carrier, it generated a filtered phase reference for
the transmitter exciter which was coherent with the re-
ceived carrier. The phase of the transmitted signal was
thus related to the phase of the received signal by
the constant ratio of 240/221. The signal generated by the
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transmitter exciter was phase modulated continuously
by a composite telemetry signal and by a ranging signal
if ranging was turned on.

When the ground stations were not transmitting to
the spacecraft, the spacecraft transmitter exciter was
controlled by an auxiliary crystal oscillator. This pro-
vided a capability for noncoherent one-way tracking of
the spacecraft and ensured that spacecraft telemetry
would be available even when the ground stations were
not in uplink lock with the spacecraft.

To provide high reliability, redundant exciters, power
amplifiers, and power supplies were incorporated into
the transmitter. Either exciter could be used with either
power amplifier through a circulator switching network.
Similarly, either power amplifier could be used for
transmitting through either antenna within the restric-
tions of the spacecraft logic. The control of switching
between power amplifiers and exciters was provided by
either ground command or on-board failure detection
logic. For ground command control, the receipt of the
appropriate direct command caused the control unit to
transfer power from the active to the inactive element
and to reverse all necessary input-output functions. In the
case of switching by onboard failure detection, power
monitors sampled the level of both the exciter and
power amplifier RF power outputs. If the output power
dropped below a preset level, the next cyclic pulse

30° 0° 330°

60. 300.
90° 270°*
120° 40 "NUMBERS INDICATE 240

DAYS FROM LAUNCH,

ENCOUNTER=
60—~ APPROXIMATELY
230 days
150°* 180°* 210°

Fig. 11. Spacecrafi-to-Earth vector diagram
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(CY-1) from the spacecraft CC&S caused the control
unit to switch the offending element.

The Mariner IV RF power amplifiers formed a hybrid
configuration consisting of one cavity amplifier and one
TWT amplifier. This configuration was chosen as the
best system to fulfill mission objectives with available
hardware and technology. The cavity amplifier was used
during the launch phase in a low-voltage mode to prevent
arcing when the spacecraft pressure passed through the
critical region as the spacecraft evacuated in the vacaum
of space. As the spacecraft separated from the Agena
stage of the launch vehicle, the cavity amplifier power
supply was switched to the high-voltage mode, and the
cavity amplifier began transmitting at full power. It
was not possible to use the TWT amplifier during this
period since it had no low-voltage mode and was not
packaged to operate in a partial vacuum. Several days
after launch, a switch to the TWT amplifier was
directed by ground command and this configuration
was maintained throughout the balance of the mission.

With two antennas and the associated circulator
switches, three transmitting and receiving modes are
available:

1. Transmit low-gain, receive low-gain
2. Transmit high-gain, receive high-gain.
3. Transmit high-gain, receive low-gain

These modes provided the required coverage during all
phases of the mission. Selection of the proper mode for
a given time in flight was by CC&S command with
ground command backup. Failure mode switching was
also available to switch the spacecraft receiver to the
low gain antenna should an automatic roll reacquisition
be necessary and between the two antennas in the event
of uplink communications failure.

By designing antenna pattern coverage to take ad-
vantage of the unique characteristics of the Mars 1964
minimum energy trajectories, considerable savings in
spacecraft weight and complexity were realized.
Figure 11 shows a plot of the spacecraft-to-Earth vector
for a typical trajectory across the spacecraft coordinate
system. During the latter portion of the flight, when it
was necessary to use a high-gain antenna to communi-
cate over the long ranges involved, the angular variation
of the Earth track was small. This permitted the use
of a fixed, high-gain antenna and enabled spacecraft
designers to eliminate the heavy and complex antenna
pointing equipment required to steer a moveable
antenna.
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b. Performance. The radio subsystem aboard the
Mariner IV spacecraft operated continuously with no
evidence of any malfunction or degradation of perfor-
mance from time of launch to completion of the mission.
The anomalies that were observed were well under-
stood and are reported in the order that they were
recorded.

Traveling-wave tube helix current variation. Fol-
lowing the switch to the TWT amplifier by ground
command on December 13, 1964, the TWT operated as
expected with one exception. Beginning December 31,
telemetry indicated that the TWT helix current was
varying more than anticipated, and was generally tend-
ing to increase. It finally stabilized about 0.4 ma higher
than the initial value. Discussions with the manufacturer
indicated that helix current variation was a known
characteristic of TWTs and should be considered normal.
Subsequent tests conducted at JPL with two TWTs from
the same lot that Mariner IV used confirmed this.

Continued observation of helix current after its stabi-
lization value (about 7.7 ma) was reached has shown no
further variations, except those attributable to decreas-
ing spacecraft temperature.

Interferometer effect. The Mariner IV radio sub-
system was so designed that the transmitter or receiver
could be switched to operate with the high-gain an-
tenna or the low-gain antenna on the spacecraft. The
switching operation was done with circulator switches.
Because the effective isolation provided by the circula-
tor switches was finite, more than one path was possi-
ble for transmission of RF energy through the subsystem.
The net result of the finite isolation was that trans-
mission or reception of the same signal over both
antennas on the spacecraft was possible. At a given
nonlinear element, constructive or destructive inter-
ference occurred depending upon the relative ampli-
tudes and phases of the interfering signals. Because
the two antennas were many wavelengths apart, the
relative phase between each antenna signal, and there-
fore the relative amplitude of the composite signal,
varied with look angle to the spacecraft. The resulting
amplitude variation with spacecraft cone and clock
angle produced the interferometer pattern shown earlier
in Fig. 7.

The leakage mechanism in the RF circuits was a
combination of actual circulator isolation and circulator
termination mismatch return loss. That is, an unwanted
RF signal may wind up at a circulator port via wrong-
way circulation and via reflection from a mismatched

termination with right-way circulation. The actual un-
wanted signal magnitude at the port in question was
then dependent upon the relative magnitudes and phase
difference between the signals via the two paths. Hence,
the leakage was a function of circulator isolation, termi-
nation mismatch, and interconnecting line lengths.

Early in the Mariner radio subsystem design, the
problem of circulator switch leakage was recognized,
but the decision was made to continue the design. For
the planned portion of the flight where the interfer-
ometer pattern occurred — over the solid angle of the
high-gain main beam — the spacecraft could have
the transmitter and receiver connected to the high-gain
antenna. The large gain, coupled with normal isolation
to the low-gain antenna, would make the interferom-
eter effect for this mode negligible.

Mariner IV left Earth in the transmit low-gain, receive
low-gain mode. Prelaunch predictions based on an
assumed isolation of 25 db indicated that +7 db to
—11 db maximum variations from the nominal low-
gain patterns could exist over that portion of the low-gain
pattern encompassing the high-gain antenna main beam
(around 38-deg cone angle). Until the time that the
transfer from low-gain transmitting to high-gain trans-
mitting occurred (MT-5, 28-deg cone angle), the max-
imum variations encountered were approximately =4 db
from nominal for the uplink signal and approximately
+3 db for the downlink signal.

After the mode switching occurred, the interferometer
effect ceased to exist on the downlink because, for the
new antenna configuration, the interfering signal was
negligible compared with the primary, high-gain an-
tenna signal. In uplink communications, however, the
interferometer effect remained quite pronounced, as
expected, since the spacecraft receiver antenna con-
figuration had not changed, although the phase and
amplitude relationships of the interfering signals did
change. Subsequent mapping of the antenna gains
allowed the received carrier power data and the space-
craft signal (2116 Mc) to be fitted to analytical inter-
ferometer patterns, yielding uplink communications
predictions for the balance of the mission and indicating
that the effective isolation from the high-gain antenna
to the receiver was on the order of 125 db for the
transmit high-gain, receive low-gain mode.

The interference effect upon the uplink could have
been avoided entirely by transferring the receiver to
the high-gain antenna at this point. It was desirable,
however, to remain on the low-gain antenna as long as
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possible to permit command capability in the event that
roll orientation was lost. The logic which would normally
command a transfer of the receiver to the low-gain
antenna if roll acquisition were lost was disabled when
DC-15 was in effect.

Fortunately, the interferometer pattern was so dis-
posed about the spacecraft that a pattern maximum
occurred during encounter. At look angles other than
over the high-gain antenna main beam, the normal
low-gain antenna pattern still existed. Thus, the inter-
ferometer pattern provided higher gain than normal for
the critical portion of the mission and yet had wide
coverage for command reception capability in the event
the spacecraft lost attitude control.

Frequency shifts at CY-1 events. Both receivers at
DSIF 42 dropped lock momentarily coincident with the
CC&S cyclic command (CY-1) on February 27, 1965.
Analysis of the data showed that these transients were
present every time a CY-1 occurred while the radio
subsystem was in one-way lock. A series of tests on
the Mariner proof-test model spacecraft provided the
explanation.

The first CY-1 after a two-way tracking period
changed the state of a flip-flop in the radio control
circuitry. The flip-flop, which derives its power in
common with the auxiliary oscillator, draws more cur-
rent in one state than in the other. The dc power-supply
voltage, in turn, is slightly current dependent, so that
a change of state of the flip-flop results in a slight
change of voltage to the auxiliary oscillator, causing a
shift in spacecraft transmitted frequency. Ground test-
ing indicated that a change of approximately 10 mv in
the power-supply voltage was to be expected, so that
the frequency shift at S-band would be about 30 cps.

When the spacecraft is in two-way lock, the radio
operates from the voltage controlled oscillator (VCO)
which does not have a dc power supply in common with
the current unbalanced flip-flop. Thus, the slight shift
in frequency is not observed when in two-way lock. It
was not observed during prelaunch system testing be-
cause sufficiently sensitive instrumentation to measure
such small frequency change is not part of a normal test
configuration.

Best lock frequency investigation. The best lock
frequency is the frequency onto which the spacecraft
receiver APC loop will lock in minimum time. It also
corresponds to the average frequency at which the re-
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ceiver VCO operates when out of lock. If this frequency
is known closely enough, the average time to acquire
two-way lock can be minimized.

Due to aging and temperature differences, the best
lock frequency may change from the prelaunch value.
For this reason, two methods were proposed and were
used to continuously update the estimate of the best
lock frequency.

The first method involved the direct measurement by
DSIF of the frequency giving the shortest lock-up time,
and the only requirement was that the DSIF stations
modify slightly the procedures for acquiring two-way
lock. The second method consisted of recording space-
craft static phase error (SPE) telemetry values when
out of lock and then averaging the spacecraft SPE
readings over a sufficiently long period of receiver
out-of-lock conditions. The average telemetry value was
then converted to spacecraft VCO frequency from the
appropriate calibration table. Using the updated best
lock frequencies, ground stations repeatedly obtained
two-way lock with the spacecraft within a few seconds
after the signal arrived at the spacecraft. Prior to
obtaining these data it occasionally took more than an
hour to obtain two-way lock.

4, Data Encoder Subsystem

a. Description. The Mariner IV data encoder sub-
system accepted engineering data from 90 analog
channels, time multiplexed it into a predetermined
sequence, and converted it into 7-bit binary words. It
also accepted digital data from science, video storage,
and command subsystems and time multiplexed (com-
mutated) this with the engineering data. The data
encoder subsystem generated a cumulative count of
specific spacecraft events, and a cyclic, binary, pseudo-
random code from which bit and word sync were
obtained. A composite telemetry signal consisting of
telemetry data bi-phase modulated on a square wave
subcarrier and linearly added a synchronization sub-
carrier was generated and sent to the RF phase modu-
lator. Two data rates were provided in order to take
advantage of the higher signal strengths available during
the early part of the flight to support a higher bit rate.
The lower rate was used after the Earth to spacecraft
range was so large that ground received signal level
decreased to the point where excessive bit errors were
introduced at the higher bit rate.

Figure 12, a block diagram of the Mariner IV data
encoder, shows the main functional elements. Analog
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data from telemetry transducers in the various space-
craft subsystems arrives at the solid state commutator
where it was time multiplexed into a predetermined
sequence and converted to a pulse-amplitude-modulated
(PAM) signal for presentation to the analog-to-digital
converter (ADC). The commutator also provided unique
words of frame synchronization information for the
ground decommutators to use to identify the various
data words.

In the ADC the sequenced PAM data from the
commutator was converted into 7-bit binary words
which in turn went to the data selector for insertion into
the data stream.

To obtain bit and word sync for telemetry, a cyclic
63-bit pseudorandom code was used. This code was
generated by a pseudorandom code generator which
was driven by the sync subcarrier frequency of 2f,,
and was synchronized with data and sync subcarriers.
Bit and word sync were derived through a series of gates
which generated pulses that synchronized the commu-
tator, the ADC, and all digital data inputs.

To provide bit and word sync information to the
ground equipment, the pseudorandom code was phase-
shift key (PSK) modulated onto a sync subcarrier. The
ground demodulator generates a local pseudorandom
code identical to the code received from the spacecraft
and steps the two codes past each other until they are in
phase. Word gates like those on the spacecraft then de-
rive accurate word and bit sync pulses.

To obtain the 2f, and 4f, frequencies used for sync
and data subcarriers and to provide basic subsystem
timing, the spacecraft 2400-cps power is divided down
via a digital counter chain in the frequency divider.
Data bit rate is also determined in the frequency
divider by switching in additional counters to obtain
the lower bit rate. This switching function was con-
trolled by a CC&S command with ground command
backup. At launch the data rate was 331 bps, with the
CC&S commanding a switch to 8% bps on January
3, 1965.

In case of catastrophic failure of an ADC or pseudo-
random code generator, a redundant ADC/pseudorandom
code generator chain was available. The redundant
combination could have been activated by a ground
command which removes power from the failed unit
and applies power to the standby unit.

In addition to the processing of analog data, several
digital data inputs were accepted by the data encoder.
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The spacecraft command system provided an input from
the command detector indicating whether or not the
command detector was in lock and the frequency of
the command detector VCO. Event registers that main-
tained a cumulative count of spacecraft events provided
a 7-bit digital output which was commutated together
with the engineering data words. The science subsystem
provided a digital input consisting of data from the
scientific instruments on board the spacecraft, and tele-
vision picture data from the video storage subsystem
were input during the post encounter period when
pictures were being played back.

Four data modes were available, either by CC&S
command or ground command. They were: 1) engineer-
ing data only, 2) engineering and science data, 3) science
data only, and 4) stored video and science data with
short blocks of engineering data every 9 hr. Mode 1
was used during checkout of the spacecraft and critical
maneuvers where engineering data are of primary interest.
Mode 2 was used during the cruise phase where both
science and engineering data were required. Mode 3
was used during planetary encounter to obtain maximum
real time scientific data and Mode 4 was used during
the post encounter playback of stored data.

b. Performance. The data encoder subsystem operated
normally throughout the flight. As predicted before
launch several data encoder deck skips occurred coinci-
dentally with changes in the spacecraft power profile.
These skips were due to the susceptibility of the com-
mutator to electrical transients, and had no effect on the
mission other than a change of reference times for sci-
ence frame count and deck sync.

Shortly after launch, while the spacecraft was passing
through the Van Allen radiation belt, there were several
deck skips that are as yet unexplained. However, after
that time, all deck skips were associated with changes
of spacecraft power or other electrical transients.

Deck skips and resets. Deck skipping is described as
a skipping of some channels by the commutator. Specif-
ically, the effect was observed at frequent intervals
between L + 157 min and L + 180 min on Mariner IV
and at L + 207 min on Mariner III. Commutator skip-
ping at these times was not fully explained, although
several theories were advanced, e.g., radiation effects,
outgassing effects, and plasma probe high-voltage arc-
ing. Since these specific times, occasional skips have
been noted on Mariner IV which have been correlated
with arcing of the plasma probe on the spacecraft or
with changes in the spacecraft power profile. Table 7
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Date

Time, GMT

Event

Date

Time, GMT

Event

November 1, 1964

16:59:00

17:00:28

17:00:40

17:00:53
17:04:00

17:04:13

17:04:25

17:04:37

17:04:50

17:05:15

17:05:27

17:06:05

17:06:17

17:06:42

17:07:18

17:07:43

17:07:55
17:09:28

17:11:21

17:15:33

17:16:36

Rate 3/4 skipped 409, 410, then reset
and advanced one count.

Rate 1 skipped at word 119 which
made science PN code start one word
only.

Rate 2 reset from 208, skipping word
209.

Rate 3/4 skipped from word 411 to 400.
Rate 2 skipped position 206 and 207.

Rate 2 reset to 200 from 207, skipping
208 and 209.

Rate 3/4 reset to 400 from 201, skipping
402 through 419.

Rate 1 sync occurred one word early.
100 deck reset at one of the two 8
positions in the science deck. Rate 2
reset to 200 from 201, skipping 202
through 209.

Rate 3/4 reset to 410 from 400, skipping
401 through 409.

Rate 1 sync occurred one word early.
Again a 100 deck reset at position 8.

Rate 2 reset to 200.
Rate 3/4 reset to 400.

Rate 1 sync occurred one word early.
100 deck reset at position 8.

Rate 2 reset to 200 from 203, skipping
204 through 209.

Rate 3/4 reset to 410 position.

Rate 1 sync occurred one word early.
100 deck reset at position 8. Rate 2 reset
to 200 from 202, skipping 203 through
209.

Rate 3/4 reset to 410 position.

Rate 1 sync occurred one word early.
Probably 100 deck reset at position 8.

Rate 3/4 reset to 400 position.

Rate 2 skipped 208, going from 207 to
209. Rate 3/4 reset to 410 position.

Rate 2 skipped 208, going from 207 to
209. Rate 3/4 reset to 400 position.

Rate 2 reset to 200 from 208, skipping
209.

Rate 2 skipped 205, going from 204 to
206. Rate 3/4 reset to 410 position,

November 1, 1964

\

December 6

7

v

February 11, 1965

17:18:29

17:19:20

17:19:33

17:19:45

17:19:58

17:20:11

17:20:23

17:20:35

17:21:26

17:22:28

02:03:04

06:21:34

09:02:14

13:29:46

13:42:10

03:41:08

06:48:36

03:53:15

06:54:43

10:27:08

Rate 2 reset to 200 during first 9 words
of engineering frame since 205 okay
but 220 occurred during 225 time
indicating a reset from position 5 to 0
on rate 2. Rate 3/4 reset to 400 position.

Rate 2 skipped position 204 but not
214 and 224. It read out 205, 214, 224.
Indicates three rate 2 decks out of step.

Rate 2 read out 206, 215, 224. Indicates
three rate 2 decks out of step.

Rate 2 read out 207, 216, 226. Indicates
three rate 2 decks out of step.

Rate 2 read out 208, 217, 227. Indicates
three rate 2 decks out of step.

Rate 2 reset to 200, skipping 209.

Rate 2 reset to 200; i.e., 200 deck sync
again.

Rate 3/4 reset to 410 position.

Rate 2 skipped position 205 and
succeeding channels were incorrect
until the deck was reset at Channel
209. Channels 219 and 229 were
skipped as a result of the reset.

Rate 3/4 reset, 410 skipped.

Rate 2 reset, skipped 209; 400 deck not
affected.

Rate 3/4 reset, skipping from 416 to 401.
Implied reset before 06:21:22 GMT.

Rate 2 skipped 207, read out 208, 217,
227; 400 deck reset. Next reading
201 = 90. Skipped 418, 419, and 400.

Rate 3/4 reset, skipped 408, 409, and
410.

Rate 3/4 and rate 2 reset, skipped 209.
Rate 1 reset, skipped 119 and 206.
Rate 3/4 reset.

Rate 2 reset to 200 from 206 and Rate
3/4 reset to 400 from 416
(DC-26 battery charger off transient).

Rate 1 reset, Rate 2 reset to 200 from
203, and Rate 3/4 reset to 410 and 407
(DC-25 encounter science on transient),

Rates 1, 2, and 3/4 reset
(DC-26 battery charger off transient).
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Table 7. Data encoder deck skips and resets (cont'd)

Table 8. Deck skips and resets during SAF testing

Dote Time, GMT Event

February 11,1965 [ 17:02:05 | Rates 3 and 4 reset coincident with

CC&S event MT-1.

June 10 14:40:32.8 | Data encoder rate 3/4 skipped from

409 to 401.

June 30 03:28:37 | Data encoder rate 2 skipped from 209
to 200, then reset to 201. Rate 3/4
skipped from 408 to 410 and 308 to

300.

September 2 06:54:32 | Rate 1, 2, and 4 decks skipped coinci-

dent with battery charger turn off.

Date, 1964 Spacecraft
February MC-1
March 17
April 22
April 23
Meay 2
18
25 MC-2
26 MC-1

lists the deck skips and resets observed during the
mission.

The commutator is composed of semiconductor
switches arranged in groups of 10, called decks. The
decks are grouped to form frames, and each frame is
sampled at a different sampling rate. As an example,
the fast frame is composed of two decks which are
sequenced in parallel. The outputs are switched alter-
nately, so that a length-20 frame is formed. Each deck
is sequenced by a sequencer, which turns each switch
on and off in order. These sequencers are essentially
free-running, but must run in synchronism. To ensure
that the sequencers stay synchronized, a synchronizer is
used. The output of the last position of each sequencer
is connected to the synchronizer. The synchronizer pro-
duces an output pulse whenever it receives an input
pulse from either of the two sequencers. Thus, if one
sequencer gets ahead of the other, it will reach the last
position, thereby regaining synchronism.

In most cases, the deck skip had been caused by pre-
mature triggering of the synchronizer, which in turn had
reset the sequencers to the first position. The result was
the skipping of the remaining measurements on the
deck, depending on where the reset had occurred. A
few of the deck skips had been caused by the actual
skipping of the sequencer from the first to the second
or third position in a sampling sequence. This had been
due to transients on the sequencer clock line.

This anomaly had been observed occasionally since
February, 1964, when the first deck skip was observed in
the Spacecraft Assembly Facility (SAF) on MC-1 PTM.
Table 8 lists the deck skips and resets observed in SAF
system testing.

48

Analysis of these anomalies showed that in every case
a deck skip was correlated with a fairly severe space-
craft power transient, e.g., switching gyros on and off,
boost-share power mode, science on and off, and high-
voltage arcing in the science instruments. Further lab
testing showed that the data encoder synchronizer gave
an output pulse with either a 0.7-v, 2-sec pulse on the
input, or a 6-v pulse on the +6-v power or ground lines.
It became obvious, then, that a deck skip was caused
by the spacecraft inducing noise pulses into the data
encoder of such magnitude as to produce transients on
the synchronizer lines. This may be attributed in part,
to the fact that as a telemetry processor, the data encoder
is the center of the spacecraft signal ground tree and
that it has approximately 150 signal connections routed
via the upper ring harness.

Extra events. An extra event was observed in data
encoder, Register 2, instead of the single event normally
associated with CC&S command MT-9. The anomalous
indication is believed due to the nonsimultaneous closure
of the two relays associated with MT-9.

No further anomalous indications have been observed
from the spacecraft data encoder during the flight. All
encoder functions such as bit rate changes and mode
switches have occurred as planned including the
Mode 1/Mode 4 switching during picture playback.

5. Command Subsystem

a. Description. The spacecraft command subsystem is
required to detect and decode any of 29 DC or three
QC that may be sent to the spacecraft by the DSN
ground stations. If the command received is a DC, a
logical output must be provided to the appropriate sub-
system for execution of the command. If the command
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réceived is a quantitative command, the magnitude and
polarity information it contains are stored by the CC&S
for use during the execution of a maneuver. When a
command word is received, the command detector must
be in lock or the command will be inhibited. The
command words are designed in such a way that at
least two bit errors must have occurred in order for a
wrong command to be executed. Telemetry information
is provided to the data encoder including: 1) command
detector in lock or out of lock, 2) command detector
VCO frequency, and 3) event pulse indication of com-
mand reception.

The command subsystem consists of two major
functional units: the command detector and the com-
mand decoder. Also included is a transformer rectifier
unit which converts the spacecraft 2.4-kc voltage into
the ac and dc voltages required by the subsystem.

A simplified block diagram of the detector is given
in Fig. 13. The detector receives the composite command
signal subcarrier from the radio subsystem. The sub-
carrier contains the command word information (a
sequence of binary digits) in the form of a biphase si-
nusoidal signal added to a synchronization (sync) signal.
The sync signal is composed of a pseudonoise (PN)
sequence Modulo 2 added to a square-wave signal at a
clock frequency defined as the 2f, frequency. The si-
nusoidal signal is also at 2f, frequency.

The detector consists of two major channels where
synchronization and command word detector functions
are accomplished. The detector sync channel effectively
correlates the incoming sync signal with a detector-
generated PN sequence Modulo 2 added to a square-
wave signal at f, frequency. The correlation of the two PN
signals results in the error signal in the detector phase

27 COMMAND WORD
4 + cos (2w 2£.1) PHASE DETECTOR
e an;no;mss s (AMPLIFIER AND COMMAND WORD BIT
ILTER CHOPPER CIRCUIT) COMMAND | o
(1 (2) R WORD Q
CAPACITOR FLIP-FLOP |3
2 f, /90° SQUARE WAVE REFERENCE] D[l)JENéITSLl\(;l'? (4) e
FROM PHASE -~ LOCKED LOOP CIRCUIT COMMAND WORD BIT
c, (3a) COMPLEMENT
INPUT 7, /90° SQUARE WAVE )
EMITTER (¢
FOLLOWER REFERENCE FROM c
& [307 SIGNAL WHEN DETECTOR PHASE-LOCKED LOOP 272 CDAUPN:PCE\TSS DETECTOR QUT OF LOCK
COMMAND SIGNAL IS IN LOCK WITH COMMAND SIGNAL ‘ DECISION H SETECTOR
FROM SPACECRAFT]| CIRCUIT I LOCK [t
RADIO SUBSYSTEM DETECTOR R 3b SIGNAL {2
SYNC INFORMATION f; BANDPASS LOCK SIGNAL FLIP-FLOP 1o
| SIGNAL DEMODULATOR || FILTER AND | o] DETECTOR * (5)
(CHOPPER CIRCUIT) LIMITER CIRCUIT

(CHOPPER CIRCUIT)

(8) BIT SYNC DETECTOR IN LOCK

(6} (7)
1PN ® % I ERROR SIGNAL
. MODULO TWO
NOTE: ADDER | :
PN PSEUDONOISE (n | PHASE-LOCKED-LOOP
BLOCKS 1, 2, 3a, AND 4 A {CHOPPER CIRCUIT)

REPRESENT THE COMMAND
WORD CHANNEL
BLOCKS 6,7, 9, 10, AND (I
REPRESENT THE SYNC CHANNEL
BLOCKS 8, 3b, AND 5 REPRESENT

PHASE - LOCKED—-LOOP CIRCUIT (9)

8 £, SQUARE WAVE
VOLTAGE \
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OSCILLATOR

DETECTOR S

|
I
L —

THE DETECTOR LOCK SIGNAL CIRCUIT
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L e FLIP-FLOPS

L} - - _———3- _ _ _ _ -
L BINARY SEQUENCE |PN GENERATOR e lz f —1
""{ (10) 24 SaUARE WAVE 2 f; SQUARE WAVE

NULL OF THE ERROR CURVE OCCURS WHEN
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Fig. 13. Command subsystem command detector block diagram
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lock loop (PLL) which drives the indicated VCO. To ac-
complish phase lock, a frequency offset is set between the
transmitted and the detector 2f, frequencies, which causes
a continually changing phase shift between the two PN
signals until correlation occurs. When the transmitted and
the detector-generated PN sequences are in correlation,
the null point of the error curve is achieved and the
output of the VCO is in phase and frequency coherence
with the transmitted signals. Any reasonable phase
transient will now be tracked by the PLL which is in
lock with the command signal.

The detector command channel filters the command
word information signal from the composite commanded
signal and recovers the command word bits by multiply-
ing the signal with a phase reference from the detector
sync channel. The multiplied signal is then applied to
a matched filter (an effective integrator over the bit
time) which optimally detects the transmitted bit level.
The command signal is corrupted by noise assumed to
be gaussian with a flat spectral density over the noise
bandwidth of the matched filter. Threshold for the
detector is defined at a bit error rate of 1 X 103, and
occurs at a composite command signal-to-noise ratio of

COMMAND WORD BITS

195+ 1 db in a l-cycle noise bandwidth. The recon-
structed bits and bit sync pulses, emanating from the
detector PN generator (PNG) each cycle of the PN
sequence, are directed to the command decoder.

A lock signal is generated by the detector which
effectively measures at each bit sync time the correlation
between the transmitted and detector-generated PN
sequences, compares the correlation output to a thresh-
old bias signal, and makes a decision as to whether or
not the subsystem was in lock over the preceding bit
time interval. The detector lock signal is directed to the
decoder and inhibits its function when an out-of-lock
indication occurs.

A simplified block diagram of the command decoder
is given in Fig. 14. Upon recognition of the decoder start
bits, the decoder sequences a binary counter with the
detector bit sync pulses. At the correct bit sync pulse,
the decoder matrix is interrogated. Depending on the
address bits stored in the decoder address storage flip-
flops, one of the NAND gates is gated to close an output
isolation switch (or switches) in the case of a DC. For
a QC, the interrogation permits the QC bits to be

DETECTOR LOCK SIGNAL | DECODER
INHIBIT
CIRCUIT
DECODER ADDRESS
COMMAND WORD BITS STORAGE FLIP-FLOPS
FROM .
COMMAND
petectoR| |1 | T Il=_=—e—_==
wher 0 | | |-=-—-—=—
senat | | |—m == —— _
DECODER I'shiFT puLSES vy J o1,
TIMING v, 7 Ye 7o QC WORD | | ERT PULSES
BISIRE __gf CIRCUT EE QUTPUT SPACECRAFT
L AND DELAYED Y NAND FLIP-FLOP | COMMAND WORD BITS | SPACES
BIT SYNC MATRIX GATE AND OUTPUT -
INTERROGATION \soLaTion | BIT SYNC SUBSYSTEM
SIGNAL SWITCHES
X30,6
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TELEMETRY DECODER BIT SYNC
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ADDRESS STORAGE FLIP-FLOPS
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R

DC WORD OUTPUTS TO SPACECRAFT SUBSYSTEM

Fig. 14. Command subsystem command decoder block diagram
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directed to the spacecraft CC&S subsystem along with
QC bit sync pulses. When no QC bits are transmitted
to CC&S, alert pulses are directed, one per second, to
the subsystem to clear the QC storage registers.

If an out-of-lock indication occurs during decoder
function, the decoder generates an inhibit signal’ which
immediately stops the decoder command word process-
ing and allows no further decoder functioning until
26 consecutive command zero bits are directed to the
decoder after the lock signal indicates in lock once again.

The command word is comprised of 26 bits, as shown
in Fig. 15. The first three bits of a command word
(always 110) begin the command decoder function.
Bits 4 through 9 are the command address bits. They

JPL TECHNICAL REPORT NO. 32-882

completely identify which command word has been
sent. The remaining bits constitute quantitative infor-
mation bits. The Mariner command subsystem has the
capability of processing and executing 32 command
words. Twenty-nine of the command words are DC,
which cause a momentary switch closure in the recipient
subsystem or subsystem circuitry. DC makes use of only
the decoder start and address bits of the command
word. The remaining command words are QC which
direct to the CC&S subsystem bits 9 through 26 repre-
senting either roll, pitch, or velocity information neces-
sary for the two possible midcourse maneuvers.

Three command signals are directed to the spacecraft
telemetry subsystem to be telemetered to Earth. The
signals time-share the telemetry transmission channel
and are sampled at a rate determined by the telemetry

DIRECT COMMAND FORMAT

COMMAND BIT NO. 1 [2 |3 4 |5 [6 |7 Is ]9 lOlH 12|13J14|15|16|17]1a|19|2o|21 22]23]24]25|26
COMMAND BIT COM.- .~ [BITS 12-26 HAVE NO SIGNIFICANCE IN DC'S.
IDENTIFICATION MAND | COMMAND | = $|IN QC'S THEY FORM PART OF THE CC&S
DECODER|  ADDRESS 8 %) COMMAND.
START 8| REFER TO QUANTITATIVE COMMAND FORMAT
COMMAND BIT VALUE 1N |o VARIABLE ZERO FOR DC'S; VARIABLE FOR QC'S

QUANTITATIVE COMMAND FORMAT

COMMAND BIT NO. ll2|3|4|5|6l7 91011 12113 (14[15(16(17)18[19|20{21 [22]23|24{25|26

CC&S COMMAND BIT NO. 112|3[4]5|6f7|8]9[r0]1[12[13[14]1516[17|18

CC8S ADDRESS! , -

CC&S COMMAND BIT see |55 |3 T'TE UALUE 3
CR] ee Note 5

IDENTIFICATION N o les | L

Qc PITCH TURN tfrfojofrjifolojofrf1f1fofZ VARIABLE .

COM- - =

MAND ROLL TURN 11]ofoj1|[1|o]ofojojofo|i]|5 VARIABLE <

BIT 9 o)
VALUES MOTOR BURN 1[1]o]o]r{r]ofofolr]|of1|1}° VARIABLE

NOTES:

1.
2.

COMMAND BITS 10 AND 11 ARE ADJUSTED TO ENSURE AGAINST SINGLE BIT ERRORS CAUSING AN INCORRECT COMMAND WORD OUTPUT.

COMMAND BITS 9 THROUGH 11 (CC&S COMMAND BITS 1 THROUGH 3) ARE NOT USED QUANTITATIVELY BY CC&S BUT ARE USED TO REMAIN
COMPATIBLE WITH PREVIOUSLY DESIGNED HARDWARE (MARINER VENUS 1962).

- COMMAND BIT 14 (CC&S COMMAND BIT 6) IS ADJUSTED IN QC’S TO GIVE AN ODD NUMBER OF ONE BITS IN COMMAND BITS 9 THROUGH

26 (CC&S BITS 1 THROUGH 18).

- COMMAND BIT 26 (CC&S COMMAND BIT 18) MUST BE A ONE TO PRODUCE A CLOCKWISE (POSITIVE) SPACECRAFT ROTATION ABOUT THE

SPECIFIED SPACECRAFT AXIS. A ZERO IN THIS BIT POSITION WILL RESULT IN A COUNTERCLOCKWISE (NEGATIVE) SPACECRAFT ROTATION
ABOUT THE SPECIFIED SPACECRAFT AXIS. POLARITY BIT FOR MOTOR BURN COMMAND IS ALWAYS ONE.

- COMMAND BITS 15 THROUGH 25 (CC&S COMMAND BITS 7 THROUGH 17) ARE A PSEUDOBINARY CODE REPRESENTATION OF THE TURN OR

MOTOR BURN DURATION.

Fig. 15. Command word format
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mode. A listing of the signals and a description of their
information content follow:

1. Detector bit sync pulses are sent to the telemetry

subsystem to be conditioned into information con-
cerning the detector VCO frequency. Between
telemetry data sample times, reference pulses at
the spacecraft 2.4-ke frequency are counted in the
interval between two consecutive bit sync pulses.
The number counted is indirectly proportional to
the VCO frequency. Thus, an average of the VCO
frequency, over an approximate 1-sec interval, is te-
lemetered each telemetry-data sample time. From this
telemetry data, the proper ground command signal
frequency may be ascertained so that minimum
command lock acquisition time may be accom-
plished.

The detector lock signal is directed to the telem-
etry subsystem to be converted into one word
of information regarding the detector lock condi-
tion. If the lock signal indicates out of lock for at
least 1 sec in the interval between telemetry
sampling times, the detector lock telemetry data
will be at the binary state indicating out of lock

at the next sampling time. If no out-of-lock indica-
tions occur, the binary state indicating in lock will
result. The detector lock data indicates when the
command subsystem is capable of detecting and
processing the command signal.

3. Command event pulses are telemetered approxi-
mately 10 sec after the command decoder has
recognized the decoder start bits of a command
word. The event pulse indicates normal decoding
timing function upon reception of the start bits.
It is also normally coincident with a command
address recognition and a DC execution by the
decoder. In the case of a QC command, a second
event pulse will be telemetered, immediately after
the last QC bit is directed to the CC&S subsystem.

b. Performance. During the Mariner IV mission, the
performance of the spacecraft command subsystem was
excellent. A total of 85 commands was sent to the space-
craft through the completion of the first phase of the
mission. Table 9 is a listing of commands and the times
at which they were sent. Analysis of spacecraft telem-
etry indicated that all commands were received and
correctly acted upon.

Table 9. Ground commands received by Mariner IV

Date Time, GMT Command

November 30, 1964 | 09:13:00 | DC-21 (roll override).

¢ 10:45:00 | DC-21.
10:57:09 | DC-21.
December 4 13:05:00 | QC-1-1 (pitch turn duration and
polerity).

13:10:00 | QC-1-2 (roll turn duration and
polarity).

13:15:00 | QC-1-3 (motor burn duration).
13:45:00 | DC-29 (first maneuver arm).
14:05:00 | DC-14 (release maneuver inhibit).
14:35:00 | DC-27 (start midcourse maneuver).
14:47:31 | DC-13 (inhibit maneuver).
15:22:00 | DC-21.

15:32:00 | DC-21.

16:02:00 | DC-21.

¢ 22:40:00 | DC-21.

23:04:00 |DC-21.

Date Time, GMT Command

December 4, 1964 | 23:05:00 | DC-21.
23:06:00 | DC-21.
23:40:00 | DC-21.
23:57:00 | DC-21.
23:58:00 | DC-21.
5 13:05:00 | QC-1-1.
13:10:00 | QC-1-2.
13:15:00 [ QC-13.
13:45:00 | DC-29.

14:05:00 | DC-14.

14:25:00 | DC-27.
# 16:52:00 | DC-21.
13 14:09:00 | DC-7 (switch power amplifiers).
17 16:00:00 | DC-21.
‘ 17:30:00 | DC-15 (Canopus gate override)
transmitted.

February 11, 1965 |03:29:29 DC-3 (switch to Mode 3) transmitted.
Spacecraft telemetry to Mode 3.
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Date Time, GMT Command Date Time, GMT Command
February 11, 1965 03:36:13 | DC-2 (switch to Mode 2) transmitted. July 15, 1965| 00:52:00 | DC-2 No. 5 transmitted.
Spacecraft telemetry to Mode 2.
00:57:00 | DC-2 No. 6 transmitted.
03:53:15 | DC-26 (encounter science off) trans-
mitted. Spacecraft cruise science off, August 3 03:08:33 | DC-28 (turn off video storage 2.4-kc
battery charger off, boost mode enabled. power and turn on battery charger)
transmitted.
04:15:51 | DC-2 transmitted. Spacecraft cruise
science on. 03:14:33 | DC-26 (turn off battery charger)
transmitted.
04:32:39 | DC-28 (battery charger on) transmitted.
Spacecraft battery charger on, boost 03:20:33 | DC-2 (iransfer data encoder to Mode
mode disabled. 2 and turn on cruise science)
A\ transmitted.
06:54:43 | DC-25 (encounter science on) frans-
mitted. Spacecraft encounter science 21 22:37:21 | DC-25 received at spacecraft.
on, scan cover deployed, platform scan Encounter science turned on and scan
started, battery charger off, boost platform in search mode.
mode enabled. 23:35:21 | DC-28 No. 1 received at spacecraft.
08:59:23 | DC-24 (inhibit scan) transmitted. Video storage 2.4-ke power turned off
Spacecraft scan platform stopped at and battery charger turned on.
177.9-deg clock angle. 23:37:21 | DC-28 No. 2 received at spacecraft.
09:13:51 | DC-28 transmitted. Spacecraft video No effect.
storage 2.4-kc power off, battery 23:43:34 | DC-26 No. 1 received at spacecraft.
charger on. Battery charger and all science
09:30:56 | DC-3 transmitted. Spacecraft telemetry turned off.
to Mode 3. Television camera shutter 23:45:34 | DC-26 No. 2 received at spacecraft.
normal, No effect.
10:21:20 | DC-2 transmitted. Spacecraft telemetry 23:47:34 | DC-2 No. 1 received at spacecraft.
to Mode 2. Cruise science turned on.
10:27:08 | DC-26 transmitted. Spacecraft 23:49:34 | DC-2 No. 2 received at spacecraft.
encounter science off, television shutter No effect.
positioned, battery charger off, boost
mode enabled, cruise science off. 23:54:21 | DC-2 No. 3 received at spacecraft.
No effect.
10:49:35 | DC-2 transmitted. Spacecraft cruise
\ science on. 23:59:21 | DC-2 No. 4 received at spacecraft.
v No effect.
July 14 14:27:55 | DC-25 (encounter science on)
transmitted. 22 00:04:21 | DC-2 No. 5 received at spacecraft.
No effect.
17:10:18 | DC-24 (inhibit scan) transmitted.
00:09:21 | DC-2 No. 6 received at spacecraft.
22:10:29 | DC-3 (transfer data encoder to Mode No effect.
v 3) transmitted.
00:14:21 | DC-2 No. 7 received at spacecraft.
15 00:11:57 | DC-16 (narrow-angles acquisition) $ No effect.
transmitted.
26 21:22:32 | DC-13 received at spacecraft. Inhibit
00:31:42 | DC-26 (all science off) transmitted. midcourse maneuver.
00:32:40 | DC-2 No. 1 (transfer data encoder to 21:30:56 | QC-1-1 received at spacecraft. Load
Mode 2 and turn on cruise science) clockwise 0.18 deg pitch turn.
transmitted.
21:39:20 | QC-1-2 received at spacecraft. Load
00:37:00 | DC-2 No. 2 transmitted. clockwise 0.18 deg roll turn.
00:42:00 | DC-2 No. 3 transmitted. 21:47:44 | QC-1-3 received at spacecraft. Load
v 00:47:00 | DC-2 No. 4 transmitted. v 0.08 sec motor burn duration.
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Table 9. Ground commands received by Mariner IV (cont’d)

Date Time, GMT Command
August 27, 1965 19:55:50 | DC-17 received at spacecraft. Canopus
cone angle updated to 77.8 deg.

30 20:45:56 | DC-25 received at spacecraft. Encounter
science on and scan platform in search
mode.

21:26:20 | DC-3 received at spacecraft. Data
encoder transferred to Mode 3.
23:04:29 | DC-24 received at spacecraft. Scan
platform motion inhibited.
23:51:22 | DC-16 received at spacecraft. Narrow
v angle acquisition logic actvated.

31 00:21:14 | DC-2 received at spacecraft. No effect,
data encoder previously returned to
Mode 2 data by DAS logic.

00:59:56 | DC-26 received at spacecraft. All
science off.
00:04:56 | DC-22 received at spacecraft. Video
storage charge tracks.
01:40:57 | DC4 received at spacecraft. Data
v encoder transferred to Mode 4/1 data.
September 2 06:33:05 | DC-28 received at spacecraft. Video
storage 2.4-kc power off, battery
charger on.
06:39:05 | DC-26 received at spacecraft. Battery
charger off.
06:45:05 | DC-2 received at spacecraft. Cruise
science power on, data encoder to
v Mode 2.
October 1 21:48:01 | DC-12 received at spacecraft. Trans-
mitter switched to low-gain antenna.

The following are items of interest and problem areas
noted during the Mariner IV mission.

Command procedures. Normal procedures for send-
ing commands called for the ground command OSE
8f, frequency to be set to the nominal spacecraft com-
mand subsystem 8f, design frequency after the command
detector was in lock and prior to sending commands.
This procedure was followed during all periods of the
mission when spacecraft telemetry was available to
indicate to SPAC that the command detector had
achieved and was maintaining lock. However, when the
spacecraft data encoder was in Mode 3 or 4, no engi-
neering telemetry was available to indicate the lock
status of the command detector.
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A special procedure was adopted to insure maximum
likelihood of the command detector being in lock when
commands were sent with no telemetry indication of
detector in lock. Instead of returning the ground com-
mand OSE 8f, frequency to nominal prior to sending
commands, the 8f, offset used to achieve detector lock
was left in. Thus if the command detector should be-
come transient and momentarily drop lock without
telemetry to indicate this to SPAC, it would attempt to
relock automatically.

VCO frequency monitoring. To determine the fre-
quency at which to set the ground command OSE in
order to optimize command detector lockup, it is neces-
sary to know the average out-of-lock frequency of the
spacecraft command detector. Spacecraft Telemetry
Channel 104 contains VCO frequency information as
well as an indication of command detector lock. An
IBM 1620 computer program was written to average
the readings of VCO frequency telemetry and convert
them to engineering units. Mariner operations technical
assistants ran this program for 500 telemetry samples
per week when the command detector was out of lock
and forwarded this information to the command sub-
system cognizant engineer. Figure 16 shows the VCO
frequency history.

Command detector lockup exercises. To ensure that
SPAC and DSIF personnel maintained their proficiency
in carrying out command procedures and to periodically
verify command operations, a series of command de-
tector lockup tests was initiated February 3, 1965 and
carried on throughout the mission. These tests consisted
of cognizant personnel following standard command
procedures and locking up the command detector with-
out sending commands. These tests were carried out at
all prime and backup stations including the 100-kw
station at DSIF 13. As a result, a high degree of confi-
dence was maintained in the ability to command the
spacecraft as necessary.

Command polarity verification. During compatibility
testing with DSIF and the spacecraft, it was discovered
that it was possible for the command subcarrier trans-
mitted by the DSIF station to be of the wrong polarity
with respect to the spacecraft command detector. To
resolve this problem and ensure that all ground stations
in the Net were transmitting a signal of the correct
polarity, a modulation checker was obtained. This
modulation checker was then carried to each station
and a qualified operator verified correctness of the
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Fig. 16. VCO frequency history

command subcarrier polarity. Subsequent to this verifi-
cation, the ground command subsystem at each station
was frozen to ensure against inadvertent polarity rever-
sals during the mission.

Ground command OSE tape punch anomaly. On
December 17, 1964, during preparation of the ground
command OSE for transmission of DC-15, the space-
craft command detector went out of lock when the
ground command OSE tape punch at DSIF 41 was
switched to the standby mode. Subsequent investigation
revealed that a power transient occurred in the ground
command OSE when the tape perforator standby switch
was operated. This caused momentary inhibition of the
command signal which in turn caused the spacecraft com-
mand subsystem to drop lock. After it was verified that
the problem was only concerned with the tape perforator
and standby switch, it was decided that the perfora-
tor should not be placed in standby condition while the
ground command OSE was locked up with the space-

craft. No further problems were encountered by use of
this procedure.

Drop of lock during 8f, normalization. During com-
mand lockup prior to the early science cover deploy-
ment operation on February 11, it was observed that
the command detector telemetry indicated out of lock
while the ground command OSE 8f, was being normal-
ized. Subsequent investigation revealed no evidence of

malfunction of either the ground command OSE or the
spacecraft command subsystem. The command detector
was then relocked and all indications were normal. All
12 commands of the cover deployment sequence were
properly received and acted upon, and no further
anomalous indications were found.

¢. Summary. No other problem areas arose concerning
the command subsystem and performance through the
end of picture playback continued to be normal. Since
all commands sent to the spacecraft were properly acted
upon, it can be concluded that all commands were
received with no bit errors, though it is not possible to
perform a statistical bit error test on a spacecraft in
flight,

6. Video Storage Subsystem

a. Description. The Mariner IV video storage sub-
system, which consists of a hermetically-sealed tape
transport unit and associated electronic equipment, is
required to accept and record digital television picture
data from the DAS at a fixed rate of 10,700 bits/sec,
and to store a minimum of 20 pictures of video data.
These data are then reproduced at a rate of 8% bps
during the picture playback period. The total bit capac-
ity of the tape recorder must be at least 524 X 10° bits,
contained on two tracks of 0.25-in. tape, 30-ft long.
Design bit error rate is less than 1 bit error in 10° bits,
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not including errors accumulated while establishing lock
or due to track changes.

The Mariner IV tape recorder has three operating
modes, described as follows:

Launch mode. During the launch phase of the flight,
the tape transport is operated at record speed, although
no actual recording takes place; this is to preclude any
possibility of tape spillage due to launch phase shock
and vibration. The record motor is started shortly before
launch and continues running until after the spacecraft
separates from the Agena rocket. When the spacecraft sep-
arates from the Agena rocket, the EOT pulse is com-
bined in an AND gate with the Agena separation
signal. The AND result is applied through an OR gate
and driver amplifier to a latching relay. This pulse
resets the latching relay which in turn deenergizes
a bias relay, thereby removing power from the record
motor and locking out the launch mode circuitry. After
the record motor and tape coast to a stop, the EOT foil
is positioned at a point approximately 2.5 ft beyond the
record/reproduce head. This is the normal tape position
from which to start the encounter record sequence.
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Record mode. Application of 2400-cps power and
single-phase 400-cps power prior to encounter energizes
all sections of the recorder system except those asso-
ciated with the launch mode. Assuming that the tape is
positioned properly, the recorder system is ready to
record at least 20 picture sequences while making two
complete pases of the tape, changing tracks after
the first pass and returning to the initial track after the
second pass. Response to record commands is inhibited
after the EOT foil passes the sensor contacts the
second time.

The absence of a playback command signal from the
data encoder conditions the system for recording by
applying power to the record head drivers, as shown in
the record mode functional diagram, Fig. 17. Thus,
whenever the recorder system is not operating in the
reproduce mode, it is in the record mode and will
record or erase the tape.

The start-stop relay applies power to the record motor
when in the start position, so that record operation
is controlled by the DAS via its start and stop pulses.
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Fig. 17. Video storage subsystem record mode block diagram
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During recording, a pulse is generated for each com-
plete pass of the tape by the EOT circuit as the end-of-
tape foil passes over the sensor contacts. This EOT
pulse is applied internally to the track change and count-
two sections of the recorder system and externally to
the DAS and data encoder. In a normal planetary en-
counter record sequence, the DAS ignores the first EOT
pulse and responds to the second if it occurs between
the beginning of the nineteenth and the start of the
twenty-second picture sequence. The DAS is mecha-
nized to terminate encounter record sequences upon
receipt of the second EOT or at the end of the twenty-
second picture if an EOT pulse has not been received.

Track changes take place whenever the EOT circuit
generates a pulse. The track change circuit incorporates
a magnetic latching relay arranged in a bistable flip-
flop configuration. EOT pulses also trigger the count-
two-and-stop circuits of the recorder system to inhibit
DAS start record commands upon receipt of the second
EOT signal. The counter is reset to zero by the first
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SUPPLY -20 ——»
+4-6 |——
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DAS start record command acting through a monopulse
reset generator. Further reset of the counter is impossible
unless 2400-cps power is removed from the system.

Reproduce mode. After planetary encounter and the
data have been recorded, the recorder system is switched
into the reproduce mode, Fig. 18, by a command from
the data encoder. Playback signals are amplified and op-
erated on in such a manner as to reproduce the frequency-
doubled code waveform that was recorded. Bit sync is
separated from the data and compared in phase with the
master bit sync from the data encoder. These comparisons
determine indirectly the frequency of the VCO which
dictates playback tape speed. When the correct speed and
phase are achieved, the tape-signal-derived bit sync
and the master bit sync are in the proper phase relation-
ship for accurate readout of the data. If a stable phase
relationship has been established, the recorder system
is said to be phase-locked. The reproduce mode may
continue indefinitely after encounter, while the system
automatically changes tracks once for each pass of the
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Fig.18. Video storage subsystem reproduce mode block diagram
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tape. Complete reproduction of twenty picture se-
quences will require from 8 to 10 days. Because sections
of the tape were erased between record sequences, data
will not be present at the output of the system for
approximately 2 hr between picture data blocks. Pro-
vision has been made in the recorder system for detect-
ing this condition and automatically switching the data
encoder from stored data playback to engineering
data as long as the data are absent.

Passage of the tape over the reproduce head gap
produces a signal which is roughly the derivative of the
tape flux. This signal, in the order of 50 uv peak-to-peak,
is amplified by low-noise preamplifiers located in the
tape transport subassembly and routed to the playback
track switch and main amplifier. Signals from both

tracks are applied simultaneously to the playback track
switch where one signal is selected at a time.

Each complete pass of the tape loop generates an
EOT pulse as the EOT foil passes over sensor contacts.
As in the record mode, the EOT pulse is applied to the
track-change circuits and is also fed out to an event
counter in the data encoder.

b. Performance. The Mariner Mars 1964 video storage
subsystem mission functional specifications stipulated
the two prime requirements of storing twenty television
pictures of Mars and playing them back at an error rate
less than 1 in 10* bits. As indicated by Table 10, the
video storage subsystem exceeded the first requirement

Table 10. Picture start and stop times of the Mariner IV playback

From To From To
Picture No. Picture No.
Date, 1965 Time, GMT Date, 1965 Time, GMT Date, 1965 Time, GMT Date, 1965 Time, GMT
1 July 15 13:01:58 July 15 21:38:07 1 July 24 21:21:53 July 25 05:57:54
2 15 23:32:27 16 08:08:03 2 25 07:53:36 25 16:29:15
3 16 10:04:28 16 18:39:54 3 25 18:24:31 26 03:00:09
4 16 20:35:12 17 05:10:12 4 26 04:56:24 13:32:03
5 17 07:07:45 17 15:43:18 5 26 15:27:47 00:03:39
6 17 17:40:32 18 02:16:10 6 27 02:00:57 27 10:36:39
7 18 04:13:25 12:49:03 7 21:08:41 12:33:01
8 18 14:46:13 23:21:51 8 07:40:41 23:04:57
9 19 01:19:32 19 09:55:35 9 28 18:12 28 09:37
10 11:52:52 19 20:28:29 10 29 04:45:32 28 20:09:57
1 22:25:33 20 07:01:26 11 29 15:19:13 29 06:43:10
12 20 08:57:42 20 17:33:15 12 30 01:51 29 17:16:43
13 20 19:28:51 21 04:04:32 13 12:21 30 03:46:24
14 21 06:01:22 21 14:37:00 14 22:55:28 30 14:20
15 21 16:34:43 22 01:10:21 15 31 09:27 31 00:52
16 22 03:07:13 11:42:53 16 31 20:02:15 11:24
17 22 13:40:59 22:16:37 17 August 1 21:59:57 06:31
18 23 00:15:04 23 08:50:41 18 08:28 Avgust 1 17:09:00
19 10:48:08 23 19:23:48 19 19:07:10 2 03:42:33
20 21:21:10 24 05:56:50 20 2 05:40:00 2 14:15:27
21 24 07:55:01 l 16:30:40 21 2 16:14:48 3 00:39
22 24 18:28:33 19:26:33 22 3 02:36 3 03:36:02
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b‘y actually recording twenty-one full pictures and ap-
proximately one-tenth of the 22nd picture.

Although an absolute playback error rate for the
playback could not be determined, due to the large
amount of redundant information that is contained in a
television picture, it was possible to perform a pre-
liminary error rate analysis of the playback data. Also,
since the recorder was played back twice, the first play-
back can be compared with the second playback. The
redundant picture elements in the first picture playback
were examined in great depth and the error rate was
found to meet the specifications. Random samples of
the first and second playbacks, which have been com-
pared in all cases, confirmed this.

Significant video storage events through the end of
playback are shown in Table 11.

Recorder pressure seal. Because the recorder case
temperature change during the mission was very small,
it was assumed that all of the case pressure drop was
due to gas leaking through the seals. The pressure drop
of 0.86 Ib was considered quite good in light of the
design tolerance of 19.0 Ib.

Encounter performance. During the encounter record-
ing sequence, two abnormal false shutter indications
were observed and the data encoder switch to Data
Mode 2 was thought to be 22 sec late.

The two false shutter indications could have come
from either the DAS or from the video storage sub-
system. A series of tests have been run on the video
storage subsystem type-approval unit in an attempt to
simulate the events observed on the Mariner IV space-
craft. The flight events could not be reproduced. Tests
on the PTM spacecraft have indicated that the DAS
can produce these events when 400-cps power is
switched, although no verification of the source is
possible.

With respect to the data encoder switch to Mode 2
data event, the DAS logic design is such that the DAS
will not issue a data encoder Mode 2 data command
until the end of Picture 22 if the video storage sub-
system second end-of-tape signal is received after the
start of Picture 22. During the Mariner IV spacecraft
encounter, the second EOT occurred in the twenty-
first line of Picture 22; consequently, the DAS did
not issue a switch to Mode 2 data command until the
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Table 11. Video storage subsystem flight events

Date Time, GMT Event
November 28, 1964 | 14:18:01 | Launch mode on. Verified by Telem-

etry Channel 221.

14:22:01 | Atlas liftoff. Recorder pressure 22.76
psi, recorder temperature 60.31°F.

15:07:00 | (Approximate) Spacecraft/Agena
separation.

15:09:10 | Calculated time for VSS launch mode

off. Spacecraft telemetry data was
J available. Confirmation from Channel
/ 221 delayed until 1514,

July 14, 1965| 14:52:31 | Encounter power on via DC-25 com-
mand. VSS power on confirmed by
Telemetry Channel 227.
00:29:59 | Narrow angle acquisition.
00:30:36 | Start of first picture television data.
00:34:59 | Abnormal false shutter indication in

science data.

00:40:52 | Abnormal false shutter indication in
science data.

00:42:46 | Expected first end-of-tape event.
Verified at 00:43:22.

00:44:24 | Expected second end-of-tape and
switch o Mode 2 data.

v 00:44:46 | Mode 2 data 22 sec later than expected.
Engineering telemetry verified EOT
events normal.

15 11:53:53 | CC&S MT-9 command to start
playback.
20 03:15:32 | Track change on Line 111 of Picture 11.
24 19:26:33 | Track change on Line 21 of Picture 22.
29 11:33:27 | Track change on Line 111 of Picture
11. Extra event observed.
August 3 03:36:02 | Playback terminated on Line 18 of

Picture 22,

end of Picture 22. It is concluded that the switch to
Mode 2 data time observed at 00:44:46 GMT, July 14,
reflects proper spacecraft dperation, although this was
not understood at the time.

At the start of picture playback and again at the start
of the second playback, there were 68 sec of old data
prior to the first recorded Mars data. It was not erased
during the encounter sequence because the tape traveled
0.68 in. farther during run-down at the completion of
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the launch sequence than it did after the second EOT
during encounter. This is a clear indication of friction

buildup.

The Mode 1 data spaces between pictures were ap-
proximately 117 min long. Before launch, they averaged
123 min. The difference in run-down distance accounts
for 1 min of this 6-min discrepancy. To account for the
remaining 5 min, the acceleration time in the record
mode would have to have been at least 0.25 sec larger
than in the prelaunch condition. Both friction buildup
and decreased 400-cycle encounter power voltage could
account for this change. While no direct measurement
of the 400-cycle voltage is made, it is felt that any
voltage change would be in the opposite direction, again
supporting the friction buildup hypothesis.

Calculations of utilization of the available tape indi-
cate that the tape must have been moving 7% slower
during Mode 1 data spaces than during Mode 4 data
spaces. This is normal and is the same as it was before
launch.

The observance of two telemetry events at the track
change during the second playback indicates that the
conductive foil used to stimulate track change events
had become contaminated by the second playback. This
is not unlikely since Mariner IV already had a large
number of passes on the tape machine at the time of
launch.

The major events in the flight history of the video
storage subsystem from launch through the end of the
second playback after encounter are shown in Table 11.

Television haze calibration sequence. During the
black-space television recording sequence performed
on August 30, 1965, a total of 10% pictures were
recorded. The first five pictures were played back for
analysis purposes, Table 12. Video storage subsystem
characteristics were the same as during the playback of
the planetary pictures.

7. Mission Operations

a. Support. Telecommunications support for the
Mariner SPAC consisted of telecommunications analysts
representing the entire communications system and sub-
system analysts representing radio, data encoder, com-
mand, video storage, and ground telemetry. In addition,
in-depth backup analysis support was provided by
Telecommunications Analysis Team (TCAT), which
consisted of Telecommunications Division personnel
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Table 12. Television haze calibration picture

playback times
From To
Picture
No.

Date, 1965 Time, GMT Date, 1965 Time, GMT
1 August 31 02:00:46 August 31 10:36:38
2 12:30:40 31 21:06:30
3 23:01:03 September 1 07:37:10
4 September 1 09:31:40 1 18:07:30
5 1 20:03:20 2 04:39:23
é 2 06:34:46 2 06:48:32

experienced in all phases of telecommunications system
operation, plus cognizant engineers from each of the
telecommunications subsystems.

During critical phases of the mission such as launch,
trajectory-correction maneuver, and encounter, support
was provided on a 24 hr-a-day basis. During the cruise
phase, daily checks of performance were made by each
subsystem and alarm limits were constantly monitored
by the SFOF computer system. Analysts from all sub-
systems were on call during the cruise phase, and if any
telemetry data violated predetermined limits, the cog-
nizant person was called. Despite some initial misgivings
as to the reliability of computerized alarm monitoring, the
system proved to work very well and provided real time
monitoring of data even when cognizant analysts were
not present.

b. Data sources and display. During the Mariner IV
mission, spacecraft telemetry data were made available
in several forms, some of which proved to be very useful
and others which have not been of significant value for
data analysis. A list of the various available data sources
is presented along with a discussion of their usefulness
to telecommunications system analysis.

Unprocessed telemetry data. While in a somewhat
inconvenient format for data analysis, the unprocessed
telemetry (raw) data as displayed on the 60 wpm
printers proved to be the most reliable source of real-
time data during the mission. With the use of overlays,
decoding matrices and a little practice, the raw teletype
(TTY) data could be converted to a useable form in a
matter of seconds. These data were usually several
seconds ahead of the IBM 7040 formatted data output,
and for this reason the raw data were sometimes used
even when formatted data were available. Whenever a
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question arose as to the validity of a datum point on
output from any source, the raw data were used as the
deciding factor. Even though the many computer out-
puts displayed the data in a more convenient form, it is
felt that the raw data display capability was more than
justified by its superior reliability alone.

Formatted telemetry data. Use of the IBM 7040 com-
puter permitted the telecommunications system telem-
etry channels to be displayed on a separate format
and to be converted to data numbers. This was by far
the most convenient data display available to telecom-
munications during the Mariner mission. During the
prelaunch phase, it was decided to display the 7040 data
as data numbers instead of in engineering units. In
retrospect, it appears that this was a good decision. It
became easier to evaluate data quality in real time using
data numbers instead of engineering units to spot bit
errors and out of locks. However, for postflight analysis
and evaluation of system performance, a display in engi-
neering units would be more convenient to use.

JPEDIT. JPEDIT was an NRT output of the total
data stream in a convenient format for performance
analysis, data records, etc.Its information content was
supposed to be the same or better than the 7040 for-
matted data. After several attempts to utilize JPEDIT
during the mission, it was found that it consistently
contained more time regressions and other erroneous
indications than the 7040 output. If a questionable datum
point were found in JPEDIT, it was always checked
against the 7040 data and the raw data. This low confi-
dence in JPEDIT made it of questionable value to tele-
communications system analysis, and it did not play a
significant role in mission operations.

EDPLOTM. EDPLOTM was a program that would
take the data used for JPEDIT and plot it out in data
numbers versus time for performance analysis and data
records. The EDPLOTM function appeared to be a
valuable tool and a series of display formats were
developed and used. However since its data source was
essentially the same as JPEDIT, it contained the same
time regressions and other erroneous indications. For
this reason, the EDPLOTM program, although it could
have been of great value, was not effectively used for
telecommunications analysis during the Mariner mission.

SSDM. SSDM was a program whose output was a
condensed version of JPEDIT. Essentially it would give
an output only when a data number changed in a
specified channel. This program was also of practically

no usefulness to telecommunications analysis because of
the erroneous indications it consistently contained.

MDL. The Master Data Library (MDL) will contain
a listing of the best data available from all sources for
the Mariner mission. This will also include selected
station functions as well as spacecraft data. Telecom-
munications plans were to use this data, when available,
to perform a statistical analysis of the uplink and down-
link signal level data from the flight. It is also desirable
to be able to get EDPLOTM runs of the MDL for a
handy, reliable source of mission data. At present, it is
not known if this will be made available, but it seems
incongruous to have gone to considerable effort to
generate a best data source and not make full use of it.

c. Computer programs. To facilitate the rapid, accurate
analysis of telecommunications system data from a long
mission such as the Mariner, it is necessary to make
extensive use of automatic data processing whenever
possible. Computer programs were requested over a
year before launch to provide predictions of system
performance, AGC calibrations and evaluation of sys-
tem performance during the mission. The following
paragraphs describe the programs requested, their dis-
position and their use.

AGCM. This program provides the capability to take
station calibration data from before and after the track-
ing pass and generate curves and lookup tables of
received signal level vs AGC voltage. It also generates
tables of received signal level vs a subcarrier oscillator
frequency which is recorded on magnetic tape as a
permanent record. Along with each curve, coefficients
of third through fifth order least-square fits are gener-
ated for use during postflight analysis of signal-level
data.

This program was ready and checked out well before
launch and was used during critical phases of the
mission for near-real-time evaluation of signal-level
data. An addition was made to the program to accom-
modate calibrations from S-band stations as well as
L-to-S conversion stations. Further use of this program
will be made during postflight statistical analysis of
DSIF and spacecraft data.

CPPM. CPPM was the Mariner communications pre-
diction program that generated curves and tables of
predicted system performance using inputs from tra-
jectory SAVE tapes, DAP antenna pattern tapes, and
cards of telecommunications system parameters. This
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program was completed in its first stage, which did not
have the capability of utilizing DAP tapes, over a year
before launch. This version was used with antenna
patterns that were tediously generated by hand to
perform preliminary performance predictions.

The final version, which included DAP handling
capability, was completed in a frenzy of activity shortly
before launch and used to generate sets of final pre-
launch predicts. Due to the shortness of time when the
DAP processing capability was being programmed,
several compromises had to be made and the final
version of CPPM was somewhat bulky and time con-
suming to use, and was quite mission dependent. The
version of CPPM finally used for Mariner was very
satisfactory within its limitations as ultimately proved
by the excellent agreement between predicted and
actual values for the entire flight.

Program X. This program was requested over a year
before launch to provide an up-to-date analysis of
uplink and downlink performance during the flight.
When it became obvious that this program would not
be available, its scope was modified to that of a more
detailed postflight analysis program for which an RFP
is being generated. If this program in its original form
had been programmed as requested for the Mariner
flight, a more rapid and accurate evaluation of problems
such as variations in downlink AGC calibrations would
have been possible. Instead, hand plotting had to be
used to achieve a far more time-consuming and less
accurate result.

d. General problem areas. During the course of
mission operations, several general problems were noted
that are worthy of mention. This discussion will be
limited to operational problems rather than technical
problems which will be discussed with their respective
subsystem reports.

SFO/DSN Failure/Problem Reports (F/PRs). The
SFO/DSN F/PR system did not provide correct, com-
plete answers to the satisfaction of the initiator. Many
of the F/PRs written by the telecommunications area
were answered in a token manner and closed out. It is
strongly recommended that for future missions a
SFO/DSN F/PR system be devised that will be con-
scientiously followed through, rather than merely being
accepted as was the present one. Final closeout should
require the signature of a cognizant section manager
and a system manager. Unanswered reports or reports
with unsatisfactory answers should be subject to the
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same level of concern that the present flight equipment
P/FRs are. Only when everyone has confidence in the
system and those responsible for the system require
a complete, correct and timely action will an F/PR
system serve a useful purpose.

Communication between SPAC and DSIF stations.
On numerous occasions during the mission, anomalous
indications affecting the telecommunications system
would be observed in spacecraft telemetry data or by
the DSIF stations. Most of these anomalies, after in-
vestigation, proved to be attributable to a ground
station problem such as antenna hitching, cockpit error,
transmitter power variations, etc. However, on many
occasions the information necessary to rapidly and ac-
curately isolate the problem was not readily available
from the stations. As a consequence, many hours of the
spacecraft analysts’ time were spent in finding answers
to P/FRs that were not concerned with the spacecraft.

A factor contributing to the difficulty in ascertaining
origin of problems that occur at the station could be
that the station crew was unaware they had a problem
until the effect of the problem was observed. One reason
for this may be the lack of instrumentation to adequately
monitor station functions during a tracking pass. A
typical example of instrumentation difficulties is in
monitoring the S-band transmitter at the stations. Space-
craft telemetry would indicate power or frequency
variations that were not verified by ground station data
until additional checks had been performed.

Another problem is the actual transfer of information
from the DSIF station to SFOF such that SPAC is
always aware of the station condition during critical
periods. During the excitement and turmoil of high
activity phases of the mission, station personnel are
sometimes unable to keep completely up to date on
reporting of significant events, or potential problems
sometimes go unnoticed. The only really satisfactory
solution to this problem is to have selected station func-
tions displayed in the SFOF in real time. Not only would
this provide analysts with up-to-date information on
station events concerning the telecommunications sys-
tem, but it would also free station personnel for more
important operational tasks.

The Mariner mission also pointed out that station
functions can play an important part in flight operations.
A good example is the use of AGC to provide roll
attitude information during Mode 3 data and during
roll search. The AGC display system used was some-
what hurriedly devised and did not have the desired
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resolution, but with more time and effort a reasonable
system could be implemented.

Some of the facilities to implement a real-time display
of station function “telemetry,” such as digital input
system (DIS) and signal-to-noise ratio estimator (SNORE),
are presently being installed or checked out with DSIF
stations. Since the telecommunications system includes
the ground stations as well as the spacecraft, ground
station information is as necessary to the telecommuni-
cations analyst as spacecraft data. It would be of
definite advantage to future missions to include station
functions in their real time data display requirements.

C. Power Subsystem

1. Description

The Mariner IV power subsystem performed two
major spacecraft functions:

1. It generated standard voltages for distribution to
spacecraft power users.

2. It controlled the turning on and off of various loads.

The system that was designed to carry out these
functions was made up of a power source containing
four photovoltaic solar panels with a combined active
area of 70 sq ft; a 1200-whr silver-zinc battery to pro-
vide power during periods when the spacecraft was not
Sun-oriented, dc-regulating devices; 2400-cps inverters;
400-cps inverters; and battery-charging, load-switching,
and frequency-control devices.

a. Energy source. Figure 19 shows the functional
block diagram of the power subsystem, The main source
of spacecraft power is four photovoltaic solar panels with
a combined active area of 70 sq ft. Each panel consists
of four electrically isolated sections containing 1764 p-on-n
silicon solar cells. Electrically, each section is made up of
21 parallel combinations of 84 cells in series. These
sections are connected to the unregulated power bus
through blocking diodes that prevent reverse current
flow if a short should occur in any one section. This
ensures that a short circuit in the solar panel cell matrix
would reduce the power capability no more than
about 6%,

In order to increase system reliability, the solar panels
were sized to carry all loads required after the mid-
course maneuver. This significantly increased the theo-
retical probability of performing the encounter sequence

successfully by not requiring battery operation except
for a nonstandard situation.

Because the launch trajectories required the spacecraft
to remain in the Earth’s shadow for a period of up to
20 min, and because there was a large solar panel
power-capability near Earth, it was necessary to limit
the panel-output voltage immediately after the space-
craft left the Earth’s shadow. Solar panel temperatures
as low as —80°C could be expected, and these would
lead to voltages as high as 68 v if no limiting were pro-
vided. Although regulation equipment could have been
designed to handle the high voltage peak, it could have
been done only by allowing a substantial decrease in
regulator efficiency and a reduction in component de-
rating factors. To remedy the problem, the voltage
output of each section was limited to 50 v by a series
string of six 50-w zener diodes across each section.

Figure 20 shows the predicted solar panel maximum
power capability vs time curves for the Mariner IV
spacecraft. Also shown is the actual Mars encounter load.

During the early design phase, when the exact solar
panel output power, the exact power system loads, and
the exact conversion equipment efficiencies were not
known, the anticipated nominal panel power was re-
duced by a factor of 20.5% to obtain an available-power
number that could be used in the design. This percent-
age was broken down as follows:

1. Five percent for operation off the solar panel
maximum-power point

2. Seven percent for solar panel design and test
tolerances

3. Eight and one-half percent for conversion efficiency
and load uncertainties

The substantial power margins shown in Figure 20
are due primarily to increased solar cell efficiency
resulting from better control (less cell degradation)
during the panel fabrication than was initially predicted.

b. Energy storage. During periods when the space-
craft is not Sun-oriented, spacecraft power is obtained
from a silver-zinc 18-cell secondary battery. The battery
has a capacity of 1200 whr at launch. The battery
forms an interface with the unregulated bus through a
blocking diode in such a way that it is disconnected
from the bus whenever the solar panel voltage exceeds
that of the battery.
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Fig. 20. Mariner IV solar panel power capability

Normally, the battery is used to supply power for
from 7 min before launch until solar panel Sun acqui-
sition. From Sun acquisition until the midcourse maneu-
ver,® the battery is partially recharged using the flight
charger. After the maneuver, the battery is fully re-
charged and the charger is turned off. After this time
the battery is a redundant energy source and is not
normally expected to be used again. For increased re-
liability, the battery capacity was chosen so that both the
launch and maneuver phases could be completed with-
out battery recharging. Designing in this manner re-
moved the battery charger as a series element in the
power system.

c. Power regulation. The voltage-regulating elements
of the power subsystem consist of two booster regulators,
each capable of operating at power levels up to 150 w.
The regulators accept power from the unregulated bus
at voltages ranging from 25vdc, the lowest battery
voltage, to 50 vdc, the highest solar panel voltage, and
add sufficient voltage to bring the outputs up to 52 vde
+ 1%. The main booster-regulator is normally on
throughout the entire flight, supplying power to all
spacecraft loads except the communications converter,
which accepts unregulated power directly from the
battery or solar panels.

The maneuver booster-regulator is used to power a
large part of the attitude control system and is on during
the launch and midcourse maneuver phases. Turn-on of
the maneuver booster-regulator is normally controlled
by the attitude control system. The main reason for
using two regulators is to ensure increased reliability.

*Two to 10 days

If a failure should occur in the main regulator that
allows its output to deviate from a 47- to 59-v range for
a period of 2 to 3 sec, on-board logic senses a failure,
starts the maneuver regulator, and permanently transfers
all spacecraft loads to this unit. In order to protect the
power users from a failure that would allow the regula-
tor to go to its maximum output voltage, resulting in a
68-v output for 2 to 3 sec, overvoltage protection limits
the voltage to 60 vdc. All spacecraft equipment can
stand this 16 percent overvoltage for 3 sec.

Choice of the booster type regulator, as opposed to
the down-regulating switched regulator, was based pri-
marily on reliability considerations. Even if both regu-
lators should fail, a diode shunt path exists around the
regulators that would allow the inverters to run directly
from the solar panels. Solar panel output voltage varies
from about 43 v near Earth to 50 v at Mars. Thus, a fail-
ure of both regulators near Mars would mean a dc out-
put to the inverters of approximately 48 vdc instead of
52 vde, as there are two diodes in series between the
panels and the dc output. Tests have shown that even at
this reduced output the spacecraft could complete the mis-
sion, though performance would be somewhat degraded.

d. Dc-to-ac inversion. The main power for spacecraft
users is a 100-v (p-p), 2400-cps squarewave obtained
from a dc-to-ac inverter. Users take this power and, by
using transformer-rectifier combinations, obtain the
needed dc voltages for their equipment. This method of
distributing energy has proved superior to dc distribu-
tion on the Mars Mariner for two reasons:

1. User voltage requirements vary greatly, especially
in the space science area where many instruments
require more than 1 kv. Transmission of these high
voltages through the spacecraft cabling is difficult.

2. Greater design flexibility is obtained, since users
can change voltage requirements late in a program
without affecting the power subsystem or requiring
changes in the spacecraft cabling.

Under normal conditions the main inverter receives
dc power from the main regulator. An identical inverter
receives dc power from the maneuver booster-regulator
and supplies 100-v (p-p), 2400-cps voltage to the attitude
control subsystem. Also powered from the maneuver
regulator is a 27-v rms, 400-cps, 3-phase inverter that de-
livers step squarewave power to the gyroscope spin
motors. A 400-cps, single-phase, squarewave inverter
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supplying nominal outputs of 56 and 65v peak-to-
peak (p-p), to the science scan platform and video
storage subsystem, respectively, operates from the main
regulator. This inverter is off except at Mars encounter.

e. Power frequency synchronization. The power syn-
chronizer unit provides a synchronizing signal or a
frequency-stable driving voltage for all power sub-
system inverters. A 38.4-kc signal received from the
CC&S subsystem is counted down to provide both
2400-cps, single-phase and 400-cps, single-phase and
3-phase signals. In the 2400- and 400-cps single-phase
inverters, these signals are used to frequency-synchronize
the units and obtain 0.01% stability, The 400-cps,
3-phase inverter is actually a power amplifier driven
from the power synchronizer with an accuracy of 0.01%.
If the CC&S should fail to produce the 38.4-kc signal,

or if a CC&S failure should result in a single frequency
of twice 38.4 ke, a 38.4-kc oscillator internal to the
power synchronizer starts, automatically disconnects the
CC&S input, and takes over as the frequency source.
While the power system is running on its internal
oscillator, its frequency is controlled to +2%. If the
internal oscillator or the synchronizer countdown chain
should fail, the 2400- and 400-cps single-phase inverters
self-oscillate within 5% of the desired frequency. (The
3-phase 400-cps inverter does not.) All spacecraft sub-
systems are designed to operate at frequencies in this
worst-case range of +=5%.

Some spacecraft subsystems always receive power
whenever the power subsystem is operating; others are
turned on and off during various parts of the mission by
onboard logic or direct radio command. The actual
switching of these loads is done by the power subsystem

Table 13. Power subsystem command capability

Control input Source” Type of signal Required action by power subsystem Remarks
1.  Encounter start CC&S MT-7 Isolated circuit a. Connect planet science to primary 2.4-kc power source Redundant
closure (permanent) b. Connect cruise science to primary 2.4-kc power source connection
c. Turn on 400-cps, single-phase supply
d. Connect tape machine to primary 2.4-kc power source
e. Turn off battery charger
2.  Encounter start C/D DC-25 Isolated circuit a. Same as No. 1. above Backup for No. 1
closure
(pulse > 100 ms)
3.  Encounter CC&S MT-8 Isolated circuit a. Disconnect planet science 2.4-kc power source
terminate closure (permanent) b. Disconnect redundant cruise science 2.4-kc power source
c. Turn off 400<ps, single-phase supply
4. All science C/D DC-26 Isolated circuit a. Same as No. 3. above Backup for No. 3,
experiments closure b. Same as No. 3. above plus functions
and battery (pulse > 100 ms) c. Same as No. 3. above as noted
charger off d. Disconnect main cruise science 2.4-kc power source
e. Turn off battery charger
5. Transmitter Spacecraft Series interruptions a. Connect cruise science to primary 2.4-kc power source
power up, separation on one isolated b. Provide RF power-up signal by opening normally
cruise science on connector circuit closed relay contact (irreversible in flight)
6.  Cruise science on C/D DC-2 Isolated circuit a. Connect cruise science to primary 2.4-kc power source
closure
(pulse > 100 ms)
7.  Battery charger on C/D DC-28 Isolated circuit a. Turn on battery charger
closure b. Turn off tape electronics
(pulse > 100 ms)
8. Change to data Data encoder Isolated circuit a. Disconnect cruise science from primary 2.4-kc power
Mode 4 closure source
aMT—Internal CC&S command, C/D—Command decoder, DC—Direct radio command.
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in the power distribution subassembly. This unit accepts
commands from other spacecraft subsystems and trans-
lates the commands into relay closures. Since loads are
switched as groups* central control of the switching, as
opposed to individual user switching, proved highly
successful. Table 13 shows the power subsystem com-
mand flexibility.

f. Battery charging. After solar panel Sun acquisition,
the battery is recharged by the flight battery charger.
The charger takes power from the unregulated bus and
delivers a current-limited, voltage-regulated charge to
the battery. After the battery is fully charged, the capa-
bility exists to turn off the charger by direct radio
command to prolong battery life. If the battery should
be used again, as a result of losing Sun acquisition, a
radio command capability exists for reapplying the
charger.

In addition to its battery charging function, the
charger may also be used to remove the solar
panel/battery combination from an unnecessary battery-
sharing mode. Such a mode could be entered if a power
transient should instantaneously exceed the maximum
power capability of the solar panels. If this should
happen during the latter part of the mission when the
battery charger was turned off in the charge mode,
on-board logic would 1) sense the condition, 2) shift the
charger into a current-limited, constant-voltage mode
of 45-w capacity, 3) connect the input of the charger to
the battery and the output to the unregulated power
bus, and 4) boost the system out of the sharing mode.
When sharing ceased, the logic would return the unit to its
normally off position. Boosting would be inhibited dur-
ing periods when battery sharing should normally occur—
launch and midcourse maneuver. If unnecessary
battery-sharing should occur near Earth when the
charger is charging the battery in a normal manner®
on-board logic would sense the sharing condition, stop
the battery-charging operation, and await a ground com-
mand. A direct radio command could then be sent to
initiate the boost mode.

g Engineering telemetry. Proper selection of engi-
neering telemetry points is an important part of the
power subsystem design. Figure 19 shows the location of
18 of the 22 power system telemetry measurements. Not
included are the three solar panel standard-cell measure-
ments and the Bay I temperature transducers (all of the

‘E.g., cruise science experiments and encounter science experiments.

*Very unlikely owing to the large power capability of the solar
panels in this region.

electronics except the two de regulators and the battery).
Table 14 lists all 22 telemetry measurements.

h. Solar panel standard-cell transducers. To more
accurately predict the current/voltage characteristics
of the solar panels in flight, the outputs of three
standard solar cells are telemetered. The open-circuit
voltage and short-circuit current of two cells, identical
with those used in the solar arrays, form the bases of
the predictions. These readings are compared with read-
ings taken on the Earth, and the open-circuit voltage
and short-circuit current of the four-panel combination
are determined. These readings in turn lead to determi-
nation of solar panel maximum power capability and
spacecraft power margins. The third cell is insensitive
to radiation; that is, it is a standard p-n silicon solar cell

Table 14. Power subsystem telemetry measurements

Channel Measurement Range |Deck rate

109 PS&L" output voltage, vdc 23 to 53 High

203 Dual booster regulator input current, amp Oto 10 Medium
204 PS&L current to communication, amp Oto5
205 Main booster regulator output current, amp| 0to 5
206 Battery voltage, vdc 23 to 40
207 Main 2.4-ke output voltage, vdc 40 to 60
216 Battery charge current, amp Otol
221 Maneuver booster regulator output, amp Oto5
222 Solar panel 4A1 current, amp Oto5
223 Solar panel 4A5 current, amp Oto5
224 Solar panel 4A3 current, amp Oto5
225 Solar panel 4A7 current, amp Oto5
226 Battery drain current, amp Oto 10

227 Main 2.4-ke output current, amp 0.5t02.5  J

401 Bay | temperature, °F 2510175 | Llow

407 Bay VIIl temperature, °F 2510175
409 Solar panel 4A1 temperature, °F —40 to 160
415 Standard cell current, ma 010 100
416 Radiation resistant cell current, ma 0 to 100
417 Standard cell voltage, mv 0to0 100
428 Battery temperature, °F 2510 150

429 Solar panel 4A5 temperature, °F —40 to 160 v

“Power switch and logic.
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that has been degraded by radiation to a point where
further radiation has little effect on cell output. Com-
parison of its short-circuit output in flight with the
short-circuit output of the other standard cell allowed
a determination of the effect of radiation upon the solar
panels.

2. Performance

With the one exception of a higher-than-expected
battery voltage, operation of the power subsystem was
completely normal and predictable throughout the flight
of Mariner IV.

a. Solar panels. Operation of the solar panels began
in a normal manner 61 min after launch when Sun
acquisition occurred. During the 10-min period during
which the spacecraft was in the Earth’s shadow, the
solar panel temperature slipped to an estimated O°F.
This is much warmer than the —112°F which would

result from a maximum shadow time of about 20 min.
As a result of the relatively warm solar array tempera-
ture, no zener diode operation was required.

Figure 21 shows the solar panel currents immediately
after Sun acquisition. The wide differences in current
result from variations in solar panel temperatures. After
1 hr the temperatures equalized and the currents merged.

During the remainder of Phase 1 of the mission, flight
data obtained in the performance of the solar array indi-
cated that the individual panels performed as predicted
and no abnormalities or degradations were encountered
during the 307 days of deep space exposure. Presented
in Fig. 22 is a plot of the solar panel output currents
and the PS&L voltages as a function of time in flight.
It was observed that prior to January 27, 1965, the
maximum spread of the output currents of the panels
was 0.15 amp. On January 27, assuming the predicted
20°C gradient between the surface temperature of the
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Fig. 21. Solar panel currents at Sun acquisition
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Fig. 22. PS&L output voltage vs solar panel current

panel and the zener diode shunt regulator,® the zeners
would have been at the proper temperature to begin
limiting the output voltage of the panel. That this did
occur is manifested in the relative adjusting of the load
sharing of the four panels during the subsequent days.
Between February 1 and March 31, the solar-array
sharing gradually changed, resulting in a maximum
difference of 0.4 amp among the four panel currents.
The differences in solar panel currents gradually
changed throughout the mission as the zener diodes and
the solar panel sections gradually changed their thermal-
electrical equilibrium point.

As eéxplained in the Description Section, a short-
circuit-current, open-circuit-voltage transducer was
mounted on one of the panels to aid in the evaluation of
the solar array’s flight performance. This transducer,
which was monitored throughout the flight, consisted

‘Located on the panel spars.

of three solar cell assemblies all similar to the cell
assemblies of the array. However, one of the cells was
instrumented to record its open-circuit voltage, a second
was instrumented to record its short-circuit current and
a third cell, which had been irradiated with 1 mev
electrons to a 10'® electrons/cm? flux level before
assembly, was instrumented to record its short-circuit
current. The third cell served as a radiation-resistant
standard. Before flight, the output of this transducer
was calibrated with the short-circuit current and open-
circuit voltage of the array.

Plots of the flight performance of the Isc — Vo trans-
ducers are shown in Figs. 23-25. The initial flight
data from these cells read approximately 2 telemetry
data numbers (about 3%) lower than the predicted
values. This deviation is considered to be within accept-
able limits of predictability. It is observed that the
outputs of the cells generally follow their predicted time
performance curves and do not indicate the occurrence
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Fig. 25. Radiation resistant cell current
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of degradation. This absence of degradation to the
transducer offers additional confirmation of the unde-
graded condition of the array during flight.

b. Battery. During the prelaunch and launch activities
the battery was used for 68 min. The total energy drain
during this time was approximately 8 amp-hr. Immedi-
ately after solar panel Sun acquisition, the battery
charger began charging the battery. Figure 26 shows
the battery-voltage battery-charge current relationship
after Sun acquisition. Five days after launch the battery
voltage had risen to 34.8 vdc and the charge current
had decreased to 0.010 amp. Because of the relatively
small pitch turn of 39 deg during the midcourse maneu-
ver, the solar panels supplied all spacecraft power and
the battery was not required.

On February 11, 1965, the battery charger was turned
off to prolong battery life and on February 19 the bat-
tery voltage reached a new high of 35.0 vdc. After that
time the battery voltage increased steadily, except for
brief periods during which changing spacecraft loads re-
sulted in higher battery temperature and lower battery
voltage, Fig. 27. The cause of this increasing voltage was
the source of much concern throughout the flight. Two
theories were proposed to explain the increase:

1. The increase was a normal consequence of the 0-g
gravitational field, temperature effects, and the
small (1.6 ma) charge current produced by
the battery-voltage telemetry transducer.
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Fig. 26. Battery voltage and charge current
after Sun acquisition
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Fig. 27. Battery voltage increase during flight

2. The battery case had cracked and the electrolyte
was leaking out slowly and evaporating, producing
an open cell, which the battery-voltage telemetry
transducer interpreted as increased voltage.

Because the voltage did not exceed 38.0 vdc, a limit at
which theory 2 would become more likely, there is no
way of determining which theory was correct. Numerous
attempts were made to resolve the problem’ but no
solutions were reached. A definite answer to the battery-
voltage anomaly, using Mariner IV data, appears un-
likely. Only continued study of silver-zinc batteries may
provide the answer.

c. Conversion equipment. Operation of the power
conversion equipment was normal in all respects. During
the flight the main inverter output voltage varied over
the range 50.4 to 51.0 vac, the higher voltage being
maintained during the low-power television picture-
playback phase and the lower value being reached
during the early magnetometer-calibration part of the
flight. Before DC-15 was sent to inhibit the turn-on of
the maneuver booster-regulator by the gyro-on signal
as the result of an attitude control disturbance, it was
turned on and off a total of 22 times by the attitude
control subsystem. No problems were noted.

As a result of the science cover deployment exercise on
February 11, 1965, and the actual encounter sequence
on July 14, 1965, all elements of the power distribution

"Including life tests with identical batteries, tests on individual

cells, conferences with representatives of the battery manufac-
turers, etc.

assembly were checked and found to operate properly.
All commands were processed in a normal manner.

Operating performance characteristics of the conver-
sion system as a whole agreed well with both prelaunch
system tests and manufacturing bench tests.

d. Power subsystem loading. In all cases power sub-
system loading, as reflected on the battery or solar panel
energy source, was identical® to the equivalent system
test loading observed before launch. No anomalies were
noted. Figure 28 is a plot of the actual spacecraft power
demand-vs-mission phase.

3. Recommendations

Although operation of the Mariner IV power sub-
system was satisfactory throughout the flight, several
changes could be made to the design that would improve
subsystem reliability and performance.

a. Three-phase inverter frequency control. The pres-
ent 400-cps, three-phase inverter will not operate if the
power subsystem synchronizer frequency-dividing net-
work should fail. This could be corrected by driving the
three-phase generation circuit directly from the 2400-cps
main inverter-output instead of from the synchronizer
frequency-dividing network.

b. Battery-voltage telemetry monitor. The battery-
voltage telemetry monitor should be changed so that no
current is injected into the battery. This would remove
the undesirable trickle charge current into the battery
that resulted in problems described earlier in the battery
flight analysis section.

¢. Power regulator changes. Several circuit changes
could be made in the power regulators that would
further improve transient response and lead to circuit
simplification. Also, the booster-regulator’s failure-
sensing circuit could be simplified and made more
reliable by a redesign.

D. Central Computer and Sequencer
1. Description
The Mariner CC&S subsystem is the central timing

and synchronizing source on board the spacecraft.
Spacecraft timing and synchronization are accomplished

*Within the tolerance of the telemetry measurements.

71



JPL TECHNICAL REPORT NO. 32-882

300
w
'S
o
= i
@
u &
250 w <
3 - 5
3 z x
2 £ ]
> z 7 E
- S 5 g
ax q x -
w 200 ') o w
3 w 7
Y brd S
5 S
x
o
150
1
LAUNCH CRUISE MANEUVER CRUISE CRUISE CRUISE ENCOUNTER PLAYBACK CRUISE

MISSION PHASE

Fig. 28. Mariner IV power profile

through a CC&S-supplied 38.4-kc (+0.01%) signal to
the power subsystem. The 38.4-kc signal is used as the
frequency source for the power subsystem inverters,
resulting in a common frequency reference for each
subsystem.

In addition, the CC&S provides three commands
shortly after launch to get the spacecraft into a cruise
configuration. It is capable of receiving, storing, and
executing commands for the trajectory-correction
maneuver, and provides nine commands during the
cruise portion of flight to automatically initiate
mission-dependent functions at the proper time. A cyclic
command (every 6628 hr) is also generated for the
duration of the flight to provide an automatic switching
capability to the radio subsystem under certain failure
conditions.

2. Performance

All functional requirements specified for the CC&S
were met during the flight, and operation continued to
be normal. Table 15 lists the flight sequence of CC&S
commands along with the observed times of occurrence.

Power was initially applied to the CC&S at approx-
imately launch minus 4% hr on November 28, 1964.
Operation was uninterrupted and normal from that time
to the termination of telemetry coverage. The CC&S
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28v supply (Channel 309) remained at 27.8v throughout
the flight.

The three launch-phase commands L-1, L-2, and L-3
occurred normally, as did the nine master-timer events
(MT-1 through MT-9).

Two trajectory-correction maneuvers were initiated
with the Mariner IV spacecraft, the first on December 4,
1964 and the second on December 5, 1964. The first
maneuver was terminated after the loss of Canopus
acquisition shortly after initiation of the sequence. The
abort command (DC-13) did not inhibit the CC&S from
issuing all the programmed maneuver commands suc-
cessfully although it did inhibit the spacecraft from
reacting to any of them. The second attempted mid-
course maneuver was successful and was completed
without incident. Tables 16 and 17 include event times
for the two midcourse maneuvers.

a. Accuracy. CC&S clock accuracy is dependent on
the temperature of the crystal oscillator. Below 72°F the
oscillator frequency increases with increasing tempera-
ture, and above 72°F it decreases with increasing tem-
perature. The particular crystal used in Mariner IV was
slightly lower than its rated frequency of 38.4 kc at all
temperatures, resulting in a negative frequency error.®

’I.e., the clock was running slow.
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Table 15. CC&S commands

Expected . Expected "

Event Date time, GMT Observed time, GMT Event Date time, GMT Observed time, GMT
Inhibit November 28, 1964 14:19:01 CY-1 No. 22 January 27, 1965| 01:00:38 | 01:00:37 to 01:01:28
Release

CY-1 No. 23 29 19:40:44 | 19:39:58 to 19:40:48
Launch 14:22:01
CY-1 No. 24 February 1 14:20:51 | 14:20:10 to 14:21:00
L-1 (deploy 15:15:00 | 15:14:52 fo 15:15:06
CY-1 No. 25 4 09:00:57 | 09:00:21 to 09:01:11
solar panels)
L2 (Sun 15:19:00 | 15:18:52 10 15:19:05 CY-1 No. 26 7 03:41:04 | 03:40:32 to 03:41:23
acquisition) CY-1 No. 27 9 22:21:12 | No data
L-3 (Canopus 29 06:59:00 | 06:58:49 to 06:59:00 CY-1 No. 28 12 17:01:18 | 17:00:57 to0 17:01:47
acquisition)
CY-1 No. 29 15 11:41:27 | 11:41:09 to 11:41:59
Cyclic No. 1 29 16:59:00 16:59:00 to 16:59:14 .
(CY-1 No. 1) CY-1 No. 30 18 06:21:35 06:21:22 to 06:22:13
CY-1 No. 2 December 2 11:39:05 | 11:38:56 to 11:39:10 CY-1 No. 31 2 01:01:44 | 01:01:35 to 01:02:25
Ist (aborted) 4 (see Table | 13:05:00 to 17:54:08 CY-1 No. 32 23 19:41:53 | No data
Midcourse 16) CY-1 No. 33 26 14:21:02 | 14:22:03 to 14:22:54
Maneuver
MT-1 27 17:02:05 | 17:01:29 t0 17:02:19
CY-1 No. 3 5 06:19:09 No data (Canopus
2nd (actual) 5 (see Table | 13:05:00 to 17:44:11 update
Midcourse 17) No. 1)
M
aneuver CY-1 No. 34 March 1 09:02:13 | 09:01:27 1o 09:02:18
Y-1 . :59: :59: :59:
CY-1 No. 4 8 00:59:13 | 00:59:01 to 00:59:14 CY-1 No. 35 4 03:42:23 | 03:41:41 t0 03:42:32
CY-1 No. 5 10 19:39:17 | 19:39:12 t0 19:39:25 MT5 5 13:0225 | 13.01:47 10 13:02:37
CY-1 No. 6 13 14:19:21 | 14:19:21 10 14:19:33 (transfer to
high-gain
CY-1 No. 7 16 08:59:26 | 08:59:17 10 08:59:30 antenna)
CY'] . H B H . H H 9
No. 8 19 03:39:30 | 03:39:27 to 03:39:3 CY-1 No. 36 6 22:22:34 | 22:21:56 to 22:22:47
'l . : H H H H :
CY-1 No. 9 2 22:19:34 | 22:19:23 10 22:19:35 CY-1 No. 37 9 17:02:44 | 17:02:12 t0 17:03:03
CY- . :59: :59: :59:
1 No. 10 24 16:59:38 | 16:59:32 10 16:59:45 CY-1 No. 38 12 11:42:55 | 11:42:28 10 11:43:18
CY-1 No. 97 137 97
o- 11 27 11:39:42 | 11:39:41 t0 11:39:53 CY-1 No. 39 15 06:23:06 | 06:22:44 1o 06:23:34
CY-1 . :19:. :19: :19:5
No. 12 30 06:19:46 | 06:19:37 0 06:19:50 CY-1 No. 40 18 01:03:18 | 01:03:00 fo 01:03:50
CY-1 No. 13 J .59 :59:47 to 00:59:59
° anvary 2,1965100:59:51 | 00:59:47 to CY-1 No. 41 20 19:43:29 | No data
MT-6 :59: :59:.
3 16:59:54 | 16:59:54 CY-1 No. 42 23 14:23:41 | 14:23:33 to 14:24:24
(change
bit rate) CY-1 No. 43 26 09:03:54 | 09:03:50 to 09:04:40
CY-1 No. 14 4 19:39:56 19:39:12 to 19:40:03 CY-1 No. 44 29 03:44:06 | 03:43:17 to 03:44:07
CY-1 No. 15 7 14:20:01 | 14:19:26 10 14:20:17 CY-1 No. 45 31 22:24:19 | 22:23:35 0 22:24:25
€Y1 No. 16 10 09:00:06 | 08:59:36 to 09:00:26 MT-2 April 2 14:24:25 | 14:24:25 10 14:25:15
CY-1 No. 17 13 03:40:11 | 03:39:45 to 03:40:36 {Canopus
update
CY-1 No. 18 15 22:20:16 | 22:19:56 to 22:20:46 No. 2)
CY-1 No. 19 18 17:00:21 | 17:00:05 to 17:00:55 CY-1 No. 46 3 17:04:32 | 17:03:52 to 17:04:42
CY-1 No. 20 21 11:40:27 | 11:40:16 to 11:41:07 CY-1 No. 47 6 11:44:45 | 11:44:11 1o 11:45:01
CY-1 No. 21 24 06:20:32 | 06:20:26 to 06:21:16 CY-1 No. 48 9 06:24:58 | 06:24:29 to 06:25:19
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Table 15. CC&S commands (cont'd)

Event Date :,:l:,‘g;:r Observed time, GMT Event Date ::‘:’“é::‘. Observed time, GMT
CY-1 No. 49 April 12,1965( 01:05:12 | 01:04:47 to 01:05:38 CY-1 No. 79 July 4,1965| 09:12:52 | 09:12:19 to 09:13:10
CY-1 No. 50 14 19:45:26 19:45:05 to 19:45:55 CY-1 No. 80 7 03:53:08 03:52:40 to 03:53:30
CY-1 No. 51 17 14:25:40 | 14:25:24 fo 14:26:14 CY-1 No. 81 9 22:33:23 | No data
CY-1 No. 52 20 09:05:54 | 09:05:43 to 09:06:33 CY-1 No. 82 12 17:13:39 | 17:13:22 10 17:14:07
CY-1 No. 53 23 03:46:09 | 03:46:03 to 03:46:53 MT-7 14 15:53:49 | 15:53:15 to 15:54:05

5 22:26:23 | 22:26:21 10 22:27:11 (turn on
CY-1 No. 54 2 :26: :26:21 to 22:27: encounter
CY-1 No. 55 28 17:06:38 | 17:05:51 to 17:06:41 science)
CY-1 No. 56 May 1 11:46:54 | 11:46:11 to 11:47:02 MT-8 15 05:13:52 | 05:13:49 to 05:14:39
(turn off
CY-1 No. 57 4 06:27:09 | 06:26:30 to 06:27:21 encounter
CY-1 No. 58 7 01:07:24 | 01:06:50 to 01:07:41 science)
MT3 7 14:27:25 | 14:27:25 10 14:28:15 CY-1 No. 83 15 11:53:53 | 11:53:53.12t0
(Conopus and MT-9 11:53:53.24
update (start picture
No. 3) playback)
CY-1 No. 59 9 19:47:39 | 19:47:10 10 19:48:01 CY-1 No. 84 18 06:34:08 | Arrived during Mode 4
data
CY-1 No. 60 12 14:27:55 | 14:27:30 to 14:28:20
CY-1 No. 85 2 01:14:23 Arrived during Mode 4
CY-1 No. 61 15 09:08:09 | 09:07:50 to 09:08:41 data
CY-1 No. 62 18 03:48:24 | 03:48:11 to 03:49:01 CY-1 No. 86 23 19:54:38 | 19:54:23 to 19:54:40
CY-1 No. 63 20 22:28:40 | 22:28:31 to 22:29:22 CY-1 No. 87 26 14:34:52 | 14:30:47 to 14:34:59
CY-1 No. 64 23 17:08:55 | 17:08:52 to 17:09:42 CY-1 No. 88 29 09:15:06 | Arrived during Mode 4
dat
CY-1 No. 65 26 11:49:11 | 11:48:21 10 11:49:12 ot
CY- . :55: Arrived during Mode 4
CY-1 No. 66 29 06:29:27 | 06:28:42 to 06:29:33 ¥-1 No. 89 Avgust 1 03:35:21 ";v:n uring Mode
CY-1 No. :09:. :09: :09:
o. 67 June 1 01:09:43 | 01:09:03 to 01:09:53 CY-1 No. 90 3 22:35:36 | 22:35:07 to 22:35:57
CY-1 No. 68 3 19:49:59 | 19:49:23 10 19:50:14 CY-1 No. 91 6 17:15:50 | 17:15:2510 17:16:15
CY-1 No. 69 3 14:30:15 | 14:29:44 to 14:30:35 Y1 No. 92 9 15604 | No data
-1 Neo. :10: :10: :10:
CY-1 No. 70 ? 09:10:31 | 09:10:05 to 09:10:56 CY-1 No. 93 12 06:36:18 | 06:36:03 to 06:36:53
-1 . :50: :50: :51:
CY-1 No. 71 12 03:50:47 | 03:50:25 10 03:51:16 CY-1 No. 94 15 01:16:32 | 01:16:21 10 01:17:12
MT-4 :50: B :51:
14 15:50:57 | 15:50:34 to 13:51:43 CY-1 No. 95 77 19:56:46 | 19:56:40 to 19:57:30
(Canopus
update CY-1 No. 96 20 14:36:59 | 14:36:08 1o 14:36:59
No. 4)
CY-1 No. 97 23 09:17:12 | 09:16:25 t0 09:17:15
CY-1 No. 72 14 22:31:02 | 22:30:46 to 22:31:36
CY-1 No. 98 26 03:57:26 | 03:56:44 t0 03:57:34
CY-1 No. 73 17 17:11:18 | 17:11:06 t0 17:11:57
Qc-1 21:45:56 | 21:45:16 to 21:46:06
CY-1 No. 74 20 11:51:34 | 11:51:27 to 11:52:17
° Qc-2 21:54:20 | 21:53:42 to 21:54:32
CY-1 No. 75 23 06:31:49 6:30:58 ¢ :31:49
o °0¢ Qc-3 22:02:44 | 22:02:04 to 22:02:54
CY-1 No. 76 26 01:12:05 1:11:19 :12:
0 to 01:12:09 CY-1 No. 99 28 22:37:39 | 22:37:01 10 22:37:52
CY-1 No. 77 28 19:52: :51: :52:
52:21 19:51:39 10 19:52:29 CY-1 No. 100 31 17:17:52 Arrived during Mode 4
CY-1 No. 78 July 1 14:32:36 | 14:31:59 10 14:32:49 data
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Table 15. CC&S commands (cont'd)

Event Date :'::’eg::r Observed time, GMT
CY-1 No. 101 September 3, 1965| 11:58:03 11:57:35 to 11:58:25
CY-1 No. 102 6 06:38:16 06:37:52 to 06:38:42
CY-1 No. 103 9 01:18:28 01:18:09 to 01:18:59
CY-1 No. 104 11 19:58:40 19:58:25 to 19:59:16
CY-1 No. 105 14 14:38:51 14:38:42 to 14:39:32
CY-1 No. 106 17 09:19:03 09:18:58 to 09:19:49
CY-1 No. 107 20 03:59:15 03:58:24 to 03:59:15
CY-1 No. 108 22 22:39:26 22:38:40 to 22:39:31
CY-1 No. 109 25 17:19:37 | 17:18:56 to 17:19:47,
CY-1 No. 110 28 11:59:47 | No data
CY.1 No. 111 October 1 06:39:58 06:39:26 to 06:40:17

At launch the CC&S clock was running about 0.00070%
slow. As the Bay VII temperature decreased during the
flight (CC&S is mounted in Bay VII), the clock error
increased as predicted, and on August 5, 1965 was
running about 0.0011% slow. CC&S clock frequency
error in percent as a function of time is plotted in
Fig. 29.

On August 5, 1965 the CC&S clock had lost a total of
188.5 sec in 250 days, resulting in an accumulated
clock frequency error of —0.00087%. CC&S clock error
in seconds as a function of time is plotted in Fig. 30.

b. Bay VII temperature variations. At launch the
Bay VII temperature was 73°F, reached a maximum of
75°F about 14 hr after launch, and stabilized at 64.4°F
by 25 hr after launch. During the trajectory-correction
maneuver the temperature went up from 64.4°F to a
maximum of 71.2°F following the motor burn, and then
back down to a stable 64.4°F about 5 hr after Sun
reacquisition. During cruise, Bay VII temperature de-
creased from 64.4°F following the midcourse maneuver
to 57.6°F just prior to encounter. During encounter the
temperature rose to 59.6°F a few hours after encounter
science was turned on and stabilized at 56.6°F following
the turn-off of all science (MT-9). The temperature
remained stable at 56.6°F until the end of picture play-
back and return to cruise mode configuration, where-
upon it restabilized at 58.6°F. Bay VII temperature is
plotted as a function of time on the reverse scale of
Fig. 29.
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Table 16. First trajectory-correction maneuver
attempt (aborted)

Time observed, GMT

Best estimate of

Event December 4, 1964 actual time, GMT
QC1-1 sent 13:05:00
QC1-1 verified by 13:06:06 to 13:06:18 | 13:06:07
CC&S
QC1-2 sent 13:10:00
QC1-2 verified by 13:10:55 10 13:11:08 | 13:11:07
CC&S
QCI1-3 sent 13:15:00
QC1-3 verified by 13:15:57 to0 13:16:11 | 13:16:07
CC&S
DC-27 sent 14:35:00
DC-27 received by 14:35:47 to 14:35:53 | 14:35:53

CC&S

Pitch start

Pitch stop
Duration

Duration from data
encoder timer

Roll start
Roll stop
Duration

Duration from data
encoder timer

Motor start
Motor stop
Duration

Duration from data
encoder timer

Sun reacquisition
start

CC&S counter
overflow

15:34:59 to 15:35:11

15:39:11 to 15:39:24

15:57:02 to 15:57:15

16:11:19 to 16:11:32

16:19:05 10 16:19:18

16:19:18 to 16:19:31

16:24:58 to 16:25:11

17:54:01 to 17:54:15

15:35:08 + 1.42, — 0.42 sec

15:39:19 + 1.42, — 0.42 sec
251 + 1.84 sec

249.9 * 0.42 sec

15:57:08 + 1.42, — 0.42 sec
16:11:20 + 1.42, — 0.42 sec
852 + 1.84 sec

851 * 0.42 sec

16:19:08 + 1.42, — 0.42 sec
16:19:29 + 1.42, — 0.42 sec
21 =+ 1.84 sec

20.6 = 0.42 sec

16:25:08

17:54:08

Note: The estimate of the actual time of the start and stop commands of the
pitch, roll, and motor burn was determined by extrapolation of the
data encoder timer readings (Channel 220). The resolution given was

determined as follows:

+1, —0 sec is the resolution of the time tags
+0.42 sec is the resolution of the data encoder timer

The total resolution is therefore:
+1.42, —0.42 sec
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Table 17. Second trajectory-correction maneuver,
December 5, 1964 attempt

Time observed, GMT Best estimate of

Event December 5, 1964 actual time, GMT
QC1-1 sent 13:05:00
QC1-1 verified by CC&S | 13:06:05 to 13:06:18 | 13:06:08
QC1-2 sent 13:10:00
QC1-2 verified by CC&S | 13:11:08 t0 13:11:20 | 13:11:08
QC1-3 sent 13:15:00
QC1-3 verified by CC&S | 13:15:58 to 13:16:11 | 13:16:08
DC-27 sent 14:25:00
DC-27 received by CCA&S | 14:25:47 to 14:25:52 | 14:25:51

Pitch start 15:25:10 15:25:10.6 = 0.3 sec
Pitch stop 15:28:52 to 15:28:54 | 15:28:53 £ 1 sec
Duration 222.4 *+ 1.3 sec

Duration from data 223.4 = 0.42 sec

encoder timer

Roll start 15:47:09 t0 15:47:12 | 15:47:10.6 * 0.3 sec
Roll stop 16:01:18 to 16:01:21 | 16:01:20 3 1.3 sec
Duration 849.4 = 1.6 sec

Duration from data 850 + 0.42 sec

encoder timer

Motor start 16:09:10 to 16:09:12 | 16:09:10.6 * 0.3 sec

Motor stop 16:09:29 to 16:09:34 | 16:09:31 = 1.1 sec

Duration 20.4 * 1.4 sec

Duration from data 20.58 * 0.42 sec

encoder timer

Sun reacquisition start 16:15:10 to 16:15:12 { 16:15:10.6 = 0.3 sec

CCA&S counter overflow 17:44:07 to 17:44:21 | 17:44:10.6 == 0.3 sec

Note: The estimate of the actual time of the start and stop commands of
pitch, roll, and motor burn was determined by use of the analog re-
cording from the high-speed data line. This allowed time tagging to
within +0.1 sec and improved the overall resolution somewhat from
the TTY data (compare with Table 16). The pitch start command was
tagged to within +0.3 sec which was used to estimate the start times
of roll and motor burn.

c. Operational anomalies. Four anomalies have oc-
curred during the flight that may have been associated
with the CC&S; none of the four affected spacecraft
operation, however.

The first was observed, initially, coincident with

Cyclic No. 34 and involved an apparent drop in received
RF signal strength. Further checking indicated that this
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phenomenon had occurred previously and, in fact,
occurred each time a cyclic was received while the
spacecraft was being tracked in one-way lock. The prob-
lem was traced to an auxiliary oscillator in the radio
subsystem that operated when in one-way lock, and
would shift frequency slightly when a cyclic was re-
ceived, due to additional loading on the power supply.
The frequency shift appeared at the DSIF receiver as
a drop in received signal strength. After it had been
established that this was a design characteristic of the
radio subsystem, no further action was necessary.

The second anomaly was a data encoder deck skip
coincident with CC&S command MT-1 (first Canopus
update). The data encoder has had a history at skipping
decks, but the skips were usually caused by spacecraft
power transients. No appreciable power transient should
have occurred due to command MT-1 and the deck skip
was not anticipated. Tests were run on the PTM in an
attempt to duplicate the phenomenon but to no avail.
Component failures were simulated in the CC&S to
purposely introduce noise into the system, but no deck
skips occurred. All other MT events occurred on the
spacecraft without incident. The MT-1 command differs
from the other MT commands in that a spare relay is
set simultaneously with MT-1. No other MT event has
a spare relay set coincident with it, but there is no
obvious reason why two relays set at the same time
should be any more apt to cause the data encoder to
skip than just one. At the present time there is no precise
explanation as to the cause of the data encoder deck skip.

The third anomaly occurred coincident with Cyclic
No. 75, and involved erroneous readings in Event Regis-
ter Channels 115 and 116. The cyclic was received by
Station 41 while tracking in one-way lock, and the
resultant drop in RF received signal strength caused an
out-of-lock indication for several seconds. The out-of-
lock indication resulted in bit errors being introduced
into the data for several seconds and caused the channels
being interrogated to indicate erroneous readings. Since
the cyclic occurred during the interrogation of Chan-
nel 115, the erroneous readings in the event registers
of Channels 115 and 116 were assumed to have been the
result of the out-of-lock condition. Similar errors were
noted in other telemetry channels coincident with cyclic
occurrences. Subsequent event register readings were
normal.

The fourth anomaly concerned the receipt of two
events in the CC&S event register (Channel 115 Regis-
ter 2) following MT-9, instead of the normal and
expected indication of one event. Since there was a
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cyclic command (Cyclic No. 83) coincident with MT-9
and two separate relays were involved (one spring
loaded and one latching), the assumption is that the two
relay closures may have occurred at slightly different
times and caused the generation of two events. For the
data encoder to react to two event pulses, the pulses
must be at least 2 msec apart, (assuming proper data
encoder operation), which means that the two relay
closures would have had to be at least 2 msec apart;
however, the inputs to the two relay drivers are within
a few psec of each other.

Previous testing in the CC&S lab has indicated that
relays kept in storage for several months without being
exercised, such as was the case with the MT-9 relay,
tend to switch more slowly the first time than do relays
exercised periodically.”® It has not yet been determined
whether this phenomenon could create enough differ-
ence in switching time to cause the two events. Another
source of difference in relay switching time is associated
with the different relay types involved (one spring
loaded and one latching), but this difference is small
compared to 2 msec. Further analysis is being done in
an attempt to better understand the problem.

d. Future operational capability. All command func-
tions of the CC&S have been completed with the
exception of the 662-hr cyclics. The cyclic commands
will continue, barring an associated circuit malfunction,
and the CC&S clock will continue to provide timing
and synchronizing information to the spacecraft unless
interrupted in a similar manner. Although the capability
for only one more motor burn exists, any number of
midcourse maneuver sequences can be initiated and
executed by the CC&S.

3. Recommendations

The functional design of the Mariner CC&S was
adequate, although some packaging and circuit design
changes could be made to make the unit more reliable.
The accomplishment of the improvements listed below
would require a major redesign of the CC&S, however.
Recommendations for improvements of future equip-
ment are listed below in order of importance.

1. Redesign of packaging and potting techniques of
magnetic shift registers and counters

2. Elimination of back-side printed circuit wiring

“The cyclic relay was exercised every 662 hr.
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3. Reduction of component density to eliminate stack-
ing and provision for specified 3/16-in. body-to-
terminal lead lengths

4. Provision of proper spacing for subassembly
harnessing

5. Replacement of shift registers with units having
wider margins and not requiring sensistor temper-
ature compensation

6. Redesign of input decoder subassembly to reduce
complexity

7. Redesign of magnetic counters to increase margins
so that initial test time is reduced and the need for
optimization of adjustments is eliminated

E. Attitude Control Subsystem

The attitude control subsystem establishes and main-
tains three-axis stabilization of the spacecraft using the
Sun and the star Canopus as references. Two-axis Sun
stabilization aligns the spacecraft Z-axis with the space-
craft-Sun line, keeping the solar panel surfaces presented
fully to the Sun. Roll stabilization about the Z-axis with
the star Canopus as the reference insures that the high-
gain antenna beam will include Earth during the latter
portions of the mission.

The attitude control subsystem orients the spacecraft
to the commanded attitude during the midcourse tra-
jectory correction and maintains it during the motor
firing interval. After the correction, Sun and Canopus
acquisition are re-established.

In addition to the normal cruise control, a number of
alternate modes of operation including inertial roll
control are designed into the attitude control subsystem.

1. Description

The variety of requirements placed upon the attitude
control subsystem during the mission dictate that the
subsystem consist of a number of separate functional
units each operating in a manner appropriate to the
attitude control mode required for any particular portion
of the mission. The largest part of the Mariner mission
is flown in the interplanetary cruise mode. In cruise the
attitude control subsystem must orient and maintain
the X- and Y-axes normal to the Sun line and at the
desired angular position about the Z-axis. The primary
means of control is a system of cold gas thrusters.
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"a. Gas jets. The spacecraft is maintained at certain
angular positions, or is rotated at prescribed angular
rates through the application of appropriate torques
obtained by the expulsion of gas through pairs of jet
nozzles, located so as to produce couples about each
of the principle axes. The gas jets are opened and
closed by solenoid valves operated by switching ampli-
fiers. The switching amplifiers respond to signals from
sensors which measure spacecraft angular position and
rate.

The gas supply is contained in two completely
independent nitrogen-gas systems. Assuming flight
equipment is well-enough controlled during manufac-
ture, assembly, and testing to preclude any severe
weaknesses or manufacturing flaws, the most probable
failure mode would be loss of gas pressure due to
random sticking of the gas valves. The redundancy of
gas valves between the two half-systems permits normal
operation if a valve fails closed; and if it fails open there
are two opposing valves to counteract it, one in its own
half-system and one in the redundant half-system. After
all of the gas in the failed half-system has been ex-
pended, enough remains in the redundant half-system
to allow the completion of the mission.

b. Inertial sensors. Gyros provide error signals pro-
portional to angular rate. The rate error signal from a
gyro may be fed to a switching amplifier to maintain an
angular rate within the rate deadband orientation.
Angular rates other than zero are obtained either by
torquing the gyros or by providing a bias signal to the
switching amplifiers. Torquing the gyro at a constant
rate will produce a rate error signal, operating the gas
jets, until the spacecraft is rotating at the same rate at
which the gyro is being torqued. The rate error signal
will then go to zero. A fixed-rate bias signal to the
switching amplifier will operate the jets until a rate is
established in which the gyro rate error signal just
cancels the bias signal.

The rate error signal from the gyro may be integrated
to give position error. When operating the switching
amplifier from position error signals, the gyro rate error
signals may also be used as damping signals to damp
out spacecraft oscillations about the desired position.

¢. Celestial sensors. Sun sensors produce error signals
proportional to angular position displacement about the
pitch (X) and yaw (Y) axes. Similarly, the Canopus star
sensor will, when a star is in its field of view, produce
error signals proportional to the angular displacement

of the star from the sensor boresight line (only the
angular position error component about the Z-axis is
sensed).

If these three-position error signals are fed to the
switching amplifiers, they cause gas jet firings which
accelerate the spacecraft so as to reduce the errors.
Hence three-axis stabilization is achieved. In the absence
of a damping force, however, the spacecraft will con-
tinue to oscillate about the null positions indefinitely.
The rate signals from the gyros might be mixed with
the position error signals to damp out the oscillations.
However, since the gyros are not operating throughout
most of the flight, another source of damping must be
found.

When the gas jet pairs are opened in response to
error signals, the regulated flow of gas produces a
constant torque, hence a constant angular acceleration.

The attitude control gyro power is turned on prior to
launch. The attitude control subsystem power is turned
on when the spacecraft separates from the Agena stage.
The turn-on is one function of the pyrotechnic arming
switch. The CC&S also issues a backup command to
turn on the attitude control subsystem power at lift-off
plus 57 min.

Alignment of the Z-axis with the spacecraft-Sun line
begins at this turn on of power. Acquisition Sun sensors
looking away from the normal Sun direction supple-
ment the cruise Sun sensors so that the Sun is in the
field of view of at least one set of Sun sensors regardless
of the spacecraft angular orientation. The Sun sensors
produce angle-position error signals which cause the
switching amplifiers to open the appropriate gas jets.
The thrusts from the jet pairs produce torques which
rotate the spacecraft and thus reduce the angular posi-
tion errors. Oscillations are damped out by mixing a rate
damping signal from the rate gyro with the position error
signal. Sun stabilization occurs within approximately
20 min depending upon spacecraft initial angular posi-
tion and rate.

When the Z-axis is aligned with the spacecraft-Sun
line, the Sun gate is illuminated and switches the ac-
quisition sensors off; stabilization is maintained by the
cruise Sun sensor signals. The Sun gate signal also
enables the roll-spin or roll-search mode.

After pitch- and yaw-axis Sun stabilization has been
accomplished, a controlled turn rate about the Z-axis at
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either one of two rates is executed. Normally, Sun
stabilization will occur well in advance of CC&S L-3
(T + 997 min). A spin signal is then fed to the switching
amplifier firing the roll jets and accelerating the space-
craft to a constant 3.5 milliradians/second (mrad/sec)
rate. The roll spin provides calibration data for the
magnetometer.

At T + 997 min, the Canopus sensor is turned on by
CC&S L-3. L-3 also switches the input of the amplifier
from the spin signal of 3.5 mrad/sec to the search signal
of 2 mrad/sec. The spacecraft decelerates appropriately,
then remains in the search mode until a star of sufficient
brightness appears in the field of view of the Canopus
sensor, which then initiates star acquisition and switch-
to-cruise mode.

An inoperative gyro failing to provide a rate signal to
buck out the spin (or search) signal would cause the
spacecraft to continue to accelerate indefinitely. To
prevent such a failure from being catastrophic, the jet
firing times are electrically integrated. After a jet firing
time slightly in excess of normal, the input signal (spin
or search) to the switching amplifier is interrupted,
allowing back-up of roll control to be used.

A star of sufficient brightness in the field of view of
the Canopus sensor will operate the acquisition gate.
The signal from this gate places the spacecraft in the
cruise mode, turning off all gyros and switching in
derived-rate networks. The acquisition gate signal also
switches the Canopus sensor error signal into the switch-
ing amplifier in order to provide roll position control.

The long cruise period of almost 8 mo created a desire
to enhance reliability by using a passive stabilization
technique in place of the gyros. A system of proved
performance had been developed for the Mariner II
Venus spacecraft, called derived rate switching amplifier
compensation, which was used on Mariner IV. Funda-
mentally, it is a lag feedback around the switching
amplifier with a long time constant of about 100 sec.
Whenever there is a switching amplifier output to acti-
vate the gas jets, the long time constant produces a
feedback signal to the input. While the gas jets are on,
the spacecraft is accelerating and the feedback ap-
pears the same as a rate feedback obtained by gyro
integration of acceleration (thus the term derived rate),
provided that: 1) the gas jets are on for a much shorter
period than the derived rate time constant, and 2) the
initial spacecraft rate is nearly zero, because the derived
rate signal is not correlated with the actual spacecraft
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rate. For conditions other than these, the control system
damping is increasingly less efficient. The derived rate
system, however, is capable of controlling any cruise
mode disturbance. For single-axis operation, the system
has enough acquisition capability to replace a gyro that
is providing no output, though it is quite inefficient in
that mode.

A cruise mode limit cycle is established by controlling
the maximum angular excursion by means of the switch-
ing amplifier deadband, and by controlling the minimum
rate increment by means of a minimum-on-time circuit
in the switching amplifier. That is to say, whenever the
angular error exceeds the deadband value, the gas jets
are activated to reverse the direction of motion. In
addition, the gas jets are caused to remain on for a
minimum of 20 msec even though the input signal is of
less duration. The 20 msec minimum-on-time circuit
establishes the minimum torque impulse capability of
the control system. The derived rate damping will re-
duce the angular rates to the minimum impulse level,
which is about =2 deg/hr on either side of null. The
angular position deadband on either side of null is
0.5 deg for pitch and yaw and 0.25 deg for roll.

Direct command DC-15 (acquisition gate override)
provides a means of bypassing the acquisition gate,
thereby stabilizing roll position using any star bright
enough to produce position error signals. After normal
star acquisition, direct command DC-21 (roll override)
provides a means of interrupting the acquisition gate
signal, thus commanding further roll search for another
star.

Additional options are afforded by DC-18 (inertial
roll control) which places the roll axis only in inertial
control while pitch and yaw are still controlled in posi-
tion by the Sun sensors, and by DC-20 (roll drift) which
removes all roll control. In the inertial roll control mode
the roll position may be commanded from the ground
in 2% deg increments. After the first DC-18 initiates
the inertial roll mode, each subsequent DC-18 will
trigger a one shot which applies a positive command
current into the roll-gyro torquer for a time equivalent
to a positive 2% deg roll turn. A DC-21 command will
trigger another one shot, giving a negative 2% deg turn.

Each of the alternate modes — inertial roll control,
roll drift, or acquisition gate override —may be reset
and normal control established through the use of an
additional command, DC-19 (normal roll control).



“d. Trajectory-correction maneuver. During the tra-
jectory-correction sequence the spacecraft is placed in
inertial control on all axes.

This control mode maintains spacecraft angular posi-
tions in inertial space, under control of the gyros. The
mode is commanded by the CC&S and is maintained
throughout the maneuver sequence.

A large integrating capacitor is inserted in the gyro
feedback loop to the torquer, integrating the gyro rate
signal output and thereby providing position informa-
tion. Whenever some disturbance produces a spacecraft
angular rate, the gyro pick-off amplifier provides a
corrective signal to fire the jets and also an electrical
current to the gyro torquer. The flow of torquer current
produces a charge accumulation on the capacitor pro-
portional to the position error introduced. When the
jets have reduced the rate to zero, the capacitor will
deliver torquing current of opposite polarity. This cur-
rent produces a rate opposite that of the initial distur-
bance. Torquing current will cease to flow when the
capacitor charge (and hence the position error) is
reduced to zero.

During the period of PIPS rocket motor burn, the
rate, plus position-error signal is used by the autopilot to
maintain stabilization by appropriate positioning of four
jet vanes in the rocket exhaust.

The rocket motor thrust vector is aligned for the
trajectory correction by the performance of commanded
pitch and roll turns. The desired thrust vector orientation
is determined on the ground from tracking data and the
necessary turn information is sent by radio command
and stored in the CC&S. After maneuver initiation, the
CC&S commands generate a torquing current to pro-
duce a precision current that will torque the gyro at
0.18 deg/sec. The polarity of the current, hence the
direction of the turn, is determined by the presence or
absence of an additional CC&S command. The precision
torquing current torques the gyro, producing a gyro
output which opens the appropriate jets, accelerating
the spacecraft. When the spacecraft angular velocity
reaches 0.18 deg/sec, the error signal goes to zero, the
gas jets are closed, and the spacecraft continues to turn
at a constant rate. The duration of the turn (and hence
the magnitude of the turn angle) is determined by the
timing functon of the CC&S counter, which, at over-
flow, commands an interruption of the flow of torquing
current. The spacecraft angular rate then produces a
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gyro output which opens the appropriate jets until the
rate is reduced to zero. This new orientation is then
maintained by the spacecraft in the inertial control
mode.

The midcourse autopilot is used to control the attitude
of the spacecraft during the motor burn interval. Control
is accomplished by continuous adjustment of the angular
positions of four jet vanes mounted in the midcourse
motor nozzle. Since the motor is not mounted along any
of the spacecraft body axes, the motion of each jet vane
is controlled by a mixture of the signals of the three
gyros.

Each jet vane has its own control system, consisting
of an autopilot amplifier, a jet vane actuator and a feed-
back loop. Power to the autopilot is switched on only
during the midcourse correction sequence. The three
gyro signals and the feedback signal are summed in
different ratios at the input to each amplifier. The jet
vanes are then adjusted so that the motor thrust vector
passes through the spacecraft center of gravity, nulling
the gyro error signals.

e. Solar pressure vanes. An auxiliary two-axis Sun-
stabilization system employs solar pressure to provide a
restoring torque. Solar pressure vanes are automatically
positioned to balance the solar pressure about the space-
craft center of gravity at the correct spacecraft Z-axis
alignment.

Every time the pitch or yaw jets are opened, the
solar vane electronics operate solar vane actuators which
make step changes in the angular position of the ap-
propriate solar vanes.

As opposite solar vanes are stepped toward and away
from the plane normal to the Sun line, the solar center
of pressure is shifted, creating a solar torque of the same
sense as the opened jet as shown in Fig. 31.

The gas jets fire only when the position error has
exceeded the deadband limit, for a spacecraft in normal
cruise mode. In normal limit cycle operation, the limit
on one side of the null position is reached as many times
as the limit on the other side. If a torque bias exists,
however, the number of times that a correction of one
polarity is required exceeds that for the other. The
differential stepping of the solar pressure vanes shifts
the center of pressure in such a manner as to oppose
the bias torque, driving the mean position error to zero.
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2. Performance

The attitude control subsystem performed in a satis-
factory manner throughout the mission. Sun acquisition
was maintained without incident throughout the mission
except during the midcourse trajectory correction se-
quence. Some problems were encountered in maintain-
ing Canopus acquisition until an alternate contral mode
was initiated with the transmission of a ground com-
mand disabling the automatic reacquisition logic in the
star tracker. There were no other anomalies observed
during the flight which might have placed any of the
mission objectives in jeopardy, although problems were
observed in the solar pressure vane system operation.

a. Initial Sun acquisition. Separation of the spacecraft
from the Agena occurred in the Earth shadow
15:07:10 GMT on November 28, 1964. There were no
Sun sensor error signals in the shadow, but the three
single-degree-of-freedom gyros about each spacecraft
axis sensed the tumbling of the spacecraft and turned
on the attitude control jets until the rates were reduced
to within the deadband of the switching amplifier. The
rate deadband was =+1.27 mrad/sec in pitch and yaw
and +0.33 mrad/sec in roll. When post-separation
telemetry first became available, the rates were already
within the deadband, indicating that the separation
rates were very low.

The actual time of exit from the Earth shadow took
place at 15:17:35 but Sun sensor signals were first noted
at 15:16:37 GMT due to the refraction of sunlight
through the Earth atmosphere.

When the spacecraft was completely in the sunlight,
the pitch error was seen to be equal to —1.0 deg, and
for all practical purposes the pitch axis had acquired.
The yaw Sun sensors were saturated and had established
a rate determined by this saturation equal to —2.2
mrad/sec (—0.126 deg/sec). The yaw sensors came out
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of saturation at 15:29:56 GMT at an angle of +11.5 deg.
This indicated that at the start of yaw acquisition, the
yaw angle was about +106 deg.

A Sun gate event occurred at 15:30:59 GMT. This
indicated that the Sun gate cone-angle field of view
was 2.2 deg, which is within the design tolerance.

The Sun gate initiated the magnetometer calibration
roll as required. A search signal was switched into the
roll axis control system and the spacecraft accelerated
to a rate of —3.55 mrad/sec (—0.203 deg/sec), which
was the design nominal value.

During the magnetometer roll mode, the pitch and
yaw errors were observed to limit cycle against one
side of the deadband. The pitch axis stayed at +8.7 mrad
edge and yaw at the —8.5 mrad edge. This was as ex-
pected and was due to crosscoupling from the cross-
products of inertia.

b. Star acquisition. Before launch it was felt that
star identification would be a major problem. The only
information from the Canopus sensor, other than an
error signal, was a brightness measurement and a
knowledge of the cone angle of an object within =5 deg.
The absolute calibration of the Canopus sensor for all
the stars in the sky was not known and the problem was
further complicated because the brightness signal in-
cluded the integrated background of stars in the field.
However, during the roll-search mode, the tracker made
good relative measurements of the star, plus background
brightness. This information was basic to the star iden-
tification procedure.

A map-matching technique was developed to identify
objects seen by the Canopus sensor during the roll
search mode. As an aid to establishing the map-
matching technique, other corroborating information




was used for initial acquisition. This included a fixed,
wide-angle (26 deg by 83 deg) field-of-view Earth
detector to provide an output if Canopus was in the
star sensor field of view; magnetometer information ob-
tained during the calibration mode for rate and position
information; and low-gain antenna pattern variations to
also provide rate and position information. The magne-
tometer and antenna information was relatively crude
and could only be used with a low weighting function
on their corroboration.

Fundamental to the map-matching was an a priori
telemetry map of sensor brightness output versus clock
angle (angle about the Sun line measured from Cano-
pus). A reasonably sophisticated mathematical model
of the Canopus tracker and the sky, including the Milky
Way, was developed so that with trajectory information,
a 7094 program printed a map of the expected telemetry
output of the brightness channel seen during roll search.
This then was matched with an actual telemetry map to
identify observed objects.

Initially, an extensive computer program was devised
to process the telemetry data to produce the actual
telemetry map. This was statistically correlated with
the a priori map, Earth detector output, magnetometer
data, and low-gain antenna data. Whenever an object
was acquired subsequent to a roll search, a calculation
was made of the probability that each acquirable object
had been acquired. If the object was not Canopus, a
roll override command would institute another roll
search and another computer run was made until Can-
opus was identified as acquired.

The computerized version of the map-matching was
necessary due to the lack of knowledge of the tracker
response to the innumerable objects and integrated back-
ground that would be seen by the tracker. Until the
tracker was actually calibrated in flight, the uncertain-
ties required that the best possible analysis techniques
be prepared beforehand.

In addition to the computerized star identification
program, a second map-matching technique was de-
veloped and implemented during the flight which was
much simpler, but required actual flight experience to
prove reliability. A continuous strip-chart recorder was
employed to plot in real time the star tracker brightness
telemetry. An a priori map derived from the computer
program was transcribed to a transparent overlay in the
same scale as the real time telemetry plot so that they
could be instantaneously compared during the roll
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search. The process turned out to be surprisingly good
and became the primary technique for star identifica-
tion. It was quite accurate and the fastest possible way
of identifying objects. One of the mission accomplish-
ments can be said to be the development of the pro-
cedure consisting of excellent a priori maps matched in
real time with brightness telemetry data, as shown
in Fig. 32.

Initial roll acquisition was commanded by the CC&S
to take place at 06:59:00 GMT on November 29. Just
before this command (CC&S L-3), the spacecraft was
in the magnetometer calibration mode, rolling at a rate
of —3.55 mrad/sec (—0.203 deg/sec). At the roll acquisi-
tion command, the search command signal was switched
in and the roll rate was reduced to —2.35 mrad/sec
(—0.135 deg/sec), the upper edge of the deadband about
the nominal search rate. An acquisition occurred at
07:07:47 GMT. At this point, Earth light reflections on
the Canopus sensor optics caused a bright enough
background in conjunction with a spurious error signal
to cause the acquisition logic to discontinue the roll
search. Even though there was no acquirable object, a
“logic” acquisition had been effected. The clock angle
at this point was about 129 deg.

Even though the logic circuitry was satisfied, there
was no real error signal and the roll axis was essentially
in a drift mode with the attitude control gas jets firing
at random due to background noise. The cumulative
action caused the spacecraft to drift primarily in a
direction of increasing clock angle. At some unknown
time during the drift, the star Alderamin was acquired
at a clock angle of 171 deg, after drifting about 42 deg.
Alderamin was about 0.05 times as bright as Canopus,
with a bright background, and the error signals were
too noisy to determine the time of acquisition.

On November 29, at 13:12:3¢ GMT, the spacecraft
went into an automatic roll search. At 13:26:15 GMT
after 13 min and 41 sec of roll search, the star Regulus
was acquired at a clock angle of 278 deg. Lock was
maintained on Regulus until the next day, since Canopus
acquisition was not necessary to the mission at the time.

At 09:13:47 on November 30, DC-21 (roll override)
was sent and the star Naos was acquired at 09:20:56 GMT,
at a clock angle of 338 deg. Another DC-21 at
10:45:09 GMT caused y Velorum to be acquired at a
clock angle of 343 deg at 10:46:00 GMT. Canopus was
acquired by a DC-21 initiated at 10:57:57 GMT and
lock was obtained at 10:59:38 GMT.
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Fig. 32. Star map of December 4, 1964 reacquisition

c. Solar pressure vane operation. The first solar
pressure vane measurements were coincident with the
turn-on of the adaptive mode actuators at the time of
CC&S L-3 (initial star acquisition). It was then observed
that the vanes had been deployed beyond the nominal
position angle of 35 deg below the plane of the solar
panels. They were deployed in the following positions:
1) +X at 21 deg, 2) —X at 15 deg, 3) +Y at 17 deg,
and 4) —Y at 7 deg.

The deployment failure was due to an unsuspected
source of friction that was present during ground testing,
but not present in the space environment. In spite of the
overtravel, the center of pressure of the spacecraft was
behind the center of gravity such that there was a net
restoring torque of about 1.1 dyne-cm/deg about the
pitch axis and 1.7 dyne-cm/deg about yaw.

In the adaptive mode of operation, stepping motor
actuators rotated the solar pressure vanes about their
deployed positions to cancel out unbalanced solar
torques. An unbalanced torque would cause the valves
for one direction to fire more frequently than the ones
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for the other direction. The vanes were stepped 0.01
deg by the actuator for each valve firing, in phase with
that firing. The differential firing of the valves caused
the vanes to be rotated in a direction to cancel the
torque causing the difference.

The +X and —X vanes, which control the yaw axis,
worked properly in the adaptive mode by canceling out
an initial unbalanced torque of about 25 dyne-cm,
probably due to the skewed angle of the high-gain
antenna. The +Y and —Y vanes were definitely in a
failed mode. The most likely explanation is that the
actuators were locked up electrically. The design was
such that within the first 30 msec of actuator turn-on,
if a gas jet fired, the actuator would lock up. The
telemetry data indicated that it was very likely that a
jet fired at that time.

The thermal actuators were designed to provide
damping such that after the stepping motor actuators
cancel out the unbalanced torque, the limit cycle damps
out within the deadband of the gas subsystem. The
thermal actuators are exposed differentially to sunlight
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by a Sun shade so that the varying angle with respect
to the Sun line causes the vanes to be rotated in a
direction to reduce slightly the restoring torque. This
should have caused the limit cycle oscillation to be
damped out eventually.

Because the +X and —X vanes were operating in
the adaptive mode to reduce the unbalanced torques,
they were expected to eventually operate in the thermal
mode to damp out the limit cycle. After the unbalanced
torque was reduced to about 5 dyne-cm, the disturbance
torques proved to be quite variable. The torques
changed by as much as 5 dyne-cm between valve firings.
Over longer periods, such as several weeks, the dis-
turbance torques varied as much as 25 dyne-cm. The
maximum restoring torque of the spacecraft over the
+Y-deg limit cycle was 0.85 dyne-cm and the vane
damping was 0.30 dyne-cm', It was not possible for the
thermal actuators to perform their function under these
circumstances.

“This represents degraded performance due to overtravel at
deployment.

These varying disturbance torques were obviously not
solar torques. It is probable that they were due to the
normal leakage of the gas valves. The normal valve
leakage of 3.0 cc/hr at standard conditions actually
provides 16 dyne-cm/valve of torque if it is assumed
that the nominal gas laws apply. There were 4 valves
controlling each axis, and the leakage has been observed
in testing to vary with valve actuation. Therefore, even
though the average leakage was known, it was obvious
that the leakage, and hence the torques, could vary
considerably over a period of time. If the seating char-
acteristics of the valves changed over a period of time,
long-term variations in the disturbance torques would
be expected, and as has been discussed, if the seating
for each valve firing was slightly different, then short-
term variations would be observed.

Since the long-term disturbance torques did vary, it
should be noted that the +X and —X vanes were
observed moving and canceling out these disturbances
in the adaptive mode of operation, Fig. 33. Figure 34
shows a representative limit axle plot for all three axes
during cruise.
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d. First trajectory-correction maneuver attempt
(aborted). The start of the first trajectory-correction
attempt (initiation of DC-27) took place at 14:35:00 GMT
on December 4. This command turns on the gyros for
warmup 1 hr before the start of the commanded
turns. At 14:35:47 GMT the gyros came on and started
to spin up. The spin-up of the gyros caused a dis-
turbance in the attitude control system and the pitch,
yaw, and roll error signals were driven over to one side
of the deadband. The roll channel, which was of par-
ticular interest, started limit cycling against the negative
side of the deadband with an angular excursion of 1 DN
which was a resolution of 0.41 mrad. After 49.3 sec of
operation (11 frames of data) a large transient was ob-
served in the roll-error channel equivalent to —16.0 mrad.
The next data frame (4.2 sec later) showed the spacecraft
going into automatic roll search, which continued until
Earth light reflections caused an acquisition to occur at
14:52:32 GMT at a clock angle of about 90 deg.
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The fact that the roll-error signal was forced to one
side of the deadband by the gyro spin-up was a com-
pletely expected, normal event. The huge transient in
the roll channel and subsequent loss of acquisition
necessitated the termination of the maneuver and caused
it to be postponed for one day. The one sample of roll
error of —16.0 mrad was impossible to explain by actual
spacecraft motion, because the impulse required is
catastrophic, and would have been observed in the
pitch and yaw channels and on the roll gyro, which it
was not. It was first thought that the signal was an
electrical transient of some kind.

In view of the experience and analysis in connection
with the loss of star acquisition in general, which
generated the minute-particle theory as the cause of
losses of acquisition, it now seems that the loss of
Canopus at the initiation of midcourse falls into the
same category. It is postulated that the time correlation



JPL TECHNICAL REPORT NO. 32-882

of gyro warmup to subsequent loss of acquisition is due
to the gyro starting transient shaking loose particles
from the solar panels that were then driven in front of
the Canopus sensor by solar pressure or spacecraft static
charge. An instantaneous bright flash would cause a
high gate violation and a false error signal. Since the
resolution of events in this mode was 4.2 sec, it was
possible to miss obtaining a sample of the flash in the
brightness channel.

Ten DC-21s were transmitted before the spacecraft
reacquired Canopus. The high degree of correlation
between the a priori star maps and the telemetered data
can best be seen for this reacquisition. See Fig. 32.

The performance of the spacecraft at initiation of gyro
warmup prior to the start of the second and successful
midcourse sequence was identical to the first except for
the loss of acquisition.

e. Second trajectory-correction maneuver attempt
(successful). The start of the second trajectory-correction
maneuver attempt took place at the initiation of DC-27
at 12:25:13 GMT on December 5. The gyros went on
and the gyro spin-up caused the roll limit cycle to stay
on the negative side of the deadband, as in the first
maneuver try. It should be pointed out that this is
normal. After the gyros were up to speed, the roll limit
cycle was normal.

The maneuver consisted of a counterclockwise (ccw)
pitch turn of 39.16 deg and a cw roll turn of 156.07 deg.
The pitch turn starting transient was seen at
15:25:12 GMT and the stopping transient at 15:28:54
GMT. The start roll transient was at 15:47:10 GMT and
stopping transient at 16:01:19 GMT. The turns were
correct in every respect. The amount of overshoot in the
rate, plus position measurement scan during the starting
and stopping transients, was within the tolerances ex-
pected for the attitude control subsystem acceleration of
0.45 mrad/sec. This was the only good confirmation
available of the steady-state operation of the gas jets.

The start of motor burn was at 16:09:10 GMT and
stop at 16:09:30 GMT.

Sun reacquisition was commanded by the CC&S at
16:15:10 GMT. Since the pitch turn was of such a small
magnitude, the Sun acquisition was short, taking place
at 16:21:07 GMT. Again the Sun gate field of view was
seen to be 2.2 deg.

The Sun gate event started roll search for Canopus
and the first star acquired was y Velorum at 16:44:36 GMT
at a clock angle of 342.8 deg. A roll override command
was initiated at 16:52:50, Canopus was acquired at
16:55:00 GMT, and regular roll control was established.

f- Autopilot performance. The successful trajectory-
correction maneuver was initiated at 14:25:13 GMT on
December 5 with gyro warmup. At 15:25:12 GMT the
attitude control subsystem was switched to inertial mode
and the commanded turns were started. The ccw pitch
turn was 39.16 deg and the cw roll turn was 156.07 deg.
These turn angles include a vernier adjustment in pitch
and roll to compensate for a known center-of-gravity
(cg) misalignment error. The action of the autopilot
under the known cg misalignment rotates the thrust
vector to the proper direction in inertial space.

A vernier adjustment was also made to the motor
burn time to compensate for jet vane drag. The com-
pensation was based on the predicted initial conditions
to the autopilot from the attitude control subsystem. On
the basis of the commanded turn angles, it was expected
that solar torques would keep both pitch and yaw
angular positions held against the negative side of the
attitude control deadband. This initial angular offset
caused the autopilot to drive the jet vanes hard over,
producing 6-lbf drag. The integral of the drag force
over the transient period following motor ignition pro-
vided the magnitude of the motor burn time correction.
The actual position of the spacecraft in the pitch and
yaw attitude control deadband was exactly as predicted.

The midcourse motor was ignited at 16:09:09.6 GMT
and burned for 20.4 sec. Four data points on the gyro
signals were received during the motor burn period.
Although this did not provide enough data for a thor-
ough analysis, three events of significance appeared to
fit the observed points. These were: 1) the first data
point after motor ignition indicated a transient over-
shoot in pitch and yaw'?; 2) for the remaining three
points during the burn period, pitch and yaw main-
tained an equal and opposite offset, indicating a cg mis-
alignment angle of approximately 2.2 mrad or 0.064 in.;
and 3) a very slow motion in the roll channel may have
been a low-amplitude limit cycle due to friction in the
jet vane actuators. This limit cycle was theoretically
predictable and was observed in analog computer simu-
lations, but was not observed in previous spacecraft

*This was expected from the known, initial conditions on the
autopilot.
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because of insufficient data during the midcourse
maneuvers.

The entire maneuver and the performance of all sub-
systems was very satisfactory. Subsequent tracking data
verified that the Mariner IV midcourse was very
accurate.

g. Cruise performance

Pitch and yaw control. The pitch and yaw control
systems have performed well throughout the entire
flight. One outstanding anomaly is the fact that the
minimum rate increment was twice what it should be,
but this is a system problem that is also observed in the
roll channel, and is discussed at length in the gas system
section. The position deadband was +8.6 mrad and the
limit cycle rate increment is +18.4 urad/sec. The design
value rate increment was 9.0 yrad/sec.

Roll control. The roll control system, like pitch and
yaw, exhibits an excessive rate increment (50% too
large). The deadband is 4.5 mrad and rate increment
is +-14.0 urad/sec; the design value being +9.0 yrad/sec.

A significant problem in roll control observed through-
out the mission is the roll transient problem. The evi-
dence gathered indicates that roll transients are caused
by bright flashes, external to the spacecraft, detected by
the star sensor. Extensive PTM tests tended to deny the
possibility that the cause could be an internal electrical
problem. In addition, analysis seemed to rule out the
possibility that energetic particles or radiation were
interacting with the star sensor. The only reasonable
theory left was the external flash hypothesis. In the
early part of the flight, when the telemetry operated at
the high data transmission rate (12.6 sec between sam-
ples) there were several instances of excessive brightness
samples coincident with roll transients. If the transients
were caused by the bright flashes, the magnitude of the
transients indicated that their duration must be on the
order of less than a half second. This would explain why
a flash is seldom detected at the time of a transient.

The evidence led to the use of DC-15 to deactivate
the brightness gate logic to prevent loss of acquisition.
The validity of that decision is proved by the fact that
from that time there was never a loss of acquisition in
spite of about 40 observed roll transients. Subsequent
to MT-6 the low data rate of 50.4 sec between samples
precluded the observance of most brightness transients.
On June 9, however, a 25-times-Canopus brightness
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telemetry sample was obtained coincident with a roll
transient.

The source of the bright flashes is still not known
positively. Some indication of the probable source is
found in the fact that of the four times that the space-
craft was mechanically disturbed from the cruise mode,
two were accompanied by vigorous roll transients. The
first was at gyro turn-on during the initial midcourse
attempt and the second was at the science cover de-
ployment. The mechanical disturbances themselves
could not explain the transients, but particles shaken
from the spacecraft such that they floated by the star
sensor could cause flashes. Before the flight, the cog-
nizant engineer reported that the extreme sensitivity of
the star sensor made it possible to detect particles
0.005 in. in diameter at 2500 ft from the sensor. It was
not suspected, however, that the spacecraft would pre-
sent a serious problem as a source of particles.

An explanation was sought for the source of the
continuing roll transients taking place during the long
cruise period. The hypothesis was advanced, with some
analytical justification, that undetectable micrometeor-
ites striking the solar panels could detach surface
particles, which float by the sensor. Occasionally, very
small rate impulses in the pitch or yaw channels were
observed to be correlated with roll transients. It was
suggested that a micrometeorite struck a solar panel,
imparting a pitch or yaw impulse, and dislodging a
particle which caused a roll transient. However, these
pitch and yaw impulses can as easily be explained as
crosscoupling effects from the roll axis, due to gas jet
and moment arm misalignment. The magnitude of the
impulses is about 15 to 20% of the roll impulse,
about the same observed in normal limit cycle operation.
It is interesting that the polarity of the pitch and yaw
impulses are always the same, independent of the roll
polarity. This would be the case if the positive and
negative roll jets have the same misalignment com-
ponents about the pitch (or yaw) axes.

It must be noted that there has never been a correla-
tion of a roll transient with a cosmic dust detector
micrometeorite event. However, this, along with the
foregoing discussion, does not rule out micrometeorites
as a cause for spacecraft particle generation. This
hypothesis postulates micrometeorites below the de-
tectable level. It does mean, though, that the micro-
meteorites hypothesis is not verifiable, even though it
stands as the most reasonable explanation for continuing
roll transients.



‘Table 18 lists all of the roll transients reported

throughout the mission.
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Control gas actuator subsystem. The gas-usage rate
throughout the mission was between 3 X 10-* and

Table 18. Roll transients observed

Date

Time, GMT

Event

November 29, 1964

November 30

December 2

4
5
7

14

17

26
31

Janvary 4, 1965
6
8
13
20

February 4
5
7

13:12:57

13:41:00

10:09:00
14:36:31

23:29
16:56

12:29:41

10:43
05:35:36

20:48:27

22:51
05:36:15

07:16:43

20:04:04
00:53:46

18:49:14
11:16:27
05:01:15
14:13:51

23:46:00

13:55
04:16
05:40:00

Roll acquisition fost, gyros on. Low-gate
violation.

A transient was noted in the roll position
telemetry. Not severe enough to cause the
loss of Canopus acquisition.

Canopus acquisition lost, gyros on.

Approximately 52 sec after the initiation
of the midcourse sequence, roll acquisi-
tion was lost and the spacecraft went into
roll search.

Roll transient.
Roll transient.

Canopus acquisition lost, gyros on.
Spacecraft in roll search.

Roll transient.

Gyros on, spacecraft in roll search during
one sample of the roll position channel.

Acquisition of the star ¥ Velorum lost,
gyros on. Reacquisition was immediate.

Roll transient.

Brightness transient noted on the
Canopus intensity channel. No loss of
acquisition occurred.

Acquisition of the star vy Velorum lost,
gyros on. Reacquisition of ¥ Velorum
was normal.

Roll transient.

Roll transient.

Roll transient.
Roll transient.
Roll transient.
Large roll transient.

Roll transient.

Roll transient.
Roll transient.

Large roll transient. Disturbances were
also seen in pifch and yaw.

Date Time, GMT Event
February 11, 1965| 06:58 A large roll transient was observed
coincident with science cover deploy-
ment and scan search initiation.
12 02:53:22 | Roll transient.
16 13:47:24 | Roll transient.
27 13:56 Roll transient.
March 11 04:47 Roll transient.

14 02:17 Roll transient.

18 01:03:50 | Roll transient.
April 7 11:10 Small roll transient.

n 06:18 Small roll transient.

15 09:55 Extremely small roll transient.

24 23:47 Roll transient.

June 9 11:41:05 | A vigorous roll transient was observed
coincident with a large change in
Canopus brightness and a visible impulse
on the spacecraft yaw axis.

10 19:54 Small roll transient.

1 15:40 A roll transient was observed coincident
with slight impulses in the pitch and
yaw axes.

12 08:49 Small roll transient.

14 15:53 Roll transient.

16 11:38 Small roll transient.

19 04:50 Small roll transient.

27 07:14 Roll transient.

18:47 Roll transient.
July 3 09:56 Small roll transient.
5 09:27 Small roll transient.
6 03:10 Small roll transient.
12 05:40:56 | Small roli transient.
06:23:46 | Small roll transient.
August 4 03:32 Small roll transient.
l 03:42 Small roll transient.
16:17 Small roll transient.
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4 X 10~ 1b per day, indicating a probable total gas sys-
tem lifetime in excess of 4 yr from launch. The gas usage
rate is illustrated in Fig. 35.

During the flight it was noted that the minimum rate
increments that establish limit cycle performance were
about 200% in pitch and yaw, and 150% in roll,
of the design values. The attitude control gas system
operates in two modes: (1) steady state, where the
valves are activating longer than one second, and (2)
pulse mode, where the valves are activated for 20 msec.
Analysis of flight data indicates that in the steady state
mode the design acceleration was achieved from the
constant gas flow.

The pulse mode establishes the limit cycle rates by
generating 2 minimum impulse bit proportional to the
amount of gas expelled from the valve during one
20-msec pulse. The minimum rate increment was de-
signed to be that which is generated by a minimum
impulse bit obtained from 20 msec of steady state flow.
Actually the dynamic flow characteristic of the valve-
plenum chamber-nozzle system has been found to create
a gas flow about 30 times the steady state flow during
the first 3 msec of valve actuation. Analysis indicates
that this fully explains the observed rate increments for
all three axes.

h. Encounter operation. During the encounter period,
the only discernible attitude control activity was the
scan platform motion effect on the attitude control limit
cycle activity. This was expected and was used to verify
proper scan operation.
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Fig. 35. Attitude control gas usage
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No planetary effects upon the attitude control sub-
system operation were observed. No gravity gradient
torques, atmospheric torques, stray light reflections, or
radiation effects could be detected in the telemetry data.

3. Recommendations

a. Roll transient problem. The in-flight solution to
the roll transient problem was to disable the Canopus
sensor brightness gates. This was not without disad-
vantage, because the automatic reacquisition logic for
the attitude control subsystem is also disabled. Since the
high-brightness gate is required for initial acquisition
only®®, there is no reason that logic circuitry could not
be included to disable it automatically at gyro turn-off.
Whenever the gyros were off for cruise operation, the
high gate would be removed, therefore a bright flash
would not start a roll search, yet all of the other auto-
matic features of the subsystem would still be enabled.

b. Solar pressure vanes. From the beginning of the
flight, it has been noted that the damping mode, as de-
signed for the Mariner spacecraft, is not effective for
attitude control. It appears that a different design con-
cept such as active control would be required before
solar pressure damping could provide a practical means
of controlling spacecraft attitude.

The adaptive mode, however, has proved to be quite
adequate for its purpose. The basic problem in the
adaptive mode operation revolved around the extremely
slow response of the vanes, especially compared with
the rate of change of torques acting on the spacecraft. If
the Mariner damping mode is discarded, the step size
for the adaptive mode could be increased considerably'
and the offset torques would be rebalanced quickly,
providing more efficient operation.

c. Gas valve transient flow. No reliable method had
been developed at JPL before launch to measure the
minimum impulses required from the gas jets, hence,
the transient effect went unobserved until the flight.
Because this is a primary spacecraft system, some con-
siderable effort should be made to develop this capabil-
ity as a regular flight test operation.

One simple way to solve the transient effect in the
valve design would be to restrict the poppet valve
exhaust orifice such that it approaches the gas jet

5The only object brighter than Canopus in the sensor field of
view, during the flight, is the Earth at initial acquisition.

“To perhaps 1 deg.
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nozzle in area. This would diminish the transient flow
to the steady state level. Decreasing the minimum-on-
time is not practical, since the transient flow takes place
in the first few msec.

F. Pyrotechnics
1. Description

The Mariner pyrotechnics control assembly (PCA)
supplies power and performs switching for seven
functions:

. Pin retraction of eight solar panel latches
. Pin retraction on one science platform latch

. First start, PIPS motor

. Second start, PIPS motor

1
2
3
4, First stop, PIPS motor
5
6. Second stop, PIPS motor
7

. Solenoid release, science cover

The PCA receives 2.4-kc power from the bus, rectifies
this and charges capacitor banks. The energy in these
banks is switched upon command by solid-state switches
(silicon-controlled rectifiers or SCRs) to actuate pyro-
technic devices and the science cover solenoid release.

Telemetry measurements for in-flight monitoring of the
subsystem performance was limited to non-quantitative
event register indications. An indication of nominal cur-
rent being delivered to each squib bank during pyro-
technic firing and an indication of nominal voltage
appearing at the output to the solenoid during actuation
constituted the PCA flight engineering information.

2. Performance.

The subsystem performance appeared normal. PCA
events were received as expected.

Auxiliary events indicating squib firings were received
upon backup command for solar panel deployment. This
occurred during both Mariner III and Mariner IV
launches and was accepted as a normal condition result-
ing from solar panel pin puller squib shorts. A nominal-
voltage-to-solenoid event was received as a part of the
planetary encounter sequence. This indicated that one
channel of the redundant PCA was still nominally
charged and functioning at encounter.

Critical parameters such as capacitor bank voltage
and leakage currents of the SCRs and capacitor banks
were not available.

3. Recommendations

No specific recommendations are presented for this
subsystem as a result of the flight information. Various
recommendations relating to the results of ground test-
ing and considered design improvements have been
documented elsewhere.

G. Postinjection Propulsion Subsystem (PIPS)
1. Description
The system is a monopropellant-hydrazine, regulated-

gas-pressure-fed, constant-thrust rocket.

The principal system components are:

1. Nitrogen tank (3000 psia high-pressure gas
reservoir)

2. Pressure regulator for reducing fuel tank inlet pres-
sure to a constant 310 psia

3. Propellant tank and propellant bladder which con-
tains the hydrazine

4. Rocket engine

5. Explosive valves

Thrust initiation and termination are controlled by
explosive valves which fire simultaneously to initiate
nitrogen, propellant and oxidizer flow; and terminate
nitrogen and propellant flow. Ganged valves in parallel
are used for the two-start requirement. A 15-cc slug of
N.O, is injected for each of the two starts resulting in -
roughly, 1 sec of hypergolic bipropellant operation
which heats the catalyst bed so that monopropellant
decomposition can be sustained.

System design and operational philosophy is aimed at;
1. Maximizing reliability
2. Maximizing start and shutoff reproducibility

3. Minimizing preflight handling and spacecraft
interactions

4. Minimizing inflight electrical signals and sequencing

5. Minimizing number of system components

o1
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2. Performance

a. Trajectory-correction maneuver. Inflight telemetry
coverage of the Mariner IV PIPS has been excellent to
date. The reduced data for the nitrogen tank pressure,
propellant tank pressure, and oxidizer start cartridge
pressure are plotted in Fig. 36-38 respectively.

As depicted in Fig. 36, nitrogen tank pressure re-
mained constant up to the time of the postinjection
maneuver indicating a leak-tight system through boost
and during the 7-day pre-correction maneuver coast
period. This nominal nitrogen tank pressure would have
supported a maximum correction maneuver as limited
by the amount of fuel available, and resulted in a
maximum predicted velocity increment capability of
86.97 m/sec.
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Fig. 37. Propellant tank pressure
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Fig. 38. Oxidizer pressure

The propellant tank pressure, Fig. 37, and oxidizer
pressure, Fig. 38, maintained a constant pressure prior
to launch and up to the time of the correction maneuver.

Based on the pressure regulator setting for the
Mariner IV PIPS, and nominal engine performance at
the expected jet vane deflection, an engine vacuum
thrust of 49.40 Ibf was predicted. This thrust level along
with the velocity increment requirement of 16.70 m/sec
and a spacecraft weight of 574.74 lbm resulted in a
predicted motor burn time of 20.06 sec. From the dopp-
ler shift data acquired during the correction maneuver
and from the thrust chamber pressure transducer, motor
ignition and thrust termination were verified, the burn-
ing time being as predicted. Further verification of
normal PIPS operation during the trajectory-correction
maneuver is provided by the post-maneuver propellant
tank and nitrogen tank pressures and temperatures.
Using these data and premaneuver nitrogen and pro-
pellant tank pressures and temperatures, the delivered
velocity increment was calculated to be within 5% of
the commanded maneuver. It should be noted that this
discrepancy between the aforementioned calculated
velocity increment and the command increment
(16.70 m/sec) is well within the accuracy of the com-
putation and does not necessarily indicate an error in
the execution of the maneuver.

It is significant to note that because of the inclusion
of a timer shutoff mechanism in the Mariner spacecraft
a stringent total impulse predictability and reproduci-
bility requirement was placed on the PIPS. From the
data received, the propulsion subsystem performed very
well and within its design limits. In addition, the propul-
sion subsystem remained leak tight throughout the entire



mission, presenting no anomalous torques to the space-
craft, and provided a reliable second trajectory correc-
tion capability.

b. Diagnosis of abnormal conditions.

Trajectory-correction period. The rocket-motor
chamber-pressure transducer indicated a higher than
expected value and the propellant-tank pressure trans-
ducer indicated a lower than expected value. However,
by comparing the propellant tank pressure transducer
calibration curve against the TA test history data, non-
linearity in the region of operating pressure was appar-
ent. In addition, the motor chamber pressure transducer
was not pressure calibrated prior to flight.

Cruise period. On February 3, 1965 a pressure rise of
approximately 4 psi was noted in the fuel tank when all
other propulsion oriented pressures and temperatures
were dropping. This event was not totally unexpected.
A small amount of bladder/hydrazine incompatibility
was expected from past test history; however, in at-
tempting to explain the pressure rise the following three
cases were considered:

CaseI — Pressure leaking through the nitrogen ex-

plosive valve (shutoff)

Case II — Pressure that is locked up between the
nitrogen explosive valve and the regulator

Case III — Pressure rise due to hydrazine/bladder
incompatibility

Cases I and II were examined by calculating the leak
rates that would result in the indicated pressure rise.
These data were not conclusive because the very low
magnitude of the pressures involved is on the threshold
of the telemetry resolution.

In support of Case III several bladder tests were
initiated and the preliminary data indicated that
bladder/hydrazine incompatibility fits into the pattern
of the actual data very well. Since the life-test system
bladder test results were similar to the actual flight
conditions, an attempt was made to duplicate the de-
graded condition of the life-test bladder. Under con-
trolled conditions, a sample of bladder material was
subjected to the temperature/pressure profile of the life
test. At ambient temperature in excess of +100°F,
decomposition of hydrazine, caused by the sample
bladder, produced an appreciable rate of pressure in-
crease in the sample vessel. Since reaction rates such as
those obtained with this bladder/hydrazine combination
are known to be extremely temperature dependent, the
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effect on the system due to pressure rise is proportional
to the increase in the absolute value of the temperature.
For temperatures below +100°F the rate of decomposi-
tion falls off sharply. However, it should be noted that
even at room temperature, +70°F, a finite decompo-
sition occurs.

3. Recommendations

a. PIPS. It would be most desirable to develop a
completely compatible bladder for a system of this type
in future applications. Although the present bladder
design proved capable and in fact accomplished the
mission objectives, a totally compatible bladder would
be a necessity in more sophisticated propulsion systems.

A significant weight and reliability gain would be
realized by using a spontaneous catalyst ignition tech-
nique instead of the bipropellant ignition system pres-
ently used. Use of a spontaneous catalyst would also
provide for a multistart concept enhancing the present
two-start capability.

b. SPAC evaluation

1. The actual flight SPAC operations were, in general,
operated in a satisfactory manner; however, the
data simulation for test purposes could be improved
so that it would be more meaningful to propulsion
personnel,

2. Since the necessity for a certain amount of docu-
mentation is unavoidable, the repetition of inputs
should be kept to a minimum. Daily reports for
instance, during inflight cruise phase could be
reduced to a weekly report with daily reports made
on a verbal basis except during emergencies.

3. A direct line of verbal communication should be
established between the SPAC representatives and
the technicians that distribute the incoming data.
This would help resolve problems of data distri-
bution in a faster manner.

H. Temperature Control

1. Description

a. Temperature control subsystem. The temperature
control subsystem is comprised of all devices and design
features employed for the purpose of maintaining tem-
peratures within specified bounds for subassemblies,
assemblies, and components of the spacecraft. Included
hardware are louvers, radiation shields, surface coatings,
and thermal insulation. Design details influenced by
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temperature control requirements include component
placement, methods of attachment, structural material
and configuration where conduction is important, and
surface finish of structure components.

The Mariner Mars 1964 bus temperature-control de-
sign provides isolation from solar heating, minimum
internal resistance to radiative and conductive heat
transfer, and active control for all bays except II and IV.
Protection from the variable Sun input is provided by
a multiple layer aluminized mylar upper thermal shield.
Relatively uniform internal temperatures are obtained
by using good thermally conducting joints and structural
materials and by treating interior surfaces to produce
high emittances. Bimetallic-actuated variable-emittance
louvers reduce the temperature variations caused by
changes in solar heating and internal power dissipation.

External science and appendages are separately and
passively controlled by surface property selection, regu-
lation of conduction paths, and selective Sun shielding.
Conductive and/or radiative thermal coupling with the
actively controlled bus is provided where possible to
minimize both transient and long-term temperature
variations.

b. Absorptivity standard. The absorptivity standard
is an engineering experiment flown to enable the space-
craft temperature control designers to:

1. Measure the solar absorptance e, of four typical
spacecraft surfaces in real sunlight.

2. Measure the change or degradation of the surface
properties with time in space, and

3. Determine the effects of basing flight predictions
upon the temperatures measured during space
simulator testing.

The instrument works upon the principle of measuring
the temperature of an insulated flat plate normal to the
solar irradiation. The temperature measurement system is
designed to circumvent the possible 3°F inaccuracy of
the typical spacecraft thermister data. The time at which
a known temperature is reached is signalled rather than
telemetering a continuously varying temperature history.
The sensor system uses the mercury thread in special
thermometers to short out a series of resistances, pro-
viding large step change in the telemetry signal.

The four sample surfaces are: 1) ARF-2, a zinc oxide-
potassium silicate white paint; 2) Cat-a-lac black paint;
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3) aluminum silicone paint; and 4) polished aluminum.
The ARF-2 sample contains a black stripe to prevent
freezing of the thermometer mercury and the polished
aluminum sample contains an ARF-2 stripe to cool the
sample to a level compatible with the structural plastic.

2. Performance

Monitored temperatures remained within allowable
limits throughout flight. Flight temperatures were gen-
erally lower than pre-launch predictions because simu-
lator tests were conducted at higher solar intensities
than those seen in flight's. The transient behavior of the
spacecraft in flight was similar to that exhibited in
prelaunch testing.

The flight results indicated that the thermal design
succeeded and that all thermal control hardware func-
tioned as designed. Discrepancies between predictions
and flight data were attributable to an imperfect under-
standing of test data and spacecraft characteristics, not
to hardware degradation or malfunctions. Specifically,
louvers, thermal shields, and surface coatings used on
Mariner IV reliably fulfilled mission requirements. The
relatively small Earth-to-Mars temperature drop within
the bus provided confirmation of proper louver behavior.
The absence of unexplainable temperature anomalies
verified the proper operation of the temperature control
subsystem as a whole. Louver position indicators showed
only fair correlation with corresponding bay tempera-
tures, however.

a. Cruise temperatures. As shown in Table 19, initial
cruise temperatures were considerably lower than pre-
dicted on the basis of space simulator testing. Those
items most sensitive to the solar input had the largest
discrepancies. The ion chamber and associated electron-
ics were 30°F cooler than predicted; the magnetometer
sensor was 20°F cooler, and the solar panels were
15°F low.

Postlaunch checks in the JPL 25-ft space simulator
indicated that the spacecraft was probably tested at a
solar intensity 11% high at Earth cruise and 17% high
at Mars cruise. The absorptivity standard black and
gray samples agree with these findings, as do the solar
panel temperatures. The problem appears to have been
caused by improper calibration or interpretation of the
reference thermopile, but no significant source of ther-
mopile error has yet been discovered.

®Temperature histories are shown in detail in Appendix B.



Table 19. Flight temperature evaluation
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November Predicted | J ‘;';6 5 | Predicted D;,c Yoer” 20199?5' \Sperating
Channel Temperature measurement Eurﬂ’| cruise, EarthocFrunse, Mur; cruise, MarsocFrmse, Midc.ourse Plf:y.buck‘ I?miis,
°F °F maximum, | minimum, °f
°F °F
401 Bay | 76 89 60 62 88 54 1410 167
421 Bay II 4 85 41 46 94 33 3510 125
402 Bay 111 70 74 51 55 73 34 1410 122
423 Bay 1V 72 80 54 57 75 47 1410 167
404 Bay V 66 69 60 60 73 59 14 to 149
424 Crystal oscillator 72 77 69 69 74 68 14t0 167
405 Bay VI 71 75 70 73 73 69 1410 167
426 Bay VII 63 68 58 57 70 57 30to 131
407 Power regulator 95 106 83 87 114 77 1410 167
408 PIPS nitrogen tank 70 83 47 51 136 38 35t0 125
428 Battery 75 85 60 64 81 57 40 to 140
409 Solar panel 4A1 136 150 9 20 135 8 1010 175
429 Solar panel 4A5 136 150 11 20 134 9 10t0 175
410 Canopus sensor 60 62 52 51 68 49 010 100
430 Lower ring 63 69 55 56 72 53 —300 10 300
411 Scan actuator 4l 82 50 53 77 44 —30 to 200
431 Upper ring 87 104 46 52 109 37 —300 to 300
434 Upper thermal shield 223 268 82 110 221 80 — 200 to 300
435 Lower thermal shield —126 —95 -131 —105 —126 —131 —200 to 300
436 Tape recorder 68 Al 58 60 70 58 14 to 149
437 SPITS 37 46 14 26 39 9 —20+to0 122
418 Television 38 46 13 26 39 9 —4 10 104
438 Trapped-radiation detector 81 97 49 55 84 39 1410 122
419 lon chamber 70 100 —19 10 95 —-28° —22t0 158
439 Magnetometer 34 54 -35 -19 102 — 68 — 4010 131
217 PIPS fuel tank 72 80 49 52 84 39 3510125
218 Attitude control +X/—Y nitrogen tank 70 78 54 54 77 50 40 to 140
219 Attitude control —X/+Y nitrogen tank 7 76 51 53 76 45 4010 140
sCruise science off. bEstimated,
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The above discrepancy does not provide the whole
answer to incorrect flight temperature prediction, how-
ever, since different components indicated different
amounts of intensity mismatch. For example, the solar
panels, bus, and ion chamber results require 10, 20, and
30% reductions, respectively, to explain the flight re-
sults. After correcting for the solar intensity, however,
flight temperatures are within the expected prediction
accuracy. The remaining errors are associated with the
failure to correct for inherent space simulator limita-
tions, such as decollimation of the solar beam and
extraneous inputs of thermal radiation. The Mariner
flight data have resulted in an improved understanding
of these error sources.

b. Deviations from post-launch predictions. Correla-
tion of temperature-time predictions, based on initial
flight data and simulator test results, is generally good,
subject to the following considerations.

A flight anomaly, apparent on inspection of predicted
vs actual flight data, was that induced by incorrect
solar panel temperatures during simulator tests. The
dummy panels were forced to 150° and 0°F at Earth
and Mars, respectively. Corresponding flight tempera-
tures are 135° and 10°F. On the basis of these tests, the
Earth-to-Mars temperature drop was overestimated for
bays which have radiative inputs from the panels; these
are primarily odd-numbered bays. The resultant error
is small and conservative, but the requirement for care-
ful test interpretation is clear.

The magnetometer temperature gradually departed
from the predictions, as shown in Fig. 39. By encounter,
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Fig. 39. Magnetometer temperature
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the magnetometer was 6°F below the anticipated tem-
perature. This instrument had significant heat inputs
from both the Sun and internal power dissipation, and
a deficiency in either input could cause such a drop. The
playback mode turn-off of the magnetometer produced
a smaller temperature drop than experienced during
simulator tests, however; and this result gives a firm
indication of below normal power dissipation in the unit.

The lower thermal shield temperature was somewhat
lower than that observed during simulator tests, and the
temperature drop during flight was slightly less than
expected. These data indicate that a small heat input,
about 2% of a solar constant, to the bottom of the bus
existed during the simulator tests.

¢. Launch and maneuver transients. Launch tempera-
tures were sufficiently low to prevent overheating during
ascent, parking orbit, and Sun acquisition. The launch
azimuth resulted in a moderate thermal environment.
The spacecraft separation occurred in the shadow of the
Earth, and the Sun acquisition time was relatively short.
At Sun acquisition, the temperature of the Canopus
tracker (100°F upper limit) was 70°F. A shroud-off
verification was obtained during the parking orbit by
comparing the temperatures of two solar panels.

No constraint was placed on the trajectory-correction
maneuver for thermal reasons. The pitch turn selected
did not cause extreme solar inputs. A mild heating
transient was caused by the increased solar heating,
increased power dissipation, and motor burn. All tem-
peratures remained within acceptable limits. The mag-
netometer sensor heated more rapidly than expected;
the discrepancy stemmed from an oversimplified tran-
sient thermal analysis. Many of the maneuver events
were verified by observation of changes in spacecraft
temperature distribution. A qualitative confirmation by
temperature measurements was obtained for changes in
power distribution, extent and direction of pitch and
roll turns, and motor firing.

d. Thermal effects of internal power changes. Gyro
turn-ons during the early days of flight caused some
variation in bus temperatures, particularly in Bay VIL
Long term gyro operation caused a 10°F rise in temper-
ature in this bay.

Fifteen days after launch, the power amplificrs were
switched in the radio transmitter in Bay VI. The re-
sulting increase in power dissipation resulted in a 9°F
increase in the temperature of Bay VI and a general
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increase of 1°F in the bus temperature. These changes
were very nearly the same as experienced in pre-flight
space simulator tests.

The cover drop and battery charger turn-off on the
75th day of the flight combined to lower bus and scan
platform temperatures. Bay I dropped 5°F and cooled
adjacent bays slightly. The scan platform temperature
dropped 8°F due to the increase in unblocked radiation
area and the decreased heat input from the bus. Since
the Mars cruise temperature predictions were based
implicitly on a charger-off condition, the bus tempera-
tures after the turn-off were nearer the nominal values.

The slight rise in television temperature at the begin-
ning of the scan sequence coupled with the temperature
drop after television turn-off provided confirmation of
normal television power dissipation and of a normal
science cover drop. These data are in good agreement
with corresponding space simulator results.

e. Encounter and playback results. Encounter warm-
ing transients, Fig. 40, were similar to those experienced
during the cover drop exercise. The battery charger
turn-off earlier in flight resulted in more pronounced
temperature rises at encounter than occurred during
corresponding simulator tests.

Bus temperatures, particularly those in Bay III,
showed a sizable temperature drop during the playback
sequence due to the turn-off of cruise science. This drop
averaged about 1°F more than experienced in pre-flight
tests, probably because the louvers were more nearly
closed (and therefore less effective) in flight. The mag-
netometer temperature-drop was 12°F less than ex-
pected, which indicates that the power dissipation in
this sensor was less than had been assumed. A gradual
decrease in power consumption during the flight seems
likely. The ion chamber temperature transducer dropped

*The net power increase was greater in flight than in tests.
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off scale during playback which prevented an estimation
of this unit’s power consumption. Such an estimate
would have been very helpful in failure mode analysis.

Bus temperatures returned to their pre-playback levels
at the end of playback. This repeatability rules out
louver hysteresis caused by bearing friction.

f. Absorptivity standard. The absorptivity standard
has provided good information regarding the degrada-
tion of surfaces in space and the problems arising from
the testing in the JPL space simulator. The determina-
tion of e, in space has not been successful because the
radiation and conduction losses are too large. The ratio
of a, at any given step to the «, at the initial step is
plotted in Fig. 41.

One of the first results noticed was that the ARF-2
paint was yellowing or degrading at a rate much greater
than expected due to ultraviolet (UV) exposure. This
has continued at a pace about ten times as rapid as

measured during the development of this coating. Sub-
sequent ultraviolet exposure tests on ARF-2 samples
prepared at the same time as the flight surfaces show
rapid degradation, raising the question of the validity
of predicting a paint’s performance without additional
tests of samples prepared and applied by the user.

It was found that the wiring was reversed between
the Cat-a-lac black and aluminum silicone sample
sensors. The sensor idiosyncrasies made this deduction
concrete by mid-January 1965. This embarrassing prob-
lem probably is due to the cable harness being fabri-
cated to an obsolete drawing. Once this error was
discovered, the data for the Cat-a-lac black paint was
very consistent and predictable, showing negligible deg-
radation. On February 13, 1965 another interesting event
occurred when the black sample switched a month
prematurely. This was attributed to a design oversight.
The thermometers are insensitive to 100-g accelerations
when the mercury meniscus is within the capillary;
but, when the meniscus extends into the gas chamber, the
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thermometer is vulnerable to shocks. During the mid-
course maneuver, the sample temperature was such that
the mercury of the No. 4 thermometer was probably
advanced into the gas chamber and the accelerations of
the squibs and midcourse motor shook some mercury
loose, changing the calibration. Each sensor contains
four mercury thermometers in this sensor; the first three
thermometers overlap in the temperature range of 275
to 208°F, while the fourth thermometer spans 180
to 130°F.

The aluminum silicone paint had degraded more than
expected but the degree is uncertain due to sensor
calibration shifts.

The polished aluminum sample showed an early
degradation greater than that due to the ARF-2 stripe
alone. After the first two steps, the data paralleled the
degradation due to the stripe alone. This would indicate
that perhaps the metallic surface was vacuum cleaned
early in the flight and then did not further degrade. Two
P/FRs were written against the sample. The third (final)
step of the No. 3 thermometer never occurred and the
first step of the No. 4 thermometer occurred early. The
missing step is attributed to a broken thermometer and
the early step is due to the same design oversight
mentioned for the black sample.

The absorptivity standard showed that the space
simulator has solar simulation intensity problems as
well as spectral mismatch problems. Comparison of the
simulator test and flight data of the black and aluminum
silicone samples reveal that the simulator intensity was
10% higher than the simulator instrumentation said.
The a of the ARF-2 and polished aluminum for the
JPL solar simulation are respectively 37 and 9% greater
than for sunlight.

3. Recommendations

a. Temperature control subsystem. On the basis of
Mariner IV flight results, the following recommenda-
tions are made:

L. Future flights should include temperature trans-
ducers specifically located to aid in thermal data
analysis. On Mariner IV, for example, solar simu-
lator decollimation effects could have been eval-
uated with a transducer on the low-gain antenna;
transducers on the high-gain feed and plasma
probe would have provided valuable information
on the UV degradation of white paints.

2. A more conservative approach to the temperature
control of isolated components is recommended.
Small items such as the magnetometer are in-
herently sensitive to small changes in their thermal
balance. Contingency heater power or lightweight
active control devices should be considered for
such components in future missions.

3. Comprehensive and painstaking checkout of space
simulator facilities should be performed before
committing to a flight design based on test. Par-
ticular emphasis should be placed on the evalua-
tion of solar simulator performance and on the
detection of extraneous heat inputs from chamber
walls.

4. The use of temperature control surfaces subject to
degradation in flight should be avoided. Sunlit
white paints should be eliminated when possible
by the use of Sun shields and/or configuration
control.

5. Improved louver position indicators should be
developed.

6. Parametric tests should be performed to evaluate
the effects of changes from design thermal condi-
tions. Parameters of interest are internal power
dissipation, solar heat inputs, and radiation and
conduction coupling.

b. Absorptivity standard. The information gained
from the absorptivity standard has proved of much value
even though all objectives were not met. The following
recommendations are made:

1. An instrument, although perhaps not the present
absorptivity standard, to verify «, predictions and
to measure the degradation of surface properties
of new surface treatments would be of value on
future flights.

2. If the present instrument concept is to be used in
the future, the design should be improved to
reduce the heat leaks.

3. Type approval level tests on modified hardware
have shown that the unit is structurally over-
designed. A lighter, modified structure and a re-
design of certain components is recommended.

4. The temperature sensor system had problems but
was basically sound. The problems encountered in
flight can be easily remedied if this design concept
is used again.
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5. The use of mercury step thermometers to calibrate
resistance thermometers may be useful in other
design applications.

I. Data Automation Subsystem

A digital computer is required to provide a unified
electrical interface between the varied science instru-
ments and the spacecraft. On Mariner IV, this subsystem
was called the data automation subsystem (DAS). The
DAS automatically controls and synchronizes the data
gathering sequence of all science instruments and pro-
cesses and formats all the diversified science data into
a single, continuous bit stream of 1s and Os for the
telecommunications subsystem, with a separate bit
stream for the video storage subsystem.

The DAS sends and receives commands as required
by the spacecraft or mission profile, and processes
ground commands to the science instruments. All science
data is formatted and identified so that every bit is
unique and can be referenced to its source in time and
space.

1. Description

Each of the science instruments is sampled at a
different rate and in a different format. The data are
converted from the form presented by the instrument
such as serial, parallel, analog-to-digital conversion,
pulses which must be counted, etc., into a single, serial
bit stream which is transmitted to the spacecraft telem-
etry system for transmission to Earth. Some data are
submitted to the tape machine for recording and later
transmission to Earth. The only functions which bypass
the DAS (going from and to the science instruments
directly from the spacecraft), are the 2.4-kc power from
the power subsystem and the temperature measurements
which are performed by the data encoder. The DAS
receives commands from the spacecraft and issues com-
mands to the spacecraft, as required to perform the
science mission. The DAS provides identification infor-
mation to the data such that each block of data bits is
uniquely identified so that those science measurements
represented by any block of data may be placed in
time and thus in space through the knowledge of the
spacecraft trajectory. The DAS processes not only scien-
tific measurements, but also performs science subsystem
performance measurements to help in the engineering
evaluation of the science payload. Also, performance
data assist in the calibration of the science instruments
to provide confidence in the science data.
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The DAS weighs approximately 12 1b and requires a
maximum of 10.7 w. The system contains 11,021 electronic
components in a volume of approximately 380 in.?
(6 X 7Y% X 8% in.). The acceptable operating tempera-
ture range extends from —10° to +75°C. With a few
minor exceptions, all signals between the DAS and the
spacecraft or between the DAS and the science instru-
ments, are ac-coupled through transformers.

a. Real time DAS. The real time (RT) DAS is that
portion of the DAS which operates continuously. It is
turned on after launch and remains on until after the
Mars encounter. The RT DAS sequences the cruise
instruments and collects their data for transmission to
the data encoder and thence to Earth. The cruise in-
struments consist of the following: helium magnetom-
eter; plasma probe; ion chamber; cosmic dust detector;
trapped radiation detectors; cosmic ray telescope.

These instruments gather data in the near-Earth en-
vironment, in deep space (in the interplanetary environ-
ment), and in the near-Mars environment.

For the majority of the mission, the spacecraft telem-
etry system is in the Mode 2 or cruise mode. In this
condition, each spacecraft data frame contains 420 bits
of data and is composed of two portions: one portion
contains 140 bits of spacecraft engineering data from
the data encoder; the other portion contains 280 bits
from the data automation system. This is the science
portion of each frame. The DAS divides the 280 bits
into 10-bit segments so that there are 28 words in the
science portion of the format. The science instruments
do not necessarily require 10-bit words; some require
more, some less. Therefore, the 10-bit words are, in
some cases, combined or divided to provide the neces-
sary length data word for the appropriate measurements.

During the Mars encounter period when the NRT
DAS is operating, the real time (RT) DAS also sequences
the data gathering from the scan subsystem and the tele-
vision subsystem (except for video data). These data are
combined with the other cruise science data and, when
the telemetry switches to Mode 3, then all 420 bits of
each frame of data are used by science and contain
science data. The 280 bits originally transmitted remain
essentially the same, while the extra 140 bits contain the
scan and television information, along with additional
measurements of some of the cruise information.

Conversion of analog data to a digital format is one
of the prime functions of the DAS. For the helium
magnetometer, which has three axes (X, Y, and Z), the
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RT DAS performs three simultaneous A/D conversions.
Six unipolar analog-to-pulse width (A/PW) converters
are installed physically in the magnetometer. These
comprise three bipolar ADCs when operated in con-
junction with three 10-bit registers in the DAS. To
perform the conversion, the DAS sends a start pulse to
the A/PW converters in the magnetometer. This begins
the analog comparison. Simultaneously with the start
pulse, the DAS begins to count 55.5 kc into the three
DAS registers (the X, Y, and Z registers). When an
analog reference becomes equal to the input of mag-
netometer data, a stop-pulse is sent from the appropriate
converter to the corresponding DAS register. This pulse
stops the 55.5 ke count in the DAS counter-shift register.
It also determines the polarity of the conversion. This
polarity is indicated by the tenth bit in the DAS register;
0 indicating a positive conversion, 1 indicating a
negative conversion. The remaining nine bits contain the
binary number proportional to the analog signal which
was measured, 511 being full scale (binary all ones) and
equal to 6v.

After the three stop pulses, all three registers then
have data indicating the magnetic amplitude for three
axes. At the appropriate moment, the data are shifted
from the X register into the telemetry bit stream. Then
the Y register is shifted, and finally the Z register. In
this manner, the three analog-to-digital A/D conver-
sions are performed simultaneously, but the data flow
into the bit stream in a bit-by-bit fashion. Similar A/D
conversions are performed in the plasma probe instru-
ment, in the scan instrument, and in the television
instrument. In each of these cases, however, each con-
version is unipolar, leaving the tenth bit always zero.

The plasma probe has 72 steps in its sequence. The
DAS provides a stepping pulse to advance the next
level prior to each A/D conversion. The plasma probe
only requires one ADC. Similarly, the scan has only one
ADC; however, it has six different inputs to the converter.
These are switched with reed switches in the scan upon
command from the DAS prior to each A/D conversion.
The television operates essentially the same as the scan,
with one ADC having two inputs and switched by reed
switches as commanded by the DAS. The UV instrument
requires two ADCs with three inputs. One input is con-
nected to one ADC and the other two inputs are alter-
nately switched to the second converter upon command
of the DAS. This completes the analog-to-digital conver-
sion system of the RT DAS.

The particle instruments require a different technique
for data conversion. For the trapped radiation detector
the DAS provides a 20-bit counter. Each frame of 420
bits of science and engineering data requires 50.4 sec
to be transmitted at the cruise bit rate of 8% bits per
sec (bps). Thus, the frame period is 50.4 sec. There are
five trapped radiation detectors and one geiger tube
(which is associated with the ion chamber experiment).
Every eight DAS frames, one of the six detectors is
observed by the DAS through a gate which opens for
45 sec and allows the pulses for this interval to accumu-
late in a 20-bit counter. If this counter should count
high enough to place a one in the 20th stage, then a
divide-by-four pre-scaler is inserted into the count so
that the counter now becomes a 22-bit counter. After
the 45-sec gate has closed, the most significant ten bits
of the counter are parallel-dumped into the X shift
register of the DAS and are shifted out to the telemetry
bit stream. Then the second ten bits of the counter are
parallel-dumped into the X register and are shifted out
to the telemetry bit stream. Thus the telemetry bit
stream contains twenty bits in series indicating the
number of pulses from one of the detectors in a 45-sec
period. If the 20th bit is a 1, the data must be multiplied
by four and added to 2*, the original number of counts
which caused the 20th stage to shift to 1. Of the six
detectors, four are observed once in every eight DAS
frames. The other two detectors are each observed twice
during the eight-frame period.

The ion chamber is handled in a somewhat different
manner by the RT DAS. This is because there is usually
a larger period between pulses for the ion chamber
than for the other particle detectors. For instance,
during normal cruise the ion chamber may only pulse
once every 7 or 8 min, compared to several pulses per
sec for the trapped radiation detectors. Therefore, the
DAS accommodates the dual possibilities for the ion
chamber by measuring the time between pulses and/or
the total number of pulses occurring within each frame.
This is accomplished by one 10-bit counter in the DAS
which is divided into two portions. The first portion is
a 3-bit counter. This counts the number of pulses in a
frame, up to the maximum of seven. In the average
frame, the number of pulses in this counter will be either
0 or 1. The second portion of the counter consists of
six stages which count time from the beginning of the
frame until the first pulse occurs. A time pulse occurs
every ten bits of telemetry data, or every 12 sec at
815 bps. Therefore, each frame has a maximum possibil-
ity of 42 time pulses (equalling 50.4 sec) in this six-stage
counter. This would occur if no ion chamber pulses
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were counted. If the ion chamber did pulse during this
frame, a count would be noted in the first three bits of
the counter. The time of this pulse would be noted in
the second six bits of the counter because, when the
pulse arrives, the time count stops. Now, if an additional
pulse were to arrive, it would also be counted in the first
three bits while the time count would remain unchanged,
representing only the time of the first pulse. The same is
true for three pulses, four, five, and six. On the seventh
pulse, however, the time counter is reset and connected
as an overflow counter to the first three bits so that time
is lost, but now the measurement is performed by a single
nine-stage ion pulse counter. This is useful during a flare
period where the ion chamber pulses a large number of
times in a frame. Under these conditions, the precise
period between pulses is relatively unimportant com-
pared to the total number in a given frame. In this
manner, a total of 511 pulses can be counted. The tenth
bit in this counter is simply the indicator for whether
the six bits are time or overflow pulses from the basic
three-stage counter. A 0 indicates that the 6 bits are
time and a 1 indicates all 9 bits represent the total
number of counts from the ion chamber for this particu-
lar frame of 50.4 sec.

The cosmic ray telescope has two 10-bit registers
divided into several counters. However, the DAS treats
these as two 10-bit counters. To transfer the data from
the cosmic ray telescope to the DAS, the DAS selects
one of the two counters and transmits 111-kc pulses to
it while simultaneously counting the 11l-kc pulses in
one of the DAS registers. The cosmic ray telescope
counts the 111 k¢ in its counter. When this counter
reaches overflow, a stop pulse is sent to the DAS. The
DAS then stops sending 111-kc pulses and stops count-
ing, The DAS now has a number in its register which
is indicative of the number originally in the cosmic ray
telescope counter. This number, which is the data
complement, is now shifted bit-by-bit into the telemetry
data stream.

The remaining instrument in the cruise science com-
plement is the cosmic dust detector. This instrument has
two 8-bit output registers. The DAS makes a parallel
conversion from one of the cosmic dust registers into the
DAS X-register, i.e., eight wires carry eight bits simul-
taneously. This is initiated by the DAS dump command
and causes the cosmic dust detector to alternately select
one of its two registers. Thus it is seen that the RT DAS
is required to perform many types of data conversions.
This is required because of the varied design of the
instrument interfaces. In addition to all of the DAS data
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conditioning functions, the DAS also maintains a clock
which counts every bit, every word, and every frame up
to a maximum of 2,048 or 2. This counter overflows
approximately every 282 hr at 8% bps. At this time the
count starts over again and calibration signals are sent
to each of the instruments which require them: the
magnetometer, the cosmic dust detector, and the cosmic
ray telescope all use these calibrate signals to prove the
validity of the scientific data generated by these instru-
ments. The DAS clock frame count is shifted to the te-
lemetry bit stream to uniquely identify each frame of
data. The RT DAS also provides status information of
various spacecraft events pertaining to the science mis-
sion and a pseudonoise sequence at the beginning of each
frame to use as a reference starting point for the data.

b. NRT DAS. NRT DAS is dormant for the majority
of the mission. It is normally turned on a few hours
prior to Mars closest approach. At this time, the scan,
television, NRT DAS, and video storage subsystem are
all turned on and begin functioning. The NRT DAS is
completely independent of the RT, and vice versa. Each
has a separate power supply and sequencer. The NRT
primary function is to provide the sequencing for the
television recording portion of the encounter.

After turn-on, the NRT DAS begins issuing shutter
commands to the television every 48 sec. It issues stop-
tape commands to the video storage subsystem two times
in each 144-sec period. It also issues line start and stop
commands to the television, and A/D conversion com-
mands similar to those issued by the RT DAS. At 8%
bps, the telemetry bit rate, each bit period requires
120 msec. This is used as the sync for line start. That is,
each line of the television picture requires 120 msec to
record.

The NRT timing is derived from a crystal oscillator
which runs at 111 ke. This frequency is counted down
through a 15-stage counter to make a basic period of
115.2 msec. All the microsequencing in the NRT DAS
is performed in this period. The basic sync is the
telemetry bit sync. When a bit sync occurs, this 15-stage
counter begins to count. When it reaches 115.2 msec the
count is inhibited until the next bit sync pulse (which
occurs 4.8 msec later). Furthermore, each bit sync pulse
is counted in a nine-stage counter which counts up to
200. This makes up the 200 television lines. The output
of this counter is fed into a subframe counter which
counts each 24-sec period (200 television lines). The
subframe counter counts to six before recycling. Thus,
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an NRT frame is made up of 144 sec which are six 24-sec
periods, each 24-sec period being made up of two
hundred 120-msec periods, the 120-msec period being
the basic line rate. In the 144-sec NRT frame, a tele-
vision picture is recorded during the first 24-sec period;
during the third 24-sec period, a second picture is re-
corded, to make an overlapping pair.

Recording occurs at 10.7 ke, which is the rate of
transmission of data from the DAS to the video storage
subsystem. The television, however, must scan at a
high rate, with the result that the data from the tele-
vision to the DAS occurs at 83.3 ke. This mismatch of
data rates requires that the NRT DAS provide buffering
between television and video storage subsystem. This is
accomplished through the use of two 1320-bit buffers.
While one buffer is being loaded with information, the
second buffer is being read out to the video storage sub-
system. When the second buffer is empty, the first buffer
is read out to the video storage subsystem and the sec-
ond buffer is filled with new information. In this man-
ner the buffers transmit alternate television lines to the
video storage subsystem.

Each television line of information contains 1200 bits
of television data, derived from 200 elements with six
bits per element, for a total of 1200. In addition, the
DAS provides a 31-bit pseudonoise sequence to identify
the start of each line of data. Also provided are: four
bits for frame count to indicate of which picture pair
this line is a member, three bits for subframe count to
indicate which of the two pictures of the pair this line
is a member, nine bits for the line number count, three
bits for commutated digital television performance data,
one bit of RT information, ten bits of commutated analog

performance data, and an average of 23 spare bits at the
end of each line.

The various blocks of bits are dropped into the
buffer at various times within the 120-millisecond period.
They are generated at various rates; for instance, the
31-bit pseudonoise sequence is generated at 13.9 ke,
but the 1200 television bits are generated at 83.3 kc and
only take up 14.4 msec of the total 120-msec line period.
In addition to the 200 lines of television information
sent to the video storage subsystem, an extra buffer load
of information is sent at the beginning of each television
picture. This is required because 80 zeros must be sent
to the video storage subsystem to synchronize its timing
before proper recording can commence.

All sequencing of the television and the buffers and
the transmission of the data to the video storage subsys-

tem begins at power turn-on and continues throughout
the operation. The only function inhibited is the issuance
of start-tape commands. These commands are not issued
until the narrow-angle planet-in-view signals occur. Prior
to that time, in the nominal encounter sequence, the scan
system would have locked onto the planet and begun to
track it. When planet tracking commences, the scan sub-
system sends a wide-angle planet-in-view to the NRT
DAS. This causes the DAS to issue a switch-to-Mode 3
command to the data encoder, which in turn causes all
of the 420 RT telemetry bits to be allotted to the science
RT DAS.

Then, when the planet comes into the field of view
of the narrow-angle Mars gate and the television, these
instruments send a narrow-angle planet-in-view to the
NRT DAS. This initiates the NAS condition which in
turn causes the NAA condition. At NAS, a signal is sent
to the scan instrument, inhibiting any further motion.
That is, 400-cycle power is removed from the scan motor.

The condition of NAA allows the recording sequence
to start. Depending on the condition of the DAS clock,
the recording sequence will commence when the
clock reaches the appropriate point in timing after NAA
has occurred. When this time is reached, a start-tape
command is issued to the video storage subsystem. This
starts the record motor on the video storage subsystem,
which takes several seconds to reach record synchroniza-
tion speed. A shutter command is issued to the television
3.6 sec after the tape-start command. The television then
takes a picture which is retained in the vidicon. The
DAS then immediately sends a television line-start com-
mand which causes the television to scan one line of the
television picture. This information is loaded into the
buffer and then to the tape machine, as previously de-
scribed. After 24 sec and 200 lines, the first picture has
been recorded and a tape-stop command occurs to stop
the tape machine. Another start occurs 20.4 sec later.
Then, 3.6 sec later, the next shutter occurs, followed by
the next picture. Finally, 24 sec later, the stop-tape com-
mand occurs, followed by a 68.4-sec period before the
next start-tape command. Thus, in a 144-sec period, the
television has taken three pictures, two of which have
been recorded by the tape machine. This sequence is
repeated until one of the conditions required for termi-
nation of television recording occurs.

After the beginning of Picture 19, if the second end-
of-tape occurs, recording ceases; that is, the DAS will
not send any more start-tape commands. If the second
end-of-tape does not occur by the end of Picture 22,
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further recording is inhibited regardless of end-of-tape.
In addition to this mechanization of the DAS, the video
storage subsystem automatically stops itself and inhibits
further starts when it reaches the second end-of-tape. If
the second end-of-tape occurs during Pictures 19, 20, or
21, a switch-to-Mode 2 data command is immediately
sent to the data encoder. If the second end-of-tape occurs
during Picture 22, the switch-to-Mode 2 data command
is issued at the end of Picture 22. In either case, this
mode switch command causes the telemetry system to
be switched back to the condition of 280 bits for the
RT DAS and 140 bits for the engineering data encoder.
No further science events occur until the NRT DAS
and encounter instruments are turned off several hours
after Mars closest approach. Later, the RT DAS and
cruise instruments are turned off and the tape machine
commences the playback. This is essentially the end of
the mission for the science system and the DAS, al-
though the option exists after playback is complete, to
again turn on science and the RT DAS in the cruise
mode.

2. Performance

The DAS was designed to sequence the science in-
struments and to process science data into a format
suitable for RT telemetry and NRT recording. Every
DAS function has performed exactly as intended for the
entire mission and continues to operate in an exemplary
manner.

a. RT DAS. At the turn-on of science power after
launch, the DAS began operation, sequencing the RT
science instruments in their data gathering and then
processing this data from all of the various forms from
different instruments into a continuous, serial stream of
data to the telecommunications subsystem. Since that
turn-on, the RT DAS has functioned continuously, with
two short commanded interruptions, precisely correct,
without a single anomaly. Every bit of data produced
by every instrument was sent to telemetry at exactly the
correct instant in exactly the correct form.

In the more than 26,000,000 sec of operation during
Phase I of the Mariner IV mission, over 200,000,000 bits
of data have been processed by the RT DAS. One flip-
flop has changed state well over two trillion (2 X 102)
times without missing a beat. The system operated cor-

rectly from almost 32 to 80°F at various points in the
mission.

b. NRT DAS. The NRT DAS was operated three
times during the mission. It was first turned on for a
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short period at the science cover deployment exercise.
The correct operation at this time gave confidence that
encounter would be successful.

At Mars, the NRT DAS was turned on for the second
time, after five months of non-operation in space. Its
primary function was to sequence the TV system and,
through the use of buffers, to change the 83-kc TV data
to 10.7-kc data for the tape machine and to synchronize
the tape machine recordings in proper sequence. In
addition, the NRT DAS had to generate identification
information and interleave TV engineering data and RT
science data with the TV picture data transmitted to the
tape machine. Furthermore, the initiation and cessation
of the recording sequence and the switching of telemetry
modes was controlled by the NRT DAS. Table 20 lists
the encounter event times as determined from DAS data
to the best possible accuracy. These times are all
referenced to TTY print times (except command initiate
times), so that, to be absolutely correct, 0.3 sec of fixed
TTY delay should be subtracted from each time.

Every NRT function was performed exactly as de-
signed. Every goal was fulfilled, thus providing the first
pictures of Mars.

The only DAS events which could, even remotely, be
considered non-standard for the entire mission, were two
extra EOT events monitored through the RT data. These
events were, in all probability, noise spikes on the EOT
line. The DAS monitor flip-flop is quite sensitive and
noise pulses would trigger it just as full-sized EOT
pulses from the video storage subsystem would. The DAS
was performing exactly as designed in every aspect, even
when recording noise spikes. It is especially interesting
to note that, functionally, the DAS ignored the spikes,
even while monitoring them. It was purposely designed
to not act on any EOT pulse prior to the beginning of
Picture 19.

¢. TV haze calibration. The NRT DAS was turned on
for 4 hr, 14 min and 1.6 sec during the television calibra-
tion recording sequence on August 30, 1965. The first
shutter pulse occurred 20.3 sec after turn-on. Tele-
vision and DAS personnel computed time for the initia-
tion of DC-16 to cause the second recorded picture to be
taken through the red filter No. 2 in gain 01 (the mini-
mum possible gain under these conditions). This calcula-
tion was based on knowledge of the filter position at
turn-off at Mars encounter (green No. 2) and on the
period of NRT operation for the initial attempt on
August 21, 1965 (1 hr, 6 min, 14 sec), plus observation
of Mode 3 data to derive the RT/NRT relationship.
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Event Ground initiate Spacecraft Ground verify Uncertainty® RT frame Bit
DC-25 14:27:55 14:40:32.8 14:52:32.3 ~0.1+1.0 mn 273
MT-7 NA® 15:41:48.9 15:53:48.6 £0.3 sec 484 247
DC-24 17:10:18 17:22:55 17:34:55 =0.1+1.0 604 401
DC3 22:10:29 22:23:07 22:35:08 —=0.1+1.0 962 139
WAA (SPIV) NA 23:42:00.3 23:54:01.6 +10.8 sec 1056/0 100
NAS NA 00:16:50.1 00:28:51.5 +12.6 sec 41 295
NAA NA 00:17:21.1 00:29:22.5 0.1 sec 42 133
First start tape NA 00:18:29.6 00:30:31 +0.1 sec 43 284
No. 1 shutter NA 00:18:33.1 00:30:34.5 +0.1 sec 43 313
No. 2 shutter NA 00:19:21.1 00:31:22.5 *0.1 sec 44 293
No. 3 shutter NA 00:20:57.1 00:32:58.5 +0.1 sec 46 253
No. 4 shutter NA 00:21:45.1 00:33:46.5 +0.1 sec 47 233
First EOT event NA 00:22:30.3 00:34:31.7 +25.2 sec 48 190
No. 5 shutter NA 00:23:21.1 00:35:22.5 +0.1 sec 49 193
No. 6 shutter NA 00:24:09.1 00:36:10.5 %0.1 sec 50 173
DC-16 00:11:57 00:24:36 00:36:37 —0.1 +1.0 50 395
No. 7 shutter NA 00:25:45.1 00:37:46.5 +0.1 sec 52 133
No. 8 shutter NA 00:26:33.1 00:38:34.5 +0.1 sec 53 13
No. 9 shutter NA 00:28:09.1 00:40:10.5 +0.1 sec 55 73
Second EOT event NA 00:28:23.1 00:40:24.5 +25.2 sec 55 190
No. 10 shutter NA 00:28:57.1 00:40:58.5 +0.1 sec 56 53
No. 11 shutter NA 00:30:33.1 00:42:34.5 *0.1 sec 58 13
Third EOT event NA 00:30:54.3 00:42:55.7 +25.2 sec 58 190
No. 12 shutter NA 00:31:21.1 00:43:22.5 +0.1 sec 58 413
No. 13 shutter NA 00:32:57.1 00:44:58.6 +0.1 sec 60 373
No. 14 shutter NA 00:33:45.1 00:45:46.6 0.1 sec 61 353
No. 15 shutter NA 00:35:21.1 00:47:22.6 +0.1 sec 63 313
No. 16 shutter NA 00:36:09.1 00:48:10.6 +0.1 sec 64 293
No. 17 shutter NA 00:37:45.1 00:49:46.6 +0.1 sec 66 253
No. 18 shutter NA 00:38:33.1 00:50:34.6 +0.1 sec 67 233
No. 19 shutter NA 00:40:09.1 00:52:10.6 +0.1 sec 69 193
No. 20 shutter NA 00:40:57.1 00:52:58.6 +0.1 sec 70 173
End NAMGA NA 00:42:14.7 00:54:15.2 +25.2 sec Al 400

*Applies to Ground initiate when applicable; when Ground initiate is NA, Uncertainty opplies to S|

BNA, abbreviation for Not applicable

aft

P
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Table 20. DAS data times at encounter (cont’d)

Event Ground initiate Spacecraft Ground verify Uncertainty® RT frame Bit

No. 21 shutter NA 00:42:33.1 00:54:34.6 £0.1 sec 72 133
No. 22 shotter NA 00:43:21.1 00:55:22.6 +0.1 sec 73 113
Last stop tape NA 00:43:45.1 00:55:46.6 *0.1 sec 73 313
Switch to Mode 2 NA 00:43:45.1 00:55:46.6 +0.2 sec 73 313
DC-26 00:31:42 00:44:21.5 00:56:23.0 -0.1 +0.2 74 197
DC-2 (No. 1) 00:32:40 00:45:19.6 00:57:21.1 +0.3 sec 75 261
Telemetry lost NA 02:18:44 02:30:45.8 +1.0 sec 110 343
Enter occultation NA 02:19:11 02:31:12 NA m 148
Exit occultation NA 03:13:04 03:25:06 NA 175 209
MT-8 NA 05:01:49 05:13:52 +0.3 sec 304 404
MT-9 NA 11:41:49.8 11:53:53.3 +0.2 sec 781 68

*Applies to Ground initiate when applicable; when Ground initiate is NA, Uncertainty applies to Spacecraft column.

BNA, abbreviation for Not applicable

All events were precisely as predicted for this exer-
cise. Table 21 lists the event times as determined from
command initiation times and DAS data to the best
possible accuracy.

3. Recommendations

a. DAS. Every goal was achieved, considering the
constraints which were in effect during the design, fabri-
cation and testing of the DAS. Had different constraints
been in effect the program probably could have
achieved the same success with less effort and less cost.

b. SPAC. SPAC activities were satisfactory, particu-
larly after operations had been shifted so that all per-
formance analysis personnel were physically located
together. However, since operations in the future will
doubtless involve more persons, a need is felt for closer
operational ties between SPAC and SSAC. For example,
where SPAC and SSAC are separated, the science SPAC
representative should be supplemented by cognizant
individuals from each of the science subsystems. This
team would concentrate on the rapid analysis of science
instrument performance for dissemination to others in
SPAC and to SSAC. On the other hand, the SSAC oper-
ation might concentrate most heavily on analyzing the
data for its scientific implications. Implicit in this change
is the need for proper and sufficient additional output
devices to support this SPAC team. The scheme in use
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Table 21. TV haze calibration sequence events

Event In’iii.::e SP::;:"" Eurt’li‘“\‘l:rify Tolerance
DC-25 20:30:00 | 20:45:55.3 | 21:01:13.3 | +2sec —0
First shutter pulse 20:46:15.6 | 21:01:33.6 | 0.1 sec
DC-3 21:10:24 | 21:26:19.4 | 21:41:37.5 | +2sec —0
DC-24 22:48:33 | 23:04:28.6 | 23:19:47.0 | +2sec —0
PN of Frame 0 23:51:20.5 00:06:39.0 | —0.3 sec
DC-16 23:35:26 | 23:51:21.7 | 00:06:40.2 | +0.4sec —0
First start tape 23:52:36.0 | 00:07:54.5 | +0.1 sec
First recorded 23:52:39.6 | 00:07:58.1 | *0.1 sec
shutter (green
No. 2—00 gain)

End of tape No. 1 23:53:23.8 00:08:42.3 | *£25.2 sec
End of tape No. 2 00:05:09.4 | 00:20:27.9 | +25.2 sec
Switch to Mode 2 00:17:39.4 | 00:32:58.0 | +16.8 sec
DC-2 00:05:00 | 00:20:55.8 00:36:14.3 | +2 s;c -:0_
DC-26 00:44:00 | 00:59:56.0 | 01:15:14.9 | + I.ﬁ sec —0
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at present by SPAC seems appropriate. That is, a raw
printer giving data reducible to the science format and
a high speed printer displaying selected parameters for
each two subsystems. An effort of this magnitude is
necessary to guarantee the timely, comprehensive reports
required during critical mission phases.

J. Cosmic Ray Telescope

1. Description
a. Purpose

1. To detect and measure trapped corpuscular radia-
tion in the vicinity of Mars.

2. To measure the flux and energy of alpha particles
and protons as a function of position and time in
interplanetary space.

Figure 42 shows a block diagram of the cosmic ray
telescope and associated circuits leading to the develop-
ment of the 10-bit words which are read into the data
automation subsystem.

b. Function

Detectors. The complete detector system consists of
three solid-state surface-barrier detectors, D,, D,, and
D,, arranged as a telescope. The depletion depth of each
detector is 200 u. The area of D,y and D, is 2.38 cm?, and
of D, is 4.6 cm? The detectors are arranged so that the
half-angle of the cone of acceptance of the telescope is
20 deg, and the geometrical factor is approximately
0.3 cm?-ster. Absorbers are interposed between D, and
D, and between D, and D,. When an ionizing particle
passes through such a surface-barrier detector, the de-
tector puts out a pulse of charge whose size is propor-
tional to the energy lost by the particle in the depletion
layer of the detector. One ion-electron pair (equivalent
to 1.6 X 10-*® coulombs charge) is generated for every
3.5 electron volts (ev) of energy lost.

Calibration. For operation in flight and during space-
craft testing, a calibrate mode of instrument operation
is incorporated in the cosmic ray telescope. This utilizes
the permanent installation of low-level Am?4' alpha
particle sources in front of each of the three detectors.
These sources are encapsulated between two thin layers
of Mylar and have only enough energy to penetrate to
the detector on which they are mounted. In the data
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Fig. 42. Cosmic ray telescope block diagram
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mode of operation, therefore, they produce no coinci-
dence§ _or pulse-height analyses but only contribute to
the D,D, rate. In the CRT-calibrate mode of operation,
the coincidence circuits are disabled, allowing the indi-
vidual count rates on D, and D; to be recorded and
pulse height analysis of the D,D, events to proceed.

Amplifiers, discriminators, and pulse-height analyzers
(PHAs). A charge-sensitive preamplifier and an ampli-
fier is connected to each detector. A voltage pulse, pro-
portional to the charge collected from the detector, is
generated at the output of an amplifier. The amplifiers
connect to pulse height discriminators D,, D, D,, D,
and Dj, respectively. Discriminators D,, D{, D,, and D;
pass pulses only if the input to them exceeds a level
corresponding to an energy loss of 210 kev. The thresh-
old of D} is 400 kev. In addition, the amplifier associated
with detector D, connects to a height-to-time converter
which sorts pulses corresponding to energy losses be-
tween 210 kev and 52 Mev into one of 128 channels.

Logic circuits. The coincidence-anticoincidence logic
provides the following outputs: D, D,/D,, D{D,D,/D;,
and D!D,D,/D, in the normal/calibrate modes. These
three coincidence rates are recorded in different portions
of the 10-bit register II which is read out as Words B
and D. The D’D, rate is prescaled by 4 before being
recorded. One bit in register I (Words A and C) indicates
if one or more coincidences D{D,D; have been received
since the last readout. In the calibrate mode, the regis-
ters record the singles rated D{, D, and D; as shown.
In addition, the first double or triple coincidence after
register I is read out by the DAS opens a gate which
allows the height to time converter to analyze the pulse
from D, associated with the coincidence. Pulses are
provided to two indicator bits in register I which show
whether the coincidence analyzed was double D,D,D.,
triple D,D,D; or triple D,D,D{. In calibrate mode, the
PHA simply records the first pulse from D, without
coincidence.

Registers. Two 10-bit registers record the current rate
and pulse height analysis data as shown in Fig. 42.
The registers are read out alternately by the DAS. To
accomplish this, the DAS adds pulses to the register at
111 ke/sec until the register overflows. The DAS counts
the number of pulses required to produce an overflow.

The registers are cleared by readout, and the PHA logic
is reset.

Power converter. The power converter changes the

2400-cps spacecraft power into various dc voltages re-
quired by the detectors and electronics.
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2. Performance

The instrument performed well throughout Mission
Phase I of the Mariner IV interplanetary flight. Data
were obtained within the design objective of the instru-
ment for the counting rates, the PHA, and the calibrate
mode. The PHA peak shifted down three channels dur-
ing the first five or six weeks of flight, but after this
period of time no more shift was observed. The shift was
caused by a shift in a zener diode. This same shift in the
PHA has been observed on other cosmic ray telescope
instruments flown on other spacecraft by the University
of Chicago. However, this small shift in the PHA does
not affect the data.

3. Recommendations

Two design changes in the cosmic ray telescope would
improve the data output considerably. The first change
would add an anticoincidence shield to the instrument.
This shield is used to reject secondary particles pro-
duced in the spacecraft.

The D, rate Word 6 assigned to the cosmic ray tele-
scope overflowed approximately four times and Word
22 overflowed one time per readout. The second
change in the telescope would add sufficient binary
circuits to prevent the rate words from overflowing.

K. Cosmic Dust Detector
1. Description

a. Physical. The cosmic dust detector is a single
assembly containing a sensor plate mounted on the top
cover of an electronics chassis with a microphone
bonded to one side and penetration capacitors on both
sides, which provide measurements of dust particle
impacts by direct penetration, and microphonic tech-
niques. The instrument configuration aboard the space-
craft is such that the sensor is exposed to space, and
the electronics chassis is beneath the thermal blanket.

b. Functional. The sensor is an aluminum impact
plate, 0.030-in. thick, with a crystal acoustical transducer
bonded to one side. The transducer will detect acoustical
waves set up in the plate by impinging particles. Both
sides of the plate are coated with 15,000 X of non-
conducting material over which is evaporated a thin
film of aluminum. The impact plate-dielectric-aluminum
film combination on each side constitutes a penetration
detector in the form of a capacitor. With a static potential
applied across the capacitors and a limiting resistor, an
impacting particle which penetrates the dielectric will



produce a voltage pulse across the resistor, which in
turn will trigger the penetration circuitry. The films are
used on both sides of the impact plate to provide an
indication of the impacting particle’s incoming direc-
tion. Data from the capacitors are stored in a three-bit
binary accumulator. The microphone is the portion of
the sensor from which momentum analysis is derived.
The microphone output is amplified, rectified, and pulse
height to pulse width converted, with the resultant being
a direct indication of the impacting particle momentum.
The microphone is inhibited for 30 msec after a particle
impact, to allow for analysis of the particle. Thus, the

penetration capacitor and microphone data combine to
produce the following:

1. Particle momentum data (pulse-height analysis)

2. Particle incoming direction relative to the space-
craft

3. An accumulation of hits that may have occurred
during the readout period

4. Binary accumulation in the microphone non-
resetting hit accumulator

2. Performance

Shortly after launch, on November 28, 1964, bi-
directional impacts were noted in the cosmic dust data,
which continued until approximately 1730 GMT. System
test data had shown this to be the result of electro-
magnetic noise. Since the instrument at this time would
also be detecting acoustical creaking in the spacecraft
due to rapid temperature changes, and separation of
real hits from spacecraft generated noise would be
extremely difficult, it was concluded that instrument
operation under these conditions was normal.

On December 6, these fingerprints were again noted
in the data. They continued from approximately 0200
GMT on December 6 to 0400 GMT on December 7.
Investigation revealed that during this exact period, an
intermittent arc had developed in the plasma probe
high voltage supply. The events in the cosmic dust data
were in agreement with the plasma probe anomalies.

The thin film capacitor sensors failed to register a
dust particle impact during the first 146 days of flight
(through April 23, 1965). The assumptions were that the
films had failed or were damaged by impacts before
power turn-on. Hypervelocity firings were conducted at
Goddard Space Flight Center on the original backup
sensor using iron spheres. This sensor worked in a
satisfactory manner. It is the opinion of the experi-
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menter that the particles impacting the Mariner IV
sensor were most probably silicates, or cometary icy
fragments; and it is quite conceivable that the threshold
mass sensitivity of the films to these particles is one to
two orders of magnitude greater than for the iron
spheres. The microphone is sensitive to total mass only,
not particle composition or density.

On April 24, 1965, a film hit was recorded in coinci-
dence with a microphone event, indicating normal film
operation. The microphone PHA was saturated. Another
such coincidence was recorded on April 27. There are
two films on the sensor, one on each side, and each one
recorded a hit: the direct side was hit April 24; the
retro side on April 27. These two events were considered
to be real in view of the fact that they occurred during
the period of maximum flux experienced to that time;
and the microphone PHA was saturated, indicating par-
ticles of sufficient mass to activate the films.

3. Recommendations

Testing at Goddard Space Flight Center revealed that
impacts on the sensor with no power applied could
permanently short the penetration capacitors. On
Mariner 1V, during the period from shroud ejection to
science power on, there was no power applied to the
sensor. It is recommended on future flights, that a
keep-alive voltage be applied to the sensor when the
instrument power is off, to prevent the possibility of
permanently shorting the sensor capacitors.

L. Trapped Radiation Detector
1. Description

a. Physical. The trapped radiation detector consists
of three GM tubes, a solid-state proton detector, and a
power supply within a single magnesium chassis. The
electronics for the solid-state proton detector are con-
tained in a separate chassis within the main chassis.

The GM tubes are referred to as Detectors A, B, and
C, and are sensitive to electrons and protons within
given energy ranges, Table 22. The solid state proton
detector is referred to as Detector D or D, — D, (two
discrimination levels), and is sensitive to protons within
given energy ranges.

b. Functional

GM tubes. Detectors A, B, and C are EON type
6213 GM end window counters, which measure the total
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Table 22. Detector characteristics

Unidirectional Om.n idirec- . . .
Detec- . tional Particles to which Dynamic
tor geometric geometric sensitive range
factor factor
cm’ ster cm?
A 0.044 = 0.005| ~0.15 Electrons: From galactic
Eo > 45 kev cosmic ray
Protons: rate of 0.6
E, > 670 = 30 kev [ counts/sec to
10" counts/
sec
B 0.055 = 0.005| ~0.15 |Electrons: From galactic
E, > 45 kev cosmic ray
Protons: rate of 0.6
E, > 550 = 20 kev | counts/sec to)
10" counts/
sec
C 0.050 = 0.005| ~0.15 Electrons: From galactic
E, > 150 kev cosmic ray
Protons: rate of 0.6
Ep > 3.1 Mev counts/sec to
10" counts/
sec
D, |0.065 = 0.003 - Electrons: none From in-
Protons: flight source
0.50 < E, < 11 Mev| rate to 10°
counts/sec
D, |0.065 * 0.003 - Electrons: none From in-
Protons: flight source
0.88 < E, < 4.0 Mev| rate to 10°
counts/sec

number of charged particles passing through their sensi-
tive volumes. The sensitive volume of each tube is
shielded such that low energy particles can enter only
by passing through the window at the end of the tube.
By allowing for omnidirectional flux of higher energy
particles, a directional measurement can be made of the
low energy particles.

The windows of Detectors A and B are approximately
1.4 mgm/cm?® of mica, making the tubes sensitive to
electrons >40 kev and protons >500 kev. A shield
defines the angle through which the particles may enter
the window. This look angle is 60 deg and lies along
an axis that is 135 deg to the Sun-probe line for Detector
A, and 70 deg to the Sun—probe line for Detector B.

A visor is incorporated on the end of each tube

housing to protect the detectors from exposure to direct
sunlight during cruise.
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An aluminum foil of approximately 20 mg/cm?® is
placed behind the aperture on Detector C to increase
the energy threshold to 150 kev for electrons and 3 Mev
for protons. The look angle of 60 deg for Detector C is
along an axis 70 deg to the Sun—probe line. The shield
configuration is the same as that of Detectors A and B.

The GM counter outputs are shaped by means of
saturating current amplifiers before being sent to the
DAS.

Solid state Detector D, — D,. Detector D is a silicon
surface-barrier diode, having a thickness of 35 ., and
covered with a nickel foil, 0.242 mg/cm? of air equiva-
lent, to make it light tight. The detector, used as a two-
channel proton spectrometer, is capable of detecting
protons in a high electron field. Sensitivity to electrons
is minimized by: 1) making the detector too thin to
absorb energy from electrons, 2) setting the discrimina-
tion level much higher than the expected electron
energy loss and, 3) using delay line pulse clipping. The
energy discrimination levels are: 1) Channel D,, 500 kev
and 11 Mev and, 2) Channel D,, 880 kev and 4 Mev.
The look angle of Detector D is 60 deg and lies along
an axis 70 deg to the Sun—probe line.

The Detector D output is fed into a linear-charge
sensitive amplifier (preamplifier), which is followed by
a series of highly-stable negative-feedback voltage am-
plifiers (post amplifiers). The output of the second post
amplifier is fed in parallel to two more post amplifiers
having different voltage gains. The outputs of these
amplifiers are in turn transferred to two identical ampli-
tude discriminators with a common reference supply.
Gains of the post amplifiers are set to produce pulses at
the discriminators that correspond to the particles de-
tected. The discriminator reference supply is tempera-
ture compensated to keep the discrimination levels
constant.

2. Performance

Except for one period between February 5, 1965, and
March 5, 1965, the instrument performance was normal.

During the above-mentioned period there was an
increase in bad data points in the user program, which
was attributed to the reduction of low-gain antenna
signal strength. When the switch to the high-gain
antenna was completed, the problem disappeared.

The performance of the instrument was such that the
scientific aims were accomplished. These aims were:



" 1. The detection and preliminary measurements of
the intensity, composition and distribution of any
magnetically trapped particles (belts) in the vicinity
of Mars.

2. To study the occurrence of energetic particles in
interplanetary space, with reference to their iden-
tity, energy spectra, angular distribution with
respect to the Sun-probe line, and their time
histories.

M. lonization Chamber
1. Description

The ionization chamber experiment on the Mariner
Mars 1964 spacecraft employs two detectors, The first
detector is an integrating ion chamber of the quartz-
fiber electrometer variety. The quartz electrometer is
housed in a 5-in. diameter stainless steel sphere filled
with four atmospheres of argon gas. The second de-
tector is a conventional, halogen quenched GM tube,
Type 10311, which was procured from Radiation
Counter Laboratories. The GM tube is mounted in a
thin-walled shield of stainless steel 5 in. long and
approximately 34 in. in diameter.

The two detectors are mounted to a gold-plated
chassis which houses the high-voltage power supply and
the pulse amplifying and shaping electronics. To mini-
mize the effects of backscattering and shielding due to
the presence of the spacecraft, the detector package is
mounted part way up the cylindrical wave guide.

The quartz electrometer, housed within the ion
chamber sphere, consists of a quartz collector rod and
a thin quartz fiber that is separated from the rod by
approximately 0.02 in. The collector is coated with
Aquadag and the fiber is coated with a thin film of
metal. Although the collector is electrically isolated
from the fiber and sphere, it is normally positively
charged. This charge is produced by a +360 vdc
potential on the fiber, which induces a negative image
charge on the Aquadag surface of the collector near it.
As a result of this image charge, the fiber is attracted
to the collector and momentarily contacts it. During
contact electrons pass from the collector to the fiber.
When the electron exchange is completed, the fiber
springs back to its normal position leaving the rod
positively charged to +360 v.

When ionizing particles penetrate the sphere, the
gas within the chamber becomes ionized. The resulting
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positive ions are attracted to the grounded sphere while
the electrons are attracted to the collector and tend to
neutralize its positive charge. When the collector charge
is sufficiently neutralized, the image charge, as pre-
viously described, attains sufficient magnitude and the
fiber is pulled to the collector and finally contacts it.
A surge of electrons passes from the collector to the
fiber and through a load resistor. This current pulse is
amplified, shaped, and presented to the DAS. Each
output represents a fixed amount of charge collected
from the gas. Thus, the interval between pulses is
inversely proportional to the ionization rate.

The GM sensor comprises a glass tube encased
in a stainless steel cylinder. The anode consists of a
tungsten wire stretched along the axis of the tube while
the cathode consists of a thin, transparent, conductive
coating on the inner glass wall. A potential of approx-
imately 900 v is maintained between the electrodes.
Charged particles which penetrate both the steel shield
and the glass wall and enter into the sensitive volume
of the tube ionize the gas molecules. The high electric
field between the anode and the electrode accelerates
the dissociated ions and electrons. The electrons acceler-
ate rapidly due to their low mass and ionize other gas
molecules. The ultimate result of the avalanche effect
thus produced between electrodes is a momentary
current flow through an appropriate load resistor. The
resulting pulse is amplified, shaped, and delivered to
the DAS. One output pulse is generated for each
charged particle that penetrates the shield and enters
the sensitive region of the tube. Thus, the pulse rate is
directly proportional to the radiation flux.

Because of a judicious choice of GM tube shield
thickness, both the ionization chamber and the GM tube
detect particles of the same energy; ie., electrons of
energy greater than 0.5 Mev, protons of energy greater
than 10 Mev, and alpha particles of energy greater than
40 Mev are capable of penetrating the walls of either
detector. Both sensors have omnidirectional sensitivity.
The ionization chamber measures the average rate of
ionization and the GM tube measures the omnidirec-
tional flux.

The time between successive output pulses is the
important ionization chamber parameter to be mea-
sured, while in the case of the GM tube the number of
pulses per unit time is the parameter required. In both
cases the respective pulses are transmitted on separate
lines to the DAS for handling. The DAS measures the
time interval between the beginning of a frame and the
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arrival of an ion chamber output pulse in increments
of 1.2 sec or 0.3 sec, depending on the prevailing bit
rate. In addition, the number of ion chamber pulses per
frame is recorded. If the rate from the ion chamber
is one pulse per frame or less (the usual case in quiescent
space), the time between ion chamber output pulses can
be calculated. For more than one pulse per frame, the
exact time between pulses cannot be obtained, but the
number of pulses per frame is more significant at these
rates and is directly recorded. At rates of 7 or more
pulses per frame, all interval-timing bits are reset and
the entire ion chamber data word is devoted strictly to
counting pulses. An indicator bit is set by the eighth
pulse in any one frame and is useful in reducing the
data. In this mode the data register is capable of tab-
ulating as many as (2° — 1) pulses per frame. Ion cham-
ber data are read out once every frame.

The GM tube registers are capable of recording as
many as 5 X 2'° pulses per frame. When 19 bits of the
20-bit register are filled (2'° — 1 pulses per frame), the
next pulse triggers a change of tabulating mode. In-
coming GM tube pulses are then prescaled by a factor
of four before being recorded in the data register. The
change to the prescale mode is signalled by an indicator
bit to avoid ambiguity. Data from the GM tube are
commutated with data from other sensors and conse-
quently are read out only every fourth frame. Pulses
are accumulated for 45 sec or 11.25 sec at 8% and
3314 bits/sec respectively.

2. Performance

The Mariner IV ionization chamber performed nom-
inally through the first 70 days of the mission. During
this period, a profile of radiation intensity was faithfully
recorded by the instrument as the spacecraft passed
through each of the Van Allen belts, through the bound-
ary of the magnetosphere, and into the relatively stable
interplanetary region. Sixty-nine days after the mission
began, i.e., January 5, 1965, a solar flare occurred. Both
the ion chamber and the GM tube recorded peak ac-
tivity of the flare. As the flare subsided and the ion
chamber returned to the normal background level, the
GM tube indicated a slightly higher rate than expected
over the downward trend, leveling off at a value ap-
proximately 30% above the expected preflare level. On
the 84th day of the mission, February 20, after about
10 days of comparatively stable operation at this
slightly anomalous level, the GM tube rate rose sharply
from approximately 40 counts/sec to 18,000 counts/sec,
indicating a spontaneous, self-sustained discharge.
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On the 109th day of the mission, March 17, the GM
tube counting rate dropped to zero and the ion chamber
interval became infinite. No response from either sensor
has been observed since that time.

It is calculated that the GM tube had first failed (by
spontaneous discharge) after having counted approx-
imately 8 X 10° counts, i.e., after expending only 8%
of its rated 10" count life. In an attempt to understand
this phenomenon, ten tubes were taken from the batch
from which the flight tubes were selected. Seven tubes
were operated at various fixed count rates until such
time as each tube failed by continuous discharge. Three
tubes were exposed to the higher flux levels, but without
power applied. No significant shift in the voltage pla-
teaus of these latter tubes was observed.

The tentative conclusion from the results obtained was
that the total life-count of a tube depends upon the rate
at which the tube counts; the higher the count rate, the
more counts a tube will assimilate before the onset of
spontaneous discharge. Since each pulse is smaller at
higher rates, it is likely that the tubes fail by spontaneous
discharge after a certain amount of charge has passed
through them. It also appears that the tube selected for
Mariner IV may have been an especially short-lived tube
in spite of the excellent stability displayed in selection
tests and also in prelaunch systems tests. It appears that
any other tube in the batch would have had a life-count
capacity capable of completing the mission.

In an effort to understand the mechanism of the
failure mode, it was speculated that perhaps the quench
gas, a mixture of chlorine and silicon tetrafluoride, was
depleted. This would explain the sustained count rate
in the absence of sources. With this in mind, good tubes
and failed tubes were submitted to Chemistry Section
326 for analysis and comparison. Analysis of the filling
gas as performed by a mass spectrometer indicated no
significant differences between gas from good tubes
and gas from expended tubes. However, this test is
deemed inconclusive due to the poor sensitivity of the
available spectrometer. Gas samples have been sub-
mitted for further analysis and comparison on a spec-
trometer with improved sensitivity.

A darkening of the transparent cathode of the expired
tubes was noted as they were allowed to operate in the
spontaneous counting mode. Chemical analysis of
cathode washings showed chlorine, one of the quenching
gases, to be present on the cathodes of both good and
expired tubes.



The most significant and entirely unexpected finding
occurred when the tin oxide cathode of a blackened
tube was carefully scraped and the scrapings submitted
to spectrographic analysis. Tests showed a remarkable
72% (by weight) tungsten content. The mechanism for
tungsten transport from anode to cathode is not yet
fully understood.

The subsequent failure of the ion chamber portion of
the instrument on the spacecraft, accompanied by the
apparent simultaneous drop to zero in the GM tube rate
gave rise to speculation that perhaps the power supply,
which is common to both detectors, had failed or had
been shorted. This speculation was made more credible
in view of the tungsten transport phenomenon. It was
hypothesized that the anode was steadily weakened by
the emission of tungsten until electrostatic attraction by
the cathode was sufficient to break the anode. Further,
it was theorized that the slender anode might be at-
tracted to the cathode to the extent that physical contact
might be made, the ensuing arc providing the energy
necessary to weld the anode to the cathode, resulting
essentially in a short circuit of the power supply. In
order to provide a method of quickly testing the hy-
pothesis, it was necessary to find a means of severing
the anode of the tube while the tube was counting
normally under applied high voltage. To accomplish
this feat, a good tube was mounted to the breadboard
circuit. By means of optical lenses, the beam from a
ruby laser was focused through the glass envelope of
the tube onto the anode. The laser was pulsed, with the
tube in normal counting operation and powered by the
breadboard ion chamber circuit. The anode burned in
two and the energized segment was attracted to the
cathode as postulated. However, welding of the anode
to the cathode did not occur immediately, but required
a period of approximately 40 min, during which time the
arcing between the electrodes was visible through the
glass tube. A possible reason why the welding was not
instantaneous in this case, but may have been instan-
taneous with the unit in space, was that burning the
anode in half resulted in the formation of a small ball
of tungsten on the melted ends of the anode. The addi-
tional mass of tungsten, slightly larger than the diameter
of the anode wire, might be expected to require con-
siderably more energy for welding than an anode wire
eroded to the breaking point by tungsten emission. Also,
an eroded wire might have significantly less restoring
force to counter the electrostatic attraction.

Additional evidence supporting the shorted power
supply hypothesis was later obtained. Three failed tubes
functioning in their spontaneous discharge modes were
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successively operated on the breadboard circuit until
output from the tubes ceased. In all three cases when
each tube finally quit producing the spontaneous output
pulses, it was noted that the filaments had broken. In
two of the tubes, the anode was observed to have been
instantaneously welded to the cathode, resulting in a
short circuit of the power supply. The third tube proved
to have an open circuit within the tube. This occurred
because the break in the anode was located so close to
the glass feed-through sheath as to provide insufficient
length for the energized segment of the broken anode
to reach the cathode.

Further evidence for the postulated failure mode
occurred when the life-test unit failed in a manner much
the same as the Mariner IV instrument. Output of the
GM tube dropped to zero after a count-rate profile and
a time interval comparable to that of the spacecraft
instrument. Simultaneously, the test voltages at all
monitor points dropped in a manner that suggested a
shorted supply. However, the ion chamber sensor con-
tinued to function with only slight increase in the ex-
pected period as opposed to the immediate failure of
the chamber in space. This apparent discrepancy in the
failure modes seems to have been first resolved by
subsequent tests on the breadboard circuit. Breadboard
tests based on the assumption that the power supply is
shorted through the GM tube indicated that, if the life
test unit (operating at ambient room temperature) were
subjected to cold temperatures comparable to those
experienced by the unit in space, the high voltage
would decrease to a value below the ion chamber puls-
ing threshold. This assumption was verified by sub-
jecting the life test unit to low temperatures, in vacuum,
after life tests were completed. The ion chamber ceased
operation at —14°F.

Early in the failure investigation there was one bit of
evidence that seemed to contradict the proposed failure
mode. Based on tests performed on the breadboard it
was calculated that, if a short occurred in the GM tube
as postulated, the step function increase in power dissi-
pated by the instrument would probably be detectable
in the instrument’s thermal performance. A review of
thermal data from the Mariner IV instrument during
the time in question did not indicate any obvious change
in dissipated power. However, the apparent discrepancy
was resolved during tests performed on the life test unit,
in thermal vacuum, after life tests were completed.
These tests revealed an increase in power dissipation of
only 100 mw when the GM tube was shorted. This
resulted in a temperature increase of less than 3°F, a
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change small enough to challenge the resolving power
of the thermal measuring system. Based on this test,
personnel from the thermal control area feel that the
flight temperature data received during failure are not
inconsistent with the postulated failure mode.

Finally, after all pertinent tests were completed on
the life-test unit, the failed GM tube was removed
from the instrument for observation. Inspection of the
tube revealed a broken anode, the end of which made
physical contact with the blackened cathode.

3. Recommendations

The Type 10311 GM tube was originally chosen be-
cause it was the only tube commercially available which
had the proper geometric factor and wall thickness, and
was constructed of nonmagnetic materials. Other GM
tubes recently made available commercially should be
evaluated for potential use in future missions.

The problem of determining the total life-count
capability of a given tube early in its life should be
investigated. This problem might prove to be as simple
as ensuring proper quality control during fabrication
and filling of the tube.

In the area of circuit design, when two or more
sensors operate from the same power supply, the design
should preclude the possibility of a short circuit in either
detector affecting the operation of the other, no matter
how remote the possibility of a short may appear.

Finally, the necessity for completing life testing of
flight hardware early in the program, and certainly
before launch, has been demonstrated by the experi-
ence derived from Mariner IV.

N. Planetary Scan Subsystem

This section describes the planetary scan subsystem
performance in flight. To relate the performance to the
various operations, a brief description of the subsystem
operation is included. The subsystem was energized
three times throughout the flight. It was first energized
on February 11, 1965 during the science cover deploy-
ment sequence, then during the 9-hr planet encounter
period on July 14, 1965, and finally during the television
haze calibration August 2, 1965. Subsystem performance
analysis is made on the various devices having unique
engineering characteristics. In spite of their superficially
unreliable appearances, these devices have proven to be
reliable in operation. These devices with their unique
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physical and performance characteristics should be a.p-
plicable to the design of future systems.

1. Description

The planetary scan subsystem was designed and de-
veloped to support the planet encounter activities
during the 9-hr period prior to the television picture-
taking sequence. Its primary function was to orient the
television camera correctly for picture taking.

The original operational sequence and the various
functions designed into the subsystem were as follows:

a. Searching operation. When power to the encounter
instruments is turned on by either the on-board CC&S
function MT-7 or the Earth-based command DC-25, the
scan subsystem enters into a planet searching operation.
Since the television is mounted on a platform which
rotates about the roll axis of the spacecraft, the sub-
system drives the platform back and forth through
180 deg of arc searching for the planet at a rate of
0.5 deg/sec. This scanning provides planet searching
motion in one direction while the motion of the space-
craft provides planet searching motion approximately
perpendicular to the scanning plane. Limit switches
actuate scan reversals when the platform completes each
of the 180-deg rotations. To provide redundancy, two
switches connected in parallel and operated in series
are incorporated at each of the two scan reversal limits.

b. Tracking operation. Mounted on the platform and
bore-sighted with the television is a wide-angle planet
sensor. This sensor, which has a 50-deg circular field
of view, detects the presence of the planet and senses
the position of the planet with respect to the spacecraft.
When the planet comes into the field of view of the
sensor, the subsystem generates a wide-angle planet-
in-view (PIV) signal and switches the subsystem to
planet tracking such that the television is oriented
toward the desired portion of the planet. When the
spacecraft reaches the proper position for picture taking,
a scan-inhibit signal is initiated by either the narrow-
angle Mars gate, which was also mounted on the plat-
form, or by the television system itself. This signal
indicates that the planet is in the television field of
view, stops the tracking motion, and initiates the picture
recording sequence.

At encounter on July 14, 1965, however, this automatic
planet tracking sequence was not exercised and the
platform was stopped at a predetermined position
through the use of the scan inhibit command DC-24.
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“c. Telemetry measurements. The wide-angle sensor
was constructed such that two differential voltage out-
puts, those from the X-axis and Y-axis, were formed
from the outputs of the sensor’s quadrants through a
resistor matrix. The scan platform motion affects the
X-axis output and this output was used as the error
signal for planet tracking. The spacecraft orbital motion
affected the Y-axis output which provided a telemetry
indication of planet brightness and the relative position
of the planet with respect to the spacecraft. The Y-axis
output, together with other data required for subsystem
performance evaluation, was telemetered back to Earth
in near real time. The various data channels and their
functions are shown in Table 23.

Table 23. Data channels and functions

DAS
Channel channel Function
number

Scan position No. 1 21 indicates the pointing direction of the
platform.

Y-axis output 29 Indicates the brightness and relative
position of planet.

Calibration signal 36 For calibration of scan position data
and for indicating proper operation of
electronic power supply.

Detector temperature 37 Indicates temperature and pressure in

and scan actuator alternate data frames.

pressure

Transformer-rectifier 40 For calibration of scan position data

voltage and for indicating proper operation of
electronic power supply.

Scan position No. 2 42 Indicates the p g direction of the
platform.

2. Performance

a. Science cover deployment exercise. The first block
of subsystem flight performance data was obtained
during the science cover deployment sequence on
February 11, 1965, seventy-five days after launch. The
scan subsystem responded properly to DC-25, the
encounter science power-on command, by immediately
entering the search mode. The correct initial search
direction was obtained and the subsystem made a total
of ten search cycles. Analysis of the received data indi-

cated the subsystem was operating under the following
conditions:

1. All scan reversals were actuated by the primary
switches since each of the reversals occurred at the

proper limiting positions. The redundant or back-up
switches were not used.

2. All searching logic, including the microelectronic
integrated circuits operated properly and there
were no premature scan reversals due to improper
logic state changes.

3. The average searching time had decreased by 4 sec
per search cycle from the pre-launch scan period
of 717 sec per cycle.

4. The pressure readout indicated that the actuator
was operating under full pressure with an insig-
nificant amount of change over the prelaunch value
of 30 psia.

5. The subsystem sensor and optics operated at a
temperature of minus 3°C as compared to the
operating temperature of 0°C for the neighboring
instrument, the television optics assembly.

The Y-axis output indicated that no objects having
radiation energy of 1.0pw or greater in the integrated
spectral range of 0.5 to 1.1 u were observed by the wide
angle sensor. The numerical value of this output re-
mained constant at a value corresponding to no signifi-
cant input.

At that time, it was decided to time the scan inhibit
command, DC-24, to stop the scan motion. This oper-
ation was performed for two reasons:

1. To determine whether the platform could be
stopped accurately at a predetermined position, and

2. To stop the platform at a position which would
ensure the attainment of at least some television
pictures of Mars in the event of any later spacecraft
failure which would prevent platform motion at
encounter.

Accordingly, the time for the initiation of DC-24 was
calculated based on the desired television pointing
direction, in terms of spacecraft clock angle, and the
scan speed calculated from the data received for the
first six scan cycles. The command time was projected
four scan cycles ahead to allow for calculation time, the
various transmission delays and time for command
processing. Upon receiving DC-24, the platform stopped
0.72 deg away from the desired position.

The success of this platform positioning operation via
ground command led to the consideration of using
this method as another means of positioning the tele-
vision camera. Subsequent tests with the proof test
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model spacecraft indicated that it was possible to pre-
position the scan platform over a simulated communica-
tion range of 135 million miles with a positioning
accuracy of 1 deg. The performance of the scan sub-
system during the early science cover deployment
sequence is summarized in Table 24.

Table 24. Scan subsystem performance during
science cover deployment sequence

Prelaunch or Actual data
predicted value
Function
Engineer- Engineer-
(DN) ing units (DN) ing units
Average scan search time per 717.0 712.9
cycle, sec
Desired platform inhibit - 177.19
position, deg
Actual platform inhibit - 177.94
position, deg
Calibrate signal, v (85) 0.998 (85) 0.998
Transformer-rectifier voltage, v (417) 4.896 (417) 4.896
Sensor temperature, °C (318) -3.0
Actuator pressure, psia (143) 30 (146) 30
Y-axis output with no input, v (261) 3.064 (261) 3.064

b. Encounter. On July 15, 1965, the scan subsystem
responded to the DC-25 by initiating a planet searching
operation at 14:40:33 GMT at the spacecraft. The sub-
system began its search in the correct direction. To
evaluate the planet searching performance, a graph of
the platform position as a function of search time was
generated based on the received real-time flight data.
Analysis of the graph indicated that the subsystem was
operating properly under the following conditions:

1. The scan reversals occurred at the predicted
position as indicated by the magnitudes of the
position output voltage. Each of the reversals was
actuated by a primary switch.

2. The linearity of scan platform position as a function
of search time and the position output voltages at
the reversal points were within the specified limits.
Therefore, no corrections were required on the
established conversion table of scan position volt-

age to scan position in terms of spacecraft clock
angle.
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3. All searching logic, including the microelectronic
integrated circuits, operated properly and there
were no premature scan reversals due to improper
logic state changes.

4. The average searching time per cycle was within
14 sec of the rate calculated during the early science
cover deployment sequence.

5. The pressure readout indicated that the actuator
was operating at a pressure of about 26 psia, or a
decrease of 4 psi after some 8 mo of space travel.

6. The subsystem sensor and optics operated at a
temperature of minus 8.5°C.

The original encounter operating plan was revised
such that, operational and scan subsystem conditions
permitting, the scan platform inhibit command DC-24
would be used to pre-position the platform. The com-
mand initiation time was to be calculated to stop the
platform at a position for optimum pictures. The auto-
matic planet tracking sequence was to be used as the
backup operation in the event the pre-positioning could
not be exercised or failed to produce the intended
results. Because of the occultation experiment, the final
prelaunch trajectory change was such that the relative
value of television pictures with automatic planet track-
ing was not optimum.

Accordingly, a command initiation time was calcu-
lated based on the desired television pointing direction,
the calculated scan search speed averaged over the first
seven search cycles, the communication transmission
delay and command processing time. The initiation time
of DC-24, projected seven scan cycles ahead, was calcu-
lated to be 17:10:18 GMT for a desired inhibit position
of 179.19 deg in clock angle. The calculation was based
on the following selected parameters:

1. Average scan time per cycle = 713.4 sec

2. Communication transmission delay time for the last
frame of scan data used in the command time
calculation = 11 min 59.8 sec

3. Communication transmission delay time at time of
command initiation = 12 min 00.0 sec

4. Command processing time = 37.3 sec

5. Motor coastdown time = 0.2 sec

Upon receipt of DC-24, the scan platform motion was
inhibited at a clock angle of 17845 deg, or 0.72 deg
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away from the desired position. This positioning was
considered acceptable since the television pictures at
the actual inhibited position would have essentially the
same relative value as pictures taken at the desired
pointing position.

At 23:42:00 GMT at the spacecraft, the wide-angle
sensor detected the edge of the planet and the subsystem
initiated a planet-in-view signal. Twenty-three min later,
the planet came into the television camera field of view.
The Y-axis output, as the planet entered and swept
across the sensor field of view, varied in accordance
with the relative planet/spacecraft position and the
amount of radiant energy received. Figure 43 shows
the actual Y-axis output as a function of GMT (Curve A)
along with the calculated Y-axis output based on the
pre-encounter trajectory data (Curve B). Because of
the Y-axis amplifier feedback adjustment, the Y-axis out-
put was saturated part of the time and the Y-axis output
curve has been expanded through extrapolations and
calculations. Figure 43 illustrates that Curve B is located

to the left of Curve A, indicating that the planet entered
the wide-angle sensor field of view about 5 min earlier
than expected. This deviation is partially due to an error
in the prediction of the spacecraft arrival time and
partially due to error in the Y-axis output prediction
calculation. The performances of the scan subsystem
during the planet encounter period are summarized in
Table 25. For comparison, the data received during the
early science cover deployment sequence is also shown.

c. Television haze calibration exercise. The scan sub-
system was energized during the television haze cali-
bration sequence on August 8, 1965. The subsystem
operated properly throughout the sequence. Upon the
receipt of encounter science power resulting from
DC-25, the subsystem responded by initiating a planet
searching operation in the correct search direction. A
total of eleven search cycles was performed with each
reversal actuated by the primary limit switches. During
this time, the subsystem sensor and optics assembly was
operating at a temperature of —11.0°C as compared to
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Fig. 43. Scan subsystem Y-axis output at encounter

117



JPL TECHNICAL REPORT NO. 32-882

Table 25. Scan subsystem performance data

Data readout
Prelaunch . N Data readout
Function or predicted durn:gvs::cnco during planet
valve deployment encounter
Average scan time per 717.0 712.9 7134
cycle, sec
Desired platform inhibit - 177.19 179.19
position, deg
Actual platform inhibit - 177.94 178.45
position, deg
Calibration signal, v 0.998(85)" 0.998 (85) 0.998 (85)
Transformer-rectifier 4.896 (417) 4.896 (417) 4.896 (417)
voltage, v
Sensor temperature, °C —10°C for —3.0 (318) —8.5(351)
encounter
operation

Actuator pressure, psia 30 (143) 30 (146) 26 (187)
Y-axis output with no 3.064 (261) 3.064 (261) 3.076 (262)
input, v
No. of search cycle - 10 14
performed
sNumber in parenthesis indicates the Data Number.

—85°C at planet encounter. The Y-axis output re-
mained constant at a numerical value corresponding to
no significant input, i.., the Y-axis output indicated that
no objects having radiation energy of 1.0 uw or
greater in the integrated spectral range of 0.5 to 1.1 p
were observed by the wide-angle sensor. All other
signals were well within the specified and predicted
limits.

The initiation time for the scan inhibit command
(DC-24) was based on the flight data received for the
first four scan cycles and a one-way communication
delay time of 15 min 18.3 sec. The average searching
time per cycle was 713.5 sec, or 0.1 sec longer than that
calculated during the planet encounter sequence on
July 15, 1965. The calculated initiation time for DC-24,
projected seven scan cycles ahead, was 22:48:33 GMT
for a desired inhibit clock angle of 148.80 deg. Upon
receipt of DC-24, the scan platform motion was inhibited
at a clock angle of 148.43 deg, 0.37 deg from the desired
position.

d. Overall subsystem performance analysis. As men-
tioned, a graph of the platform position as a function
of planet search time was made to determine the subsys-
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tem planet search performance. Data of the first search
cycle on the graph indicated that the motor initiated the
search operation at a proper speed. This observation
revealed that the motor was driving a nominal starting
torque and no excessive bonding between the surfaces
of the platform shaft and spacecraft structure was ex-
perienced. Although the motor assembly pressure had
been reduced from 30 to 26 psi, the motor was con-
sidered operating in a suitable environment since the
assembly was designed to survive the 8-mo journey and
to operate at encounter even in a hard vacuum. The
pressurization was simply an added safety factor.

The subsystem sensor and optics assembly was oper-
ating at a temperature of —8.5°C as compared to the
predicted values of —10°C.

To simplify the design requirements of the electronic
amplification circuitry, the dc outputs of the sensor
were converted to ac signals by a pair of photomodu-
lators, each consisting of a pair of small neon lamps and
a matched pair of cadmium selenide photocells. Extreme
care had been taken in the mounting of the frail lamps.
For proper operation, the lamps and photocells were
housed in light-tight compartments. However, it was
known that neon lamps fail to fire properly when pulsed
in darkness, or after long periods in the non-conducting
state in darkness, because the time required for gas
ionization increases when the lamps are operating in
the dark. This ionization time was reduced by the addi-
tion of a radioactive substance to the gas of the lamps.
The apparent proper operation of the photomodulator
as indicated by Y-axis output provides evidence that
this method, along with its resultant advantages, can
be utilized reliably for low-level signal modulation.

To conserve weight, volume and power consumption,
microelectronic integrated networks were utilized in the
searching, tracking and planet-in-view logic circuits.
These networks were packaged in welded modules in
order to take advantage of their small, flat, packaging
dimensions. Since the various operations controlled by
these logic circuits occurred as anticipated, they have
amply demonstrated their suitability for utilization in cir-
cuits which must operate reliably in a space environment.

In addition to indicating the planet position, the
Y-axis output from the sensor was also used to determine
the amount of reflected solar energy received from the
planet. The Y-axis output as the planet swept across
the field of view of the sensor is shown in Fig. 43. The
data indicated that the sensor received 20 to 30% more
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ehergy than expected. Therefore, the calculated energy
level and the data used in the energy calculations must
be modified for use in designing future systems.

Although all the functions designed into the subsystem
were not exercised during planet encounter, the various
operations performed in flight coupled with the data
received during various ground and life-testing opera-
tions indicated that performance was at all times well
within the design tolerances.

O. Plasma Probe
1. Description

The plasma probe was designed to measure and
record the magnitudes of the positive-ion currents inter-
cepted by each of the three sectors of its current-
collecting electrode in each of 32 slightly-overlapping

energy windows that cover the range from 45 to 9370 ev
per unit charge.

A block diagram of the instrument is given in Fig. 44.
The principal subsystems include:

1. The high-voltage subsystem modulator, transformer,
multiplier, and voltage divider which supplies se-
lected magnitudes of square wave ac to a grid so
as to select the various energy windows.

2. The current measurement chain, including the
three current-collecting sectors with their individual
preamplifiers, of which any one or all three outputs
can be gated into the summing amplifier and sub-
sequent circuitry.

3. The calibration signal generator which produces
two standard dc currents that are gated periodically
into the three sector preamps.

| oas
SENSOR
THREE-SECTION|,, [PREAMPLIFIERS SUMMING BANDPASS |
FARADAY (THREE) AMPLIFIER FILTER
cuP |
CONTROL LOGIC <J—
READ
ANALOG-
égﬁéggs“s”l"c')% SYNCHRONOUS | |MEASUREMENT|  TO-PULSE- | COMMAND
™~ DETECTOR DIAMOND WIDTH
AMPLIFIER COMVERTER NALOS.
[ TO-PULSE-~
WIDTH
DATA
- 4-ke |
STANDARD OSCILLATOR
CALIBRATE AND CALIBRATE
SIGNAL DIVIDE-BY-2
NETWORK |
CONTROL CONTROL CONTROL |
LOGIC Y LOGIC LOGIC I
VOLTAGE HIGH- HIGH-
MULTIPLIER [ VOLTAGE | VOLTAGE - OONROL e ]L STEPPING
(x9) TRANSFORMER| | MODULATOR | PULSE
T t CONTROL LOGIC -
POWER
SUBSYSTEM
SELECTION POWER ‘_‘{__
ReGISTER [ CONTROL LOGIC CONVERTER | 2.4 ke

Fig. 44. Plasma probe block diagram
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4. The digital control circuitry which steps the
instrument through the proper sequence of mea-
surements. The complete measurement sequence
comprises 144 measurements, including:

a. Each of 32 energy windows on each of three
collector segments

b. Each of 32 energy windows with all segments
gated in

c. Two current calibration measurements on each
collector segment

d. The modulation voltage on the 27th energy
window

e. The modulation voltage on the 28th energy
window

f. Two temperature measurements

g. Six extra marker measurements.

2. Performance

The digital control section of the instrument ap-
parently operated faultlessly throughout the flight. It
executed its 144-step cycle 18,783 times before telem-
etry was terminated. There were no instances of stepping
errors that did not have demonstrable causes such as
spacecraft commands or (during one 24-hr period) high-
voltage arcs.

The calibration circuitry and the current measurement
chain appear to have operated in an entirely normal
manner and in agreement with prelaunch expectations.
This is attested by the great stability of the high-current
(3 X 10-° amp) calibration readings, which were repeat-
able within one or two numbers for long periods of time,
varying with changes in temperature in approximately
the predicted manner. The low-current (3 X 10-** amp)
calibration readings exhibited essentially the same be-
havior, although the readings deviated more from the

mean values because of proximity to the noise threshold
of the measurement chain.

The high-voltage modulation circuitry (exclusive of
the voltage divider) did not exhibit any detectable anom-
alies, and it is probable that it operated essentially as
intended. There is insufficient evidence for a positive
evaluation of its performance, however, for two reasons:

1. During the first 8 days of the mission, the two
voltage-calibration measurements were stable and
varied predictably with temperature, but as only
two of the 32 voltage levels were sampled, one can

120

only infer that the values of the other 30 were
approximately normal from the fact that the solar-
wind data obtained appears normal.

2. Failure of the high-voltage resistor in the voltage
divider eliminated the voltage calibrations during
the rest of the mission and so garbled the data that
even a fairly major drift of the high-voltage output
might be difficult to detect from the data. No
evidence for such a drift has been seen, and it is
clear that (excepting the resistor) no catastrophic
failure occurred in any portion of the instrument.

The voltage divider consists of two resistors in series:
R339, a 300-meg high-voltage resistor, and R342, a
499-kilohm 14-w resistor. Its two functions in the cir-
cuit are:

1. To supply to the calibrate circuitry a low voltage
that is proportional to the output of the voltage
multiplier, and

2. To discharge the capacitance of the multiplier be-
tween current readings.

The very long time constant for discharge of the
voltage multiplier after the large increase in resistance
pushed most of the readings up to an energy above that
of the solar wind and introduced considerable uncer-
tainty into the energy of all the readings.

From the data gathered between launch and resistor
failure November 28, 1964, and December 5, 1964,
significant information has been extracted. Velocity,
density, and flux have been calculated for most of the
1400 plasma spectra obtained, and calculations of tem-
perature and flow direction are in progress.

For the rest of the high-rate data, December 6, 1964,
to January 3, 1965, the situation was not encouraging.
The discharge time constant was such a large fraction
of the duration of the measurement cycle that very few
measurements showed any current at all except for one
day in mid-December when the solar-wind velocity was
exceptionally high.

During January, February, and March the data indi-
cated that, after the switch to low data rate, the dis-
charge time constant was short enough relative to the
interval between readings that most of the data from
the third sector sampled were taken at or near the
proper energy. It was therefore easily possible to re-
construct enough of the plasma spectrum to derive fairly
reliable estimates of the solar-wind velocity.



* Because the back resistance of the high-voltage diodes
in the multiplier was extremely temperature-sensitive,
the discharge time constant increased steadily with time
as the spacecraft cooled; sometime in March or April it
had become so long that no simple scheme of data
analysis was valid any more, and virtually no information
has been gleaned from this later data.

Although more careful investigation of the properties
of high-voltage resistors following the failure revealed
that they were not a good choice for the application in
which they were used, there is obviously a considerable
element of luck involved. This fact was demonstrated
by the two postlaunch life tests. The MC-4 plasma
electronics package was operated in vacuum at JPL for
approximately 5050 hr from December 27 to July 22.
The MC-0 electronics package was operated in vacuum
at MIT for 4690 hr ending on September 6. No change

in the properties of the resistor was apparent in either
test.

3. Recommendations

Apart from the resistor failure, for which the remedy
is obvious, the limitations of the plasma probe were
already clear before launch, but the schedule did not
permit further improvements. The limited sensitivity of
the probe is a major problem on which considerable
effort has been expended both at Massachusetts Institute
of Technology (MIT) and at JPL for future missions. The
noise level in the Mariner IV instrument makes current
readings below about 10-' amp unreliable. Improved
circuit design and more effective shielding between the
modulating grid and the collector can reduce the noise
level by a factor of five and hopefully even ten. The
uncertainty of the magnitude of the modulating voltage
on the various steps is the second major limitation; it
can be overcome in a straight-forward manner by in-
corporating a more complex sequence of voltage cali-
brations, as is being done in later versions of the probe.

P. Magnetometer

1. Description

The helium-vapor magnetometer uses the principle
that absorption of light by a cell containing helium gas
is a function of the angle between the ambient magnetic
field and the optic axis. The instrument was mechanized
with calibration circuitry which, by command from the
DAS, superimposed magnetic steps of —80, —40, +40,
and +80 gamma at the magnetometer sensor. This
sequence of steps allowed calibration of the combined
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instrument output through the DAS for periodic checks
of both linearity and scale factor. The cycle was initiated
at the beginning of each DAS sequence. The in-flight
calibration data indicated that both the instrument
linearity and scale factor remained stable throughout
the mission, and were identical to prelaunch calibration
of the instrument.

a. Sensor. The resultant light, after passage through
the helium absorption cell, is monitored for absorption
as a function of time by an infrared (IR) detector. The
detector output represents a measure of the field before
refinement. Surrounding the sensor is a tri-axial array
of Helmholtz coils which creates a sweeping magnetic
vector for comparison with the IR detector output.

b. Oscillator and phase shifter. The oscillator and
phase shifter produces two sinusoidal currents with a
phase angle of 90 deg between them. One current is
sent to the Z-axis Helmholtz coil and the other is com-
mutated between the X and Y axes of the coil system,
thereby creating a rotating field in either the X-Z or
Y-Z sweep planes.

¢. Commutator. The commutator switches the X and
Y components of the sweep field on alternate cycles
and synchronously switches the X and Y servo amplifiers.

d. RF power supply. The RF power supply is used to
maintain a flow discharge in the helium lamp to supply
resonant light and in the absorption cell, Fig. 45, to
maintain helium atoms in the metastable state,

e. Servo amplifiers. Each servo amplifier: 1) converts
the first harmonic component of the IR detector output
that is in phase with the corresponding component of
the sweep vector to a dc current and 2) nulls one com-
ponent of the external magnetic field by applying the
dc current to a Helmholtz coil.

f- Magnetometer outputs. The analog output of the
magnetometer is proportional to the nulling current for
each axis and is taken directly from the servo loop. The
analog signal is fed to analog-to-pulse-width converters,
and these converters are the interface with the DAS.

2. Performance

The performance of the magnetometer during all
phases of the mission was nominal; no anomalies were
observed in its performance. During the period before
Canopus acquisition, the magnetometer was successfully
used to assist in the determination of the spacecraft
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orientation, and during this roll period the X and Y
components of the spacecraft magnetic field were
determined.

The magnetometer was useful in establishing the time
that the gyros came on or went off, because it indicated
a shift of several DN whenever the gyros came on.

During periods of low interplanetary magnetic field
activity, there were periods in excess of half an hour
when there were no changes in the magnetometer out-
put, indicating that the noise level of the magnetometer
was well below the 0.7 y quantization limit of the DAS.
This low-noise behavior has been the best indicator of
good magnetometer performance and minimal degrada-
tion during the mission.

The instrument calibration remained steady during
the entire mission, indicating that there was no shift in
output scale factor or linearity from prelaunch calibration.
The inflight calibration steps were of sufficient ampli-
tude to exercise all six analog-to-pulse-width converters.

The performance of the instrument during and after
encounter was nominal; therefore, the results of the
planetary measurements can be accepted with confidence.

3. Recommendations

At the present time there is an advanced-development
program being conducted on the helium magnetometer
at JPL. By and large, the results of this program indicate
that the Mariner IV magnetometer sensor design was
nearly optimum. The areas for improvement are pri-
marily the optimization of the electronic design to
reduce weight and power and to increase noise per-
formance. Some improvements in mechanization and

qualification testing have also been suggested by life-
test results.

Q. Television Subsystem
1. Description

The television subsystem consists of a single camera
employing a narrow-angle telescope. The camera is a
shuttered system utilizing a slow-scan vidicon capable
of storing an image with negligible degradation for the
24-sec frame time. The subsystem will take and encode
two-color television pictures upon receipt of frame and
line start signals from the DAS.

I POWER

| SUBSYSTEM
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CONTROL
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Fig. 46. Television subsystem functional block diagram

A functional block diagram is shown in Fig. 46. A
more detailed block diagram showing circuitry blocks
is shown in Fig. 47. The subsystem is divided into eight
functional parts; a description of each follows.

a. Optics and Shutter. This part is the mechanical
assembly of the telescope and the combination shutter-
filter. The telescope is an f/8 Cassegrain with a 12-in.
effective focal length and a 1.05 by 1.05 deg field of
view. The shutter contains both shutter and filter
functions. This is accomplished by the use of a disk
containing four cutouts; two contain red filters and the
other two, green. These filters are introduced into the
light path by a rotating solenoid and remain until a
second current pulse energizes the solenoid. Eight such
pulses cause one complete rotation of the shutter filter
wheel.

b. Camera Head. The camera head contains the vidi-
con tube, preamplifier circuitry, 110-kc oscillator, and
filtering and distribution circuitry. The vidicon tube is
a photosensor and provides the electrical video signal.
The 110-ke oscillator provides vidicon beam modulation
which serves as a carrier for amplitude-modulated video
information. The video signal is amplified by the tuned
preamplifier. The filtering and distribution circuitry
provides filtering and distribution of the voltages re-
quired for operation of the vidicon tube.

c. Sweeps. This part consists of the horizontal and
vertical sweep circuitry and the 4-kc oscillator, The
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sweep circuitry provides the voltages necessary for
horizontal and vertical deflection of the vidicon beam
both during picture readout and when the vidicon target
is being erased and primed for the mnext picture. The
sweep voltages are adjusted to scan a 0.22 by 0.22-in. sq
area of the vidicon target. The 4-kc oscillator is gated on
during the interval between pictures and causes the
vertical sweep voltage to vary at that rate. This provides
erasure of the image on the vidicon target.

d. Camera control and computer. The gain control
computer circuitry, shutter control circuitry, G1 control
circuitry and planet acquisition circuitry are contained
in the camera control and computer, This circuitry per-
forms simple computer operations and provides control
of certain functions that affect the subsystem operation
and dynamic range. The video signal level is sampled
and video gain adjusted accordingly. The shutter ex-
posure time is decreased if the video signal exceeds a
preset level. The G1 control circuit regulates the amount
of vidicon beam current for readout, prime, and erase of
the vidicon target. The planet acquisition circuit pro-
vides a planet-in-view signal to the DAS when the video
signal exceeds a preset level.

e. Camera control logic. The camera control logic
consists of the external DAS command logic, divide-by-25
counter logic, frame control logic, and control logic gages
circuitry. These circuits provide logic control of all
camera timing functions such as shutter, picture readout,
target erase and prime, and varijous switching functions
necessary to the above. The control logic operates syn-
chronously from external frame and line timing infor-
mation received from the DAS.

f. Video channel. The video channel provides ampli-
fication, demodulation and dc clamping for the video
signal. This part consists of the RF amplifier and de-
tector and the video output amplifier. A feedback
channel is provided so that video gain control can be
exercised. The output from the video output amplifier
is directed to the television data encoder.

g. ADC. The television ADC provides A/D conversion
of the television picture data to 6 bits per picture-
element pulse-code-modulation (PCM) conversion. These
data are transferred to the DAS at an 83,333 bps rate.
The data output conditioner, accumulator and shift
register, analog-to-digital comparator and gates, 1 Mc
clock and gate, ramp generator, matrix, matrix buffers,
programmer and OSE buffers circuitry perform this
encoding function. In addition, A/PW conversions are
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performed on certain critical television performance
data and are coupled to the DAS by the A/PW con-
verter circuit. The line sync generator circuit reconstructs
line synchronization information and couples it to the
camera control logic.

h. Power supply. The power supply transforms the
2400-cps square wave power into the voltages, with
appropriate regulation, necessary to operate the tele-
vision subsystem.

The television subsystem provides several outputs:

1. PCM 83.3-kc data to the DAS; this is the digitized
video data.

2. Planet-in-view signal to the DAS; this signal
indicates the subsystem has received sufficient
illumination from a source or has received a planet-
in-view command from the DAS.

3. Multiplexed A/PW digital pulse output; this is an
analog-to-digital pulse width conversion for two
critical television parameters, signal voltage level
and GI readout voltage.

4. Digital status data; five digital bits are parallel dc
coupled to indicate the status of the video gain
control circuitry, color filter position, and shutter
exposure time.

2. Performance

a. Science cover deployment exercise. The television
instrument was turned on and operated three times
during the mission: during the science cover drop,
February 11, 1965; during the encounter, July 14; and
during the television haze calibration exercise performed
on August 30, 1965.

The command to deploy the science cover (DC-25)
also turned on the television subsystem. When the
switch to Mode 3 data was made, real time telemetry
data on the television subsystem was received. Reduc-
tion of the data from 60 frames in Mode 3 provided the
results shown in Table 26.

Word 41 data indicated proper alternation of the
filter position and also indicated the shutter was oper-
ating properly. The data indicated the shutter exposure
time was 200 msec and also that no planet-in-view signal
had been received nor generated. The gain control
computer remained inhibited in the minimum gain state
and the video level was less than 2 v. All these indications
were normal and expected for the cover drop operation.
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Table 26. Television subsystem performance data

Science cover
deployment Encounter
Parameter Prelaunch February July 14, 1965
10, 1965

TV G1 voltage —434 =02 |—434F02 |—434+02
(DAS word 31),
photometer mode, vdc
TV G1 voltage —46.4 = 0.2 —464 + 0.2
(DAS word 31), normal
mode, vdc
TV +10 voltage 9.57 + 0.01 9.50 + 0.01 9.51 = 0.0
(DAS word 39), vde

No anomalies were detected during the operation. The
turn-off of the TV subsystem was timed to ensure the
shutter was in a closed position.

b. Encounter. The TV subsystem was turned on by
DC-25 on July 14 for the encounter operation. The sub-
system operated for approximately 734 hr prior to the
switch to data Mode 3. Reduction of the data received
prior to NAA agreed with the February 10 data
(Table 26). It is known also from tests performed prior
to launch that the voltage measuring device varies an
order of magnitude more than the voltage. The measur-
ing device is also more temperature sensitive. Again, the
Word 41 data were as expected. The shutter filter indica-
tion was proper as were the exposure time of 200 msec,
the lack of a planet-in-view signal, less than 2 v of video
indication, and the minimum gain position of the
computer.

On Frame 41 (the DAS frame counter is reset con-
current with WAA) the Word 41 data indicated a tele-
vision planet-in-view. All other television data remained
the same. In testing and calibration prior to launch,
there was always an over-2-v-of-video indication before
the light intensity was high enough to cause a television
planet-in-view. It is therefore considered that the tele-
vision subsystem received the planet-in-view signal from
the DAS with the Mars gate as the originator.

In the next Frame No. 42, the data indicated an over-
2-v-of-video signal. In Frame No. 43, the voltage indica-
tion from Word 31 changed abruptly, which indicated
that the television had switched out of the photometer
mode to the normal mode (Table 26) and the inhibit was
released from the gain control computer. The computer
remained in the minimum gain state since the video
signal was large enough. The video signal, however, was

126

not large enough to cause the shutter exposure time to
switch to the backup 80 msec time. The recording of the
first picture was Frame No. 43.

The data remained the same with the filter color
alternating, until Frame No. 59. In this frame, the video
signal level indicated less than 2 v. In the next frame,
the indicator was again over 2 v. Frame No. 59 indicated
a green filter and the subsystem was designed such that
the gain would change after a green picture with less
than 2 v of video. The gain, however, did not change.
A close check of the time of Word 41 sampling indicated
it occurred during the time when the first six television
lines of a frame are blanked out. This condition had
occurred several times during systems tests. This was not
an anomaly or a problem.

The gain remained at minimum until Frame No. 68,
where it stepped up one level. In the previous frame,
the video signal was less than 2 v. The gain switched
again in Frame No. 70 and switc